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INTRODUCTION 
This document i s  Part I1 of a compilation of papers presented a t  
a USAF/NASA Conference on Lifting Manned Hypervelocity and Reentry 
Vehicles held a t  the Langley Research Center on April 11-14, 1960. 
This conference was held joint ly  by the U.S. A i r  Force and the National 
Aeronautics and Space Administration t o  provide industry and government 
agencies the most recent r e su l t s  of research and development a c t i v i t i e s  
re la t ing  t o  manned hypervelocity and reentry vehicles which have l i f t i n g  
capabili ty and a b i l i t y  t o  maneuver i n  the  atmosphere. The papers were 
presented by the A i r  Force, NASA, and the Dyna-Soar contractor, Boeing 
Airplane Company. 
v i i  
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INTRODUCTION 
By Brig. Gen. Homer A. I3oushey 
A s s t .  f o r  Advanced Technology, Deputy Chief of S t a f f ,  
Development Headquarters, U.S. A i r  Force 
The NASA papers t h a t  have been heard during the  past  2 days i l l u s -  
t r a t e  the  tremendous contribution of time and the  i r replacable  s c i e n t i f i c  
t a l e n t  t h a t  NASA has made t o  t h e  Dyna-Soar p ro jec t .  Not a l l  of them 
apply d i r e c t l y  t o  t h e  U.S. A i r  Force development; f o r  instance, it i s  not 
intended t h a t  the  A i r  Force Dyna-Soar vehicle operate at speeds higher 
than o r b i t a l  speed. The NASA work, however, along with t h e  more spec i f i c  
work of A i r  Force contractors,  form t h e  t heo re t i c a l  and technica l  ba s i s  
f o r  our fu tu re  development. 
It should be remembered t h a t  t he  NASA and t he  U.S. A i r  Force w i l l  
continue t o  pursue t he  ~y-na-soar development on a cooperative ba s i s .  A 
jo in t  memorandum of understanding signed i n  November of 1958 by D r .  T. Keith 
Glennan f o r  NASA and by General Thomas D. White f o r  t h e  A i r  Force says 
t h a t  t h e  A i r  Force w i l l  fund and manage the  Dyna-Soar development but  
with t he  advice and consultat ion of NASA. It i s  the  in tent ion of t h e  
A i r  Force t o  insure  f u l l  and au thor i t a t ive  NASA par t i c ipa t ion .  The memo- 
randum of understanding s t a t e s  t h a t  t h e  two par tners  w i l l  j o i n t l y  pa r t i c -  
i pa t e  i n  t he  t echn ica l  development t o  maximize the  vehicle capab i l i t i e s  
from both t he  military-system development and aeronautical-research view- 
points .  NASA has been represented i n  t he  Dyna-Soar Project  Office, and 
it i s  hoped t h a t  a s  act ive  development begins, t h i s  representa t ion w i l l  
be increased. 
The Dyna-Soar project  represents  t r u e  pioneering i n t o  a new and 
extremely promising f i e l d  of f l i g h t .  The A i r  Force i s  convinced t h a t  
many of i t s  fu tu re  systems w i l l  have t o  operate i n  space and fur ther-  
more t h a t  these  systems must and inevi tably  w i l l  include man. An essen- 
t i a l  ingredient  of these  systems w i l l  be some device t h a t  can re tu rn  
man from o r b i t a l  f l i g h t  i n  a routine,  nonadventurous manner t h a t  can be 
supported operationally.  The p i l o t  of t h e  re tu rn  vehicle must be able  
t o  control  h i s  r e tu rn  t o  ear th .  He  must have some freedom i n  choosing 
t he  time when he w i l l  i n i t i a t e  reen t ry  and he must have control  of t he  
point  at  which he w i l l  land.  Also, h i s  landing should be made without 
damage. It i s  t h i s  e s sen t i a l  capab i l i ty  t h a t  i s  sought i n  Dyna-Soar. 
In  achieving t h i s  goal, Dyna-Soar I must f i r s t  demonstrate s a t i s f ac to ry  
solut ions  t o  many design problems and must va l ida te  design assumptions 
i n  areas  such a s  aerodynamic heating and rad ia t ion  cooling. Dyna-Soar I 
w i l l  do t h i s  by researching t he  f l i g h t  corr idor .  
The Dyna-Soar project i s  a lso a pioneer i n  the management area. s 
It i s  the A i r  Force intention t o  par t ic ipate  i n  much greater d e t a i l  i n  
the management of t h i s  project than has been the practice i n  the recent 
past .  A project management, engineering, and contracting team i s  being 
created for  t h i s  purpose. e' 
There has been some controversy as  t o  the value of man i n  space. 
There are many tasks i n  which it can be imagined tha t  man's unique f l ex i -  
b i l i t y  and judgment might be applied. Proponents of ' the unmanned sys- 
tems w i l l  quickly point out the weight advantage tha t  they offer .  It 
i s  inconceivable, however, t ha t  our future i n  space w i l l  always be 
entruste? t o  machines. 
Jus t  as  the Wright Brothers i n  t h e i r  time could not imagine a i r -  
planes l i k e  the B-70 or modern j e t  transports, so it seems tha t  man 
today cannot imagine the extent t o  which space f l i g h t  w i l l  be used. 
The things tha t  can be done now are  r ig id ly  r e s t r i c t ed  by the thrus t  
and the  large cost of the boosters tha t  are  available. As the profi-  
ciency and knowledge i n  space grow, we w i l l  want t o  do more and more. 
Dyna-Soar i s  one of the steps toward tha t  future.  The A i r  Force s 
believes tha t  the Dyna-Soar development can now be begun with ample 
confidence. It i s  our intention t o  design, build, and f l y  a ful l -scale  
t e s t  system as  quickly as  the  detai led problems can be solved. 
DYNA-SOAR PROGRAM STATUS 
By Col. W. L. Moore, USAE' 
Wright Air Development Division 
This conference has thus f a r  been devoted t o  the presentation of 
r e su l t s  of generalized r e  search i n  a broad f i e l d  of l i f t i n g ,  manned, 
hypervelocity, and reentry vehicles. For the r e s t  of the conference, 
discussions w i l l  be focused on Dyna-Soar. This joint U. S. A i r  Force- 
NASA program i s  the embodiment of the general sc ien t i f ic  knowledge 
available t o  date i n  terms of a specif ic  system development e f fo r t .  
I n  order t o  se t  the stage f o r  the ensuing presentation of the engineering 
foundation derived from the Dyna-Soar program, a br ief  review w i l l  be 
given of the overal l  program objectives, the Dyna-Soar system require- 
ments, and the program status .  As i s  well known, considerable sc i en t i f i c  
thinking and in t e res t  were generated i n  boost glide and l i f t i n g  reentry 
by such projects a s  ROBO, BRASSBELL, BOMI, and WARDS. Many of the  
ideas and objectives of these programs were incorporated i n  the Dyna- 
Soar program, and i n  January 1958, a large section of industry was 
involved i n  preliminary proposals f o r  doing the job. In  July 1958, the 
competitive f i e l d  was narrowed t o  two companies - Martin and Boeing. 
This phase I competition continued through an A i r  Force-NASA source- 
selection evaluation which was completed i n  June 1959. For several 
reasons, the r e su l t s  of the source-selection ac t iv i ty  were not made 
known u n t i l  November 1959. Now, a t  t h i s  point the project i t s e l f  w i l l  
be discussed and subsequently fur ther  remarks a s  t o  i t s  s ta tus  w i l l  be 
made. 
The fundamental objective of the Dyna-Soar program i s  t o  establ ish 
a technological basis  f o r  the development of future mil i tary weapon 
systems. The part icular  nature of these future systems i s  not presently 
f u l l y  known. Considerable research e f fo r t  has already gone into the 
problem of space mil i tary application and w i l l  continue throughout the 
program. Dyna-Soar, a s  a mil i tary t e s t  system, w i l l  help c rys ta l l ize  
the mission character is t ics  of these future weapon systems. These 
future systems operating i n  the hypersonic and o rb i t a l  regimes should 
exploit  the inherent potent ial  of the atmosphere and the in t r ins i c  
capabili ty of man used i n  an act ive ro le  i n  the judgment and command 
loops. The desired technological basis, which i s  needed a s  a spring- 
board t o  achieve future mil i tary capabi l i t ies ,  has placed cer tain 3p- 
c i f i c  requirements on the nature of the  Dyna-Soar system, a s  fo l lme:  
(1) It must be piloted, The term "piloted" i s  used i n  opposition 
t o  "manned" t o  denote the act ive ro le  t h a t  the operator would play i n  
the operation of the system. 
( 2 )  Dyna-Soar must be capable of a controlled landing. This 
requirement stems from operational considerations - the  necessity t o  
return from orb i t  t o  touchdown on a routine basis .  
( 3 )  The system must be capable of exploring a suf f ic ien t ly  large 
spectrum of hypersonic regimes i n  order t o  provide data which can be 
extrapolated f o r  the design of future systems. 
( 4 )  Dyna-Soar must be maneuverable not only f o r  providing f l ex i -  
b i l i t y  of operation but a l so  a s  a corollary t o  i t s  data acquisit ion 
capabili ty.  
(5)  Dyna-Soar must be able t o  t e s t  mil i tary equipment and the man- 
machine relationship.  
( 6 )  Dvna-Soar must achieve o r b i t a l  c a ~ a b i l i t v  .
The last-mentioned item i s  underlined t o  separate the requirements 
l i s t e d  i n  items 1 t o  5, which are  i l l u s t r a t i v e  of what can be done now 
i n  terms of available booster capability, from tha t  of item 6, which 
w i l l  be done i n  the future when larger  boosters become available. 
The overal l  Qyna-Soar program can be viewed as  consisting of three 
major steps: 
( 1 )  Step I i s  the  development and t e s t  of the gl ider  i n  conjunction 
with a modified Titan ICBM. The t e s t  program i n  Step I would consist 
of, f i r s t ,  a i r  drops at Edwards A i r  Force Base, then ground launches on 
the Atlantic Missile Range, unmanned i n i t i a l l y ,  then manned. 
( 2 )  During Step 11, the same gl ider  boosted by a larger  booster 
would achieve global and o rb i t a l  f l i g h t .  A t  the end of Step 11, an 
interim operational capabili ty could be real ized through the use of 
available equipment. 
( 3 )  Step 111 i s  the development of a f u l l y  operational weapon 
system based on the technology derived from the Dyna-Soar program i n  
view of exis t ing mil i tary requirements. 
As of November 1959, the configuration shown as  f igu re .1  i s , t h e  one 
planned f o r  use i n  Dyna-Soar Step I. Shown i s  the Boeing gl ider  with a 
l i f t -drag  r a t i o  L/D of about 2 mounted on the modified version of the 
SM-68 Titan booster. The modifications consisted primarily of the f i n s  
for  s t a b i l i t y  and increased wall thickness t o  withstand increased 
bending moments caused by the,glider. 
The s ta tus  of Dyna-Soar since November i s  shown i n  the following 
tab le  : 
PROGRAM STATUS 
Program approved, November 1959 
Contractors selected, November 1959 
Boeing 
Mart i n  
Further study directed by USAF 
Phase Alpha 
Aero-Space vehicle panel briefed, December 2, 1959 
Dyna-Soar program 
Proposed Phase Alpha study 
Phase Alpha s tar ted,  December 11, 1959 
Aero-Space vehicle panel briefed, March 28, 1960 
Report study re su l t s  t o  A W ,  April  8, 1960 
After the three-step program was approved by Headquarters, U. S.  A i r  
Force, source-selection r e su l t s  were announced, Based on the prelimi- 
nary design competition between two teams of contractors, the Boeing 
Airplane Company w a s  selected i n  November 1959 as  the major contractor 
responsible f o r  the gl ider  and The Martin Company a s  the associate 
booster contractor. Then, i n  consonance with direction from Headquarters, 
USAF, a preliminary study phase, Phase Alpha of Step I, was i n i t i a t e d  on 
December 11, 1959, and was completed on March 11, 1960. Note tha t  the 
Aerospace Vehicle Panel of the Sc ient i f ic  Advisory Board was briefed 
concerning the Phase Alpha study before it began and then again a t  the 
end of March on the  study re su l t s .  The r e su l t s  of the study and a 
recommended program plan were presented t o  the Assistant Secretary f o r  
Research and Development April  8, 1960. The objectives of Phase Alpha 
are  as follows: 
(1) To ident i fy the technical problem areas associated with the 
development of Dyna- Soar. 
( 2 )  To formulate a systematic plan of a t tack t o  cope with these 
problem areas. 
(3 )  To define the developmental t e s t  program which would be 
required. Part icular  emphasis was placed on the areas of aerodynamics, 
structures,  and materials. 
I n  order t o  analyze these general problems i n  terms of required 
specifics, various system designs were studied with an assessment f o r  
each of the degree of technical r i s k  involved, the nature of the devel- 
opmental t e s t s  which would be required, the value of tha t  design with 
respect t o  the program objectives, and the time and cost of such pro- 
grams. On the basis  of these various system design studies, the best  
system approach could then be selected i n  terms of a general configu- 
ra t ion  and an associated program plan. The scope of the e f f o r t  com- 
pr is ing Phase Alpha i s  i l l u s t r a t ed  i n  the following l is t  of the organ- 
izat ions tha t  were involved: 1 
Technical assistance from: 
General Electr ic  
Goodyear 
Configuration studies by: 
Booster application studies by: 
Boeing 
~ / S T L  
Martin 
Aero j e t  
Specific system design studies were completed by the contractors named 
i n  the f i r s t  block, a s  well as  by the A i r  Force. Technical assistance 
was provided by NASA i n  a l l  of these endeavors and i n  cer tain specif ic  
areas by the two contractors named. Under the direction of the A i r  
Force Ba l l i s t i c  Missile Division and Space Technology Laboratories, 
Boeing, Martin, and Aerojet h d booster application studies.  
A i r  Force 
WPJID/ASC 
Contractors 
AVCO . 
Bell 
Boeing 
Chance Vought 
Lockheed 
McDonnell 
Phase Alpha has resulted i n  the select ion of a general configuration 
and the establishment of a preliminary program plan. The A i r  Force 
has selected a configuration having a medium L/D - t ha t  is, an L/D 
of 1.5 t o  2.5 - and a wing loading of l e s s  than 30 pounds per s q w e  
foot .  'The program plan as of t h i s  date i s  up f o r  approval i n  the 
Pentagon. 
The plan for  the remainder of the Dyna-Soar presentation a t  t h i s  
conference i s  a s  follows: Phase Alpha r e su l t s  w i l l  be presented by 
Boeing personnel, then Boeing, A i r  Force, and NASA personnel w i l l  
discuss pertinent infqrmation on the  Phase I design evolution. After 
t h i s  there w i l l  be an A i r  Force summation of the selected approach f o r  
Dyna-Soar and the program plan. 
Before these discussions a re  begun, two points should be made clear:  
(1) The Dyna-Soar program i s  not intended t o  advance the  s t a t e  of 
the a r t  i n  boosters; so most of the  discussions w i l l  concern the gl iger .  
( 2 )  Even though major contributions t o  Dyna-Soar have been made by 
others i n  industry - Chance Vought, Martin, Bell, f o r  example - presenta- 
t i o n  sources have been r e s t r i c t ed  t o  the  A i r  Force, NASA, and Boeing i n  
deference t o  subcontractor competitions yet t o  come. 
DYNA SOAR 
S T E P  I 
Figure 1 
WEIGHT '- 
236,500 LBS 
THRUST 
300,000 LBS 
INTRODUCTION TO BOEING PAPERS ON DYNA-SOAR PROJECT 
By John H. Goldie 
Boeing Airplane Company 
The preceding papers of t h i s  conference have been largely descrip- 
t ions of research a c t i v i t i e s  and r e su l t s .  The papers following the  
present paper w i l l  present discussions of the  engineering applications 
of these data t o  specif ic  problems of the  Dyna-Soar. For example, the 
mission planned f o r  Dyna-Soar is  l imited t o  earth- o rb i t a l  f l i g h t  or 
less .  Therefore, data and trends presented i n  the paper by Thomas J. 
Wong, Glen Goodwin, and- Robert S ly  and in  the  paper by Frederick C. 
Grant do not apply d i r ec t ly  t o  Dyna-Soar. 
Papers by John F. Milton, G. E. Ledbetter, and Max T. Braun, which 
follow the present paper, w i l l  describe the resu l t s  of Phase Alpha. 
One general question frequently asked about Phase Alpha is, "Why, of 
a l l  possible reentry bodies, were only nine specif ic  shapes chosen 
f o r  detai led study?" Many additional concepts were examined a t  l e a s t  
br ief ly .  It was believed v i t a l  t ha t  a t  l eas t  one configuration be 
examined i n  each of the four following prominent classes of reentry 
devices: modified b a l l i s t i c ,  l i f t i n g  bodies, winged bodies, and variable- 
geometry shapes. Within each of these classes, several shapes were con- 
sidered t o  determine whether the r e su l t s  were common t o  a l l  designs within 
t h a t  c lass .  I f  so, the choice was  rapidly narrowed. For example, two 
modified b a l l i s t i c  shapes were analyzed f o r  several weeks t o  discover 
whether adding a variable-angle s k i r t  o r  movable f i n s  t o  a simple shape 
would pravi.de be t t e r  ( L / D ) ~ ~ ~  and lower weight than other ideas. When 
these shapes did not prove t o  be bet ter ,  they were abandoned. In  the 
lifting-body class,  a shape similar t o  the Ames M-2a was examined and dis-  
carded f o r  s t a b i l i t y  reasons. Two di f ferent  s t ruc tura l  concepts f o r  the 
Ames M-2b were considered; one proved t o  be somewhat infer ior  and was 
dropped. 
It w a s  believed very desirable t o  have data  on a spectrum of 
g l ider  configurations having values of ( L / D ) ~  from 1 t o  3 i n  order 
t o  determine the trends of weight and performance. Four d i f fe rent  
designs with low ( L / D ) ~ ~ ~  were investigated and the choice was nar- 
rowed t o  one. For variable-geometry configurations, a number of sug- 
gestions were eliminated with essent ia l ly  no formal design work; an 
autogiro was  one of these. 
It would have been very desirable t o  carry a l l  these configurations 
through complete design and evaluation rather  than narrowing from 
21 configurations t o  9 as was  actual ly  done. The effect ive design 
period of Phase Alpha was only eight weeks and the funds were limited. 
Attempting even as many as  nine preliminary design studies i n  pasa l l e l  
was considered risky, but a l l  of these were carried t o  conclusion. The 
f i n a l  design of each i s  believed t o  be feas ib le  although varying amounts 
of development time and r i sks  a re  required. 
Completion of even limited preliminary designs of t h i s  many bodies 
needed a great deal of help from other highly competent indus t r ia l  
organizations. In  some cases, the  idea f o r  the  reentry device originated 
with one of these companies and a l l  the subsequent design w a s  done by 
them. I n  other cases, the  company provided necessary technical data  and 
consultation. In  every instance, Boeing Airplane Company supervised the 
work and must accept f u l l  responsibi l i ty  f o r  the  f i n a l  designs t o  be 
submitted a t  t h i s  conference. 
I n  order t o  enable ra t iona l  comparisons between such d i f fe rent  
reentry techniques, a common s e t  of ground rules,  requirements, and 
objectives f o r  Phase Alpha only was established. The s ignif icant  
requirements a re  shown in table  I. 
Pi loted means the maximum use of the man t o  reduce subsystem com- 
plexity.  A s ingle  crew member i s  used t o  reduce weight and cost. One 
thousand pounds of research-equipment payload does not include weight 
of structure,  auxi l iary power, and cooling t o  support the 1,000 pounds 
of payload. I f  those were included, the t o t a l  would exceed 2,000 pounds. 
The 75-cubic-foot volume, combined with the large payload weight, allows 
f l i g h t  t e s t s  of almost any mi l i ta ry  or sc i en t i f i c  subsystem desired. 
"once-around" operating capabili ty means tha t  the design shall be capable 
of Step I I A  o r b i t a l  operation although Step I reaches only about 
19,000 f t l s e c .  
"safe" boost means the  boost t ra jec tory  shall not penetrate the  
recovery ceil ing. The recovery cei l ing i s  t ha t  alt i tude-velocity con- 
d i t ion  a t  y = 0, from which the unpowered vehicle can just  p u l l  back 
in to  equilibrium gl ide without exceeding i ts  temperature or load limits. 
The requirement for  landing within 10 square miles was established 
t o  avoid continued expensive marine recovery operations. This area was 
chosen t o  permit the  use of mi l i ta ry  airports ;  thus t rees  and h i l l s  
would not in te r fere  with parachute landings. Consistent subsystems 
(and a lso  consistent ground- support equipment ) were used where logica l  t o  
prevent differences i n  vehicle weight resul t ing only from di f ferent  
levels  of refinement i n  subsystem design. Reusability fo r  four f l i g h t s  
(with refurbishment ) was a contractual requirement . 
The requirement fo r  at l e a s t  neutral  s t a t i c  s t a b i l i t y  during f i r s t -  
stage boost and reentry was established t o  provide be t te r  safety.  During 
second-stage boost, the divergence r a t e  is  low enough t o  allow reasonable 
escape. Escape provisions were not required, but a requirement f o r  
safety approaching 100 percent l ed  t h e  designers t o  use escape systems. 
Ba l l i s t i c  reentry devices generally needed escape only during f i r s t - s tage  
boost. The 6,000-foot margin above the c r i t i c a l  heating l i m i t  requires 
t h a t  the vehicle not approach i t s  s t ruc tura l  l i m i t  too closely. This 
statement i s  only applicable f o r  gliders; a similar ru le  was used fo r  
b a l l i s t i c  shapes. 
Certain other ground rules  have been used both pr ior  t o  and during 
Phase Alpha. These include s t ruc tu ra l  factors  of 1.4 on booster tanks 
and 1.5 on the remaining s t ructure and a conservative heating assumption 
which requires the  s t ructure t o  withstand heating r a t e s  f o r  e i ther  
laminar, turbulent, or t rans i t ion  flow, whichever is worst. 
None of the preceding ground ru les  are considered firm for  the  
remainder of the Dyna-Soar program. Certain of these are  being reeval- 
uated now; the requirement f o r  neut ra l  s t a t i c  s t a b i l i t y  throughout the 
en t i r e  f i r s t - s tage  boost may be changed t o  require s t a b i l i t y  only a t  
f i r s t - s tage  burnout. This w i l l  permit a coast period between stages one 
and two. 
Certain items which were used as ground rules  during ea r l i e r  design 
e f fo r t s  were abandoned as ground rules  during Phase Alpha but were main- 
tained as dependent variables, and the designs were compared with respect 
t o  these variables. Examples of these include the amount of l a t e r a l  maneu- 
verabili ty,  a b i l i t y  t o  land conventionally, a b i l i t y  t o  gather research 
data, and potent ia l  f o r  eventual mi l i ta ry  use. 
Certain terms have been used i n  t h i s  paper which need additional 
c laxif icat ion.  Figure 1 shows a typica l  variation of a l t i t ude  h with 
velocity v fo r  a g l ider .  This p lo t  can be used t o  define some of the 
l e s s  famil iar  terms of t h i s  paper and of subsequent papers. 
The equilibrium gl ide l ines  f o r  CL,MAX and ( L / D ) ~ ~ ~  are  shown i n  
f igure  1. These l ines  bound the  normal f l i g h t  regime. Flight a t  a CL 
l e s s  than t h a t  fo r  ( L / D ) ~  i s  possible but not desirable. When the 
g l ider  is  banked t o  approximately 4 5 O  and flown a t  the CL fo r  ( L / D ) ~ ,  
the largest  l a t e r a l  range is  attained. The gl ider  seeks an equilibrium 
l i n e  a t  a somewhat lower a l t i t ude  due t o  the bank angle. 
The temperature l imi t  l i ne  shown i n  the  f igure i s  actual ly  a com- 
posi te  l i m i t  f o r  e i ther  the nose, leading edge, or bottom surface 
depending upon the angle of attack. The' q l imi t  represents a 
dynamic pressure of 500 lb/sq f t  during reentry. A t  t h i s  pressure 
the elevon surfac,e actuator is  load-limited. Under cer tain f l i g h t  con- 
dit ions,  a load fac tor  of 7.33 is  l imiting instead. 
The distance shown as the f l i g h t  corridor is  a measure of the 
research a b i l i t y  of the gl ider .  The 6,000-foot margin has been pre- 
viously mentioned and is  graphically described on the figure.  The 
recovery cei l ing i s  shown only i n  i t s  approximate location. A glider  
inserted without power a t  t h a t  cei l ing has insuff ic ient  velocity t o  
maintain equilibrium f l i g h t  a t  t h a t  a l t i t ude  and hence f a l l s .  By 
pulling maximum l i f t ,  the a i r c r a f t  can just  barely a r r e s t  the f a l l  
before encountering the  temperature or s t ruc tu ra l  l imi t -  
I n  conclusion, the technical e f f o r t  during and pr ior  t o  Phase 
Alpha has formed a sol id  foundation f o r  the remindereof the Dyna-Soar 
program. 
TABLE I 
GROUND RULES 
a PILOTED (ONE CREWMAN) 
1,000- POUNDS RESEARCH EQUIPMENT 
a 7 5  CUBIC F E E T  VOLUME FOR EQUIPMENT 
ONCE-AROUND OPERATI N G CAPABI L ITY  
a "SAFE" BOOST 
LAND WITHIN 10 SQUARE MILES 
0 CONSISTENT SUBSYSTEMS 
a REUSABLE FOR FOUR FLIGHTS 
AT LEAST NEUTRAL STABILITY 
ESCAPE PROVISIONS 
a 6,000-FOOT MARGIN WITH CRITICAL HEATING 
T Y P I C A L  R E E N T R Y  CORRIDOR 
RECOVERY CEILING 
' I  CORRIDOR WIDTH 
MARGIN 
Figure 1 
REVIEW OF DYNA-SOAR REXNTRY-VEHICLE-CONFIGURATION STUDIES 
By John F. Milton 
Boeing Airplane Company 
SUMMARY 
All known types of reentry vehicles were investigated to determine 
the structural and aerodynamic characteristics of each when designed to 
conform to standardized design criteria and ground rules. Preliminary 
analyses were performed on twenty-one shapes which were subsequently 
reduced to nine configurations for a more definitive evaluation. From 
this number a single reentry system was selected as meeting the objec- 
tives of the Dyna-Soar military test system. 
INTRODUCTION 
The reentry vehicles studied during the Phase Alpha program are 
divided into four categories. These are as follows: 
(I) The modified ballistic shapes which are characterized by L/D 
values below 0.5. 
(2) The lifting-body shapes which are characterized by LID values 
from 0.5 to 1,5 and wing loadings from 40 to 120 lb/sq ft. 
(3) The winged gliders which are characterized by L/D values from 
1.5 to 3.0 and wing loadings between 20 and 30 lb/sq ft. 
(4) Variable-geometry gliders which are characterized by intermediate 
LID values and wing loadings below 15 lb/sq ft . These devices change 
their external configuration between boost and reentry to take advantage 
of low planform area during boost to reduce the booster stability and 
structural penalties, and high wing areas during reentry are utilized to 
reduce the wing loading and temperatures. 
The booster-reentry vehicle Step I performance and the growth cap- 
abilities during Step IIA are presented. Reentry trajectories are dis- 
cussed with potential altitude-velocity exploration corridors available 
for each vehicle. The maneuver capability available during reentry, 
the structural concepts utilized, and summary weight statements are 
presented for each of the configurations. 
1 
The configurations studied with some of their pertinent character- 
istics are presented in table I. In this table, the companies contrib- 
uting technical assistance are indicated in parentheses after each con- 
figuration. The wing loading of each of these vehicles as a function 
of L/D is shown in figure 1. 
Low L/D vehicles utilize the entire vehicle for escape and rely 
on large rockets for "off the pad" emergencies. The variable-geometry 
and glider vehicles utilize the forward portion of the body as a sep- 
arate escape capsule. The modified ballistic vehicles and the M-1 
lifting body rely on parachute recovery due to the low subsonic L/D 
characteristics. The other configurations have suitable tangential 
landing capabilities. 
Because the temperatures on the vehicle vary in severity due to 
differences in reentry trajectories and wing loading, the heat protec- 
tion systems discussed include both ablation and reradiating systems. 
The M-2b lifting body, the gliders, and the variable-geometry vehicles 
rely primarily on radiation and passive water cooling. The high L/D 
glider utilizes active water cooling on the nose cap and a water-glycol 
system (on the pressurized compartments). The M-1 lifting body utilizes 
an ablation system over an aluminum load-bearing shell. The drag brake 
has an ablation shield at the stagnation point but relies on radiation 
on the extended umbrella-like structure. Weight statements are provided 
for each configuration. 
BALLISTIC REENTRY DEVICES 
Modulated Drag Brake 
The modulated-drag-brake reentry device shown in figure 2 achieves 
variable drag by means of a foldable umbrella-like structure surrounding 
a payload capsule. This reentry-device configuration was developed by 
the Everett Division of AVCO. This configuration was not developed to 
meet the ground rules established in the Phase Alpha study, but rather 
the available designs and data were adapted to satisfy the payload and 
manning design criteria. This configuration enjoys advantages in weight 
and simplicity; however, if the design were modified to meet all the 
Phase Alpha criteria, these advantages would be decreased. 
TABLE I 
Configuration 
-2b lifting body 
(Boeing - General ~lectric) 
Intermediate L/D glider 
High L/D glider 
(Bell Aircraft) 
Inflatable-wing glider 
(Boeing - Goodyear) 
.. &~ll inaneuvers are initiated at a relative velocity of 23,000 fps. 
kateral maneuver is in nautical miles from the orbital path. 
C~ongitudinal maneuver is difference in nautical miles between maximum and minimum range. 
dMinimum altitude corridor between CL,- and structural limit except for drag-brake device and M-1 lifting body (see text). 
%eight at second-stage jettison (Step IIA, one-orbit mission). 
f~odified Titan booster. 
gSecond-iteration data. 
During boost the drag brake is folded around the pilot and equipment A 
compartment. The upper section of the vehicle consists of abort rockets 
and fairings. After a successful first-stage boost, these items are 
jettisoned. During orbit the drag brake remains closed and vehicle 
attitude is controlled by reaction jets. 
The drag brake is modulated to achieve reentry at a preselected 
altitude, position, and velocity. At the reentry point, defined by the 
magnitude of the deceleration, the drag brake is locked in the fully 
opened position. Modulation to a deceleration of O.lg results in a 
longitudinal dispersion of +I50 miles and a lateral dispersion of L 
+18 miles from the preselected landing point. Modulation to a decelera- 1 
tion of 1.5g will reduce the longitudinal dispersion distances to 1 
+18 miles. Lateral-range control is not possible during reentry. 0 
8 
The open drag brake serves in lieu of a parachute for landing. An 
alighting gear in the form of 24 metal bellows is inflated to limit 
. 
ground impact decelerations. Impact occurs at a velocity of 53 fps. 
Escape from the booster is accomplished by firing the escape rockets 
mounted on the nose fairing assembly. When a safe altitude is reached, 
the fairing and rockets are jettisoned and the drag brake is opened for 
descent to the ground. Escape from orbit is accomplished by fully 
opening the drag brake. 
The drag-brake device is currently designed for one reentry tra- 
jectory. Although some altitude variation could be achieved by varying 
drag, the current device is designed for complete deployment of the 
brake during reentry. 
The booster considered for the Step I nonorbital program (fig. 3 )  
is a modified version of the standard Titan booster. The modifications 
required are a 13-percent increase in tank wall stiffening and the addi- 
tion of 238 square feet of stabilizing fin area. This combination of 
reentry device and booster results in a burnout velocity of 22,350 fps 
and a range of 1,775 nautical miles. The Step IIA orbital booster can 
orbit this vehicle with a potential growth in weight of 111 percent. 
The maximum design temperatures are 1,710' F on the stagnation 
plate and 1,425' F on the side of the brake. The drag brake is a fold- 
able umbrella-like structure. The outside skin of the drag brake is 
composed of a flexible woven mesh of 0.0015-inch-diameter ~ e n 6  41 wire, 
200 to the inch. A coating of glass frits, held in a silicone rubber 
base, is applied to the skin in order to achieve nonporosity. Twenty- 
four ribs, spaced at 15' intervals, support the wire-mesh skin. These 
*r 
ribs consist of two side-by-side trusses which are joined at the top by 
common chord members and separated at the bottom to form an included 
angle of approximately 29O. Crossmembers between the bottom chords a 
complete the truss assembly. The truss members are tubular and fabricated 
from Udimet 500 alloy. The actuator struts react the major portion of 
the rib loading and are essentially compression members. They also 
serve to position the ribs during drag modulation through their attach- 
(I 
ment to the actuator mechanism. These struts are circular in cross sec- 
tion with essentially a frame-stringer type of construction. The mate- 
rial used is Udimet 500. 
The pressurized body structure contains a 75-cubic-foot pilot's 
compartment pressurized to 10 lb/sq in. and a 100-cubic-foot equipment 
section pressurized to 6 lb/sq in. These two compartments are integrally 
attached by seam welding to a main structural cone. This structural cone 
carries the compartment inertial loads and the reaction loads of the 
drag brake, the actuator, and the booster transition section. A 103-inch- 
diameter stagnation plate, covered with Teflon, forms the bottom of the 
body structure. The entire body is covered with a 2-inch layer of 
Thermoflex insulation. Entrance to the pilot's compartment is provided 
by a 20-inch-diameter hatch located on the compartment side wall. Access 
to the equipment compartment is provided by a 4-f oot-diameter hatch 
located in the center of the compartment floor. 
A summary weight statement for the drag-brake device is as follows 
for a one-orbit mission: 
Weight, lb 
. . . . . . . . . . . . . . .  Reentry vehicle (boost) at launch 5,260 
. . . . . . . . . . .  Reentry vehicle at second-stage jettison 4,140 
. . . . . . . . . . . . . . . . . . . . . . . . . .  Airframe 1,789 
Landing gear . . . . . . . . . . . . . . . . . . . . . . . .  200 
Secondarypower . . . . . . . . . . . . . . . . . . . . . . .  208 
Flight controls . . . . . . . . . . . . . . . . . . . . . . .  88 
Electronics......................... 298 
Environmental control . . . . . . . . . . . . . . . . . . . .  208 
Crew operations . . . . . . . . . . . . . . . . . . . . . . .  349 
. . . . . . . . . . . . . . . . . . . . . . . . . . .  Payload 1,000 
. . . . . . . . . . . . . . . . . . .  Reentry vehicle (reentry) 4,123 
. . . . . . . . . . . . . . . . . . .  Reentry vehicle ( landing) 4,084 
P 
Modified Mercury 
A modified b a l l i s t i c  reentry vehicle similar t o  the Project Mercury 
capsule was a l so  considered. For proprietary reasons, it w i l l  not be e 
presented herein. 
LIFTING-BODY CONFIGURATIONS 
M - 1  Lift ing Body 
The M - 1  lifting-body reentry device, shown i n  figure 4, is  a 
blunted cone shape tha t  is  8 fee t  long with a 12-foot base diameter 
and a 30' half  -apex angle. This vehicle enjoys weight and cost advan- 
tages, a capabi l i ty  fo r  growth t o  superorbital  missions with minimum 
modifications, and a wide range of reentry t ra jec tor ies .  The upper sur- 
face i s  f la t tened t o  obtain a hypersonic l i f t -drag  r a t i o  of 0.5. Con- 
t r o l  i s  provided by reaction control j e t s  and four low-aspect-ratio 
e l ec t r i ca l ly  actuated control f l aps  hinged near the cone base perimeter. 
Rear vision i s  provided the p i l o t  through the use of a single mirror 
system. The conditioned equipment and payload compartment extends from 
the p i l o t ' s  compartment t o  the in t e r io r  s t ruc tura l  shel l .  The 75-cubic- 
foot payload bay is located t o  the r ight  of the p i l o t ' s  compartment. 
The M - 1  configuration includes a parachute recovery system since 
the subsonic L/D of approximately 0.8 i s  too low f o r  a conventional 
landing. Drogue parachutes a re  deployed a t  an a l t i t ude  of 80,000 f e e t  
and the  main parachutes, at 14,000 fee t .  I n  order t o  insure landing 
within the required 10-square-mile area, terminal guidance is  required 
during approach t o  the landing s i t e  t o  correct f o r  wind conditions pr ior  
t o  deploying the drogue parachute. Both radio and i n e r t i a l  guidance 
systems are  used f o r  terminal guidance during reentry and landing t o  
provide continuous, accurate terminal guidance. Vehicle control during 
reentry and approach t o  the landing s i t e  may be e i ther  automatic or  
manual. 
Maneuver capabi l i ty  of the M-1  device during reentry can provide a 
lateral-range deviation from the o rb i t a l  path of 140 nautical miles when 
maneuver i s  i n i t i a t e d  a t  23,000 fps .  
The normal reentry exploration corridor fo r  the M - 1  configuration 
i s  considered t o  l i e  within the t ra jec tory  f o r  CL,max, 9 = 0°, and a 
b a l l i s t i c  t ra jec tory  ( c ~  = 0) which imposes l imiting decelerations on > 
the p i l o t  ( reentry angle of -2.5'). The corridor is  approximately 
60,000 fee t  i n  the  hypersonic region and 30,000 fee t  i n  the lower super- 
sonic region. 
The booster for the Step I suborbital program is a standard Titan 
booster (fig. 5) modified to provide stability and to carry the loads 
imposed by the presence of the reentry device. An 18-percent increase 
in tank wall stiffening and an additional 124 square feet of fin area 
increase the booster weight by 1,111 pounds. This modified Titan 
booster is capable of attaining a burnout velocity of 21,600 fps with 
the M-1 reentry vehicle. A 400,000-pound-thrust Titan-Centaur booster 
can provide orbital velocity with a potential growth in allowable weight 
of 52 percent. 
The basic structural concept for the M-1 vehicle utilizes a cool, 
semimonocoque aluminum pressurized structure which is protected from 
high external flight temperatures by a polyethylene ablation cover. 
The ablation-cooled structural approach is used because it is more 
efficient for the short reentry times and high heating rates which are 
typical of a low L/D reentry trajectory. The ablation material is 
polyethylene which ablates at 375' F and has good insulation properties. 
The ablation thickness is based on a structural skin design tempera- 
ture of 120° F. 
The M-1 structure consists of a pressurized load-carrying aluminum 
external shell which is reinforced with frames, bulkheads, and longerons. 
The frames are spaced at 8 inches and are used with the skin to with- 
stand internal pressure loads. In addition, they provide longeron 
column stabilization and serve as panel shear stiffeners to the skin. 
Bulkheads are used to separate the various pressurized compartments. 
Four longerons resist fuselage bending loads and distribute booster, 
parachute, escape rocket, and landing loads to the external shell. The 
pilot's environmental compartment is an aluminum-frame structure, 
attached to the four longerons. Access to the pilot's compartment is 
provided by an inward opening hatch. Access to the equipment and pay- 
load compartments is provided by panels in the vehicle's top surface 
and in the aft bulkhead. 
The weights of the M-1 device for a one-orbit mission are summarized 
as follows: 
Weight, lb 
. . . . . . . . . . . . . . . .  Reentry vehicle at boost burnout 7,275 
Airframe . . . . . . . . . . . . . . . . . . . . . . . . . . .  2,720 
Landing gear . . . . . . . . . . . . . . . . . . . . . . . . .  370 
Propdsion . . . . . . . . . . . . . . . . . . . . . . . . . .  618 
Secondary power . . . . . . . . . . . . . . . . . . . . . . .  741 
Flight controls . . . . . . . . . . . . . . . . . . . . . . .  123 
Electronics . . . . . . . . . . . . . . . . . . . . . . . . .  768 
Environmental control . . . . . . . . . . . . . . . . . . . .  527 
Weight, l b  
Crew operations . . . . . . . . . . . . . . . . . . . . . . .  408 
. . . . . . . . . . . . . . . . . . . . . . . . . . .  Payload 1,000 
. . . . . . . . . . . . . . . . . . .  Reentry vehicle (reentry)  6,509 
. . . . . . . . . . . . . . . . . . .  Reentry vehicle (landing) 5,453 
M-2b Lif t ing Body 
The M-2b lifting-body configuration shown i n  figure 6 is  a blunted 
conical lifting-body shape consisting of a 13' half-apex cone angle and 
a f l a t  upper surface. This configuration has conventional landing cap- 
a b i l i t i e s ,  a low weight re la t ive  t o  the gl ider  systems, and requires 
l e s s  booster modification than the  systems with a large planform. The 
afterbody surfaces a re  boat tai led t o  minimize the base drag f o r  sub- 
sonic f l i g h t  and t o  achieve t r i m  with a noseup angle of attack. The 
vehicle is  sized t o  keep the weight as low as  possible and r e t a in  the 
center of gravity i n  an appropriate location. Technical assistance i n  
the development of t h i s  vehicle was received from the Missiles and Space 
Vehicle Division of the General. E lec t r ic  Company. Ames wind-tunnel data 
shows a hypersonic L/D of 1.3 and a subsonic L/D of 3.5 f o r  the  
M-2b configuration. This high subsonic L/D allows the M - 2 '  l i f t i n g  
body t o  make a conventional landing with a minimxu touchdown speed of 
187 knots. 
Normal landing i s  accomplished by touchdown on a f t  skids using a 
mechanical energy-absorbing system. The forward gear consists of an 
air-charged oleo and dual wheels which are  stored i n  a pressurized and 
cooled compartment during f l i g h t .  Direct p i l o t  vision i s  provided as 
an a i d  i n  landing and f o r  observation during the other phases of f l i gh t .  
The forebody section separates f o r  p i l o t  escape during the various 
phases of the f l i g h t .  The escape capsule is  recovered by parachute and 
u t i l i z e s  crushable s t ructure on the bottom of the capsule f o r  energy 
absorption. The payload compartment i s  located i n  the  pressurized a f t  
section of the vehicle. Expendables a r e  located i n  the extreme rea r  i n  
individual pressurized containers. This arrangement allows the  p i l o t  
t o  separate himself from the  payload, auxiliary power uni t  (MU), 
expendables, and control surfaces i n  the event of an emergency condition. 
Maneuver capabi l i ty  of the  M-2b device during reentry can provide 
a lateral-range variat ion of 895 nautical miles from the o rb i t a l  path 
and a longitudinal-range variat ion of 1,980 nautical miles, when maneuver 
i s  i n i t i a t e d  a t  23,000 fps .  
The normal reentry exploration corridor for the M-2b configuration 
lies between the trajectories for CL,-, @ = O0 and 
(d = 45'. The corridor is approximately 22,000 feet in the hypersonic 
region and 60,000 feet in the lower subsonic region. 
The standard Titan booster for the Step I suborbital program (fig. 7) 
is modified to increase tank stiffening and add 253 square feet of fin 
area, with a total weight change of 2,103 pounds. This booster can 
attain a burnout velocity of 19,700 fps and a range of 2,440 nautical 
miles. A 400,000-pound-thrust Titan-Centaur booster provides orbital 
velocity with a potential growth in allowable weight of 14 percent. 
Various structural concepts were investigated for the M-2b vehicle. 
A reradiation heat-protection system was considered most suitable because 
of the high heating rates which are experienced for long periods of time. 
Nose equilibrium temperatures are 3,900~ F. The bottom surface varies 
from 2, 700° F immediately aft of the nose cone to 2,000~ F on the lower 
surface behind the escape capsule. The leading edges of the fins and 
control surfaces reach temperatures above 2,2800 F. 
A concept was investigated in which the reradiative heat-protection 
shield also carried the primary air loads. Coated niobium alloy was 
proposed as the primary structural material, because of the low oxida- 
tion rate of niabium as compared with coated molybdenum alloys. This 
hot load-carrying structural concept provides a lighter weight vehicle. 
However, the materials, processes, and fabrication techniques involved 
with refractory alloys will require considerable development before 
suffici~nt confidence could be established to permit its use on a manned 
vehicle. 
The insulated and cooled structural concept which has been chosen 
for the M-2b vehicle consists of a hot, nonstructural outer shell, made 
of refractory materials, insulation, and passive water walls, which 
protects the inner aluminum load-carrying structure. Greater confidence 
exists in the structural integrity of this concept since aluminum is 
used for primary load-carrying structure. 
A Chance Vought developed "Zirod" design is used to withstand the 
3,900~ F temperature experienced on the nose of the vehicle. In the 
areas on the vehicle where the temperature is between 2,000' F and 
3,400~ F, combinations of zirconium oxide foam, molybdenum, fibrous 
alumina insulation, and a water wall are used. For areas with tempera- 
tures below 2,000~ F, Ren6 41 sheet is used for the external surface, 
backed up by a Re& 41 corrugated sheet, MIN-E-2000 insulation, and a 
water wall. The thickness of the structure is sized for a maximum tem- 
perature limit of 120° F on the internal aluminum structure. 
The in terna l  load-carrying s t ructure consists of an alwninurn shel l ,  
supported by conventional aluminum frames, bulkheads, longerons , and 
shear beams. Pressurized co~qartanents, formed by the load-carrying 
skin, bulkheads, and shear beams, are  used f o r  the p i lo t  and the equip- 
ment. Access t o  these areas is  provided by access doors or  panels. 
Structural  continuity fo r  body ax ia l  and bending loads is  provided by 
the four longerons which a lso  d is t r ibute  the boost loads. Ekplosive 
attachments are  provided f o r  separation of the  escape capsule from the 
vehicle. Shear continuity between the escape capsule and the  vehicle 
i s  provided at the separation bulkhead by the use of fore-and-aft shear 
pins. L 
1 
Aluminum frames, attached t o  the  load-carrying s t ruc tura l  she l l ,  1 
dis t r ibute  the shear loads throughout the vehicle. These frames a re  0 
also designed t o  minimize s t ruc tura l  deformation under the outer insula- 8 
t i o n  she l l .  
* 
A M-TD summary weight statement f o r  a one-orbit mission i s  as 
follows : 
a Weight, l b  
Reentry vehicle a t  boost 
Airframe . . . . . . .  
Landing gear . . . . .  
Propulsion . . . . . .  
Secondary power . . .  
Flight  controls . . .  
Electronics . . . . .  
Environmental control 
Crew operations . . .  
Payload . . . . . . .  
. . . . . . . . . . . . . . . .  burnout 
. . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . .  
Reentry vehicle (reentry) . . . . . . . . . . . . . . . . . . .  9,196 
Reentry vehicle (landing) . . . . . . . . . . . . . . . . . . .  8,169 
GLIDER CONFIGURATIONS 
I;ow L/D Glider 
The low L/D gl ider  model is  shown i n  f igure 8. The purpose of 
t h i s  design was t o  explore the re la t ive ly  more compact arrangement 
obtainable with lower L/D shapes. This gl ider  has an (L/D)- of 1.5 
a t  Mach 20, and an ( L D ) ~  of 4.25 a t  landing which provides 
conventional landing .capability and good research-data-gathering ab i l i t y .  
This configuration was developed by Chance Vought Aircraft ,  Inc., 
Astronautics Division. The gl ider  has a wing loading of 29.1 lb/sq f t  
a t  a weight of 8,590 pounds. 
The complete gl ider  consists of two major sections. The forward 
section is the escape capsule, which may be separated a t  any point i n  
the f l i g h t  path and return t o  ear th  as  a s table  unit .  The capsule con- 
t a ins  the p i lo t ,  h i s  controls, environmental protection, and necessary 
survival equipment. Forward and side vision are  provided the p i l o t  t o  
a s s i s t  i n  observation and landing. The forward window i s  shielded 
during reentry and exposed when required f o r  landing. The cockpit i s  
protected from aerodynamic heating ef fec ts  by a cooled and insulated 
s t ructure.  The capsule is  aerodynamically similar toethe gl ider  and 
provides escape from all portions of the  f l i g h t  regime. !L%e maximum 
temperatures during escape axe no more severe than during normal reentry. 
A separation rocket is  provided f o r  ground-level escape from the booster. 
The a f t  portion of the  gl ider  body is a pressurized and conditioned com- 
partment containing all g l ider  equipment, except tha t  which functionally 
must be forward or  that which the p i l o t  needs during escape. 
The equipment compartment has usable volume of 490 cubic f e e t .  This 
large volume provides fo r  the 75 cubic f e e t  of payload, the necessary 
subsystems, and space f o r  a crawl-way. The equipment i s  arranged with 
the basic electronics,  guidance, pressurization, and cooling equipment 
on the l e f t  s ide of the compartment and the payload, secondary-power 
equipment, and fue l  on the  r ight  side.  
Conventional unpowered landing approach capabili ty i s  considered 
t o  be good because of the high subsonic L/D and low wing loading which 
reduce equilibrium sink r a t e s  and approach speeds. 
Maneuver capabili ty during reentry when i n i t i a t e d  a t  23,000 fps  
allows a lateral-range variat ion of 1,180 nautical miles from the  o rb i t a l  
path and a longitudinal-range variat ion of 3,150 nautical miles. 
The minimum normal exploration corridor between the t r a j ec to r i e s  
for  CLtm,, and the  lower f l i g h t  l imi t  is 51,000 f e e t  a t  21,000 fps .  
This lower l i m i t ,  determined by s t ruc tura l  temperature limits, i s  
6,000 f e e t  below the  t ra jec tory  f o r  (LID), with @ = 4 5 O .  
The Titan booster ( f i g .  9 )  , modified t o  include 1,700 pounds fo r  
tank s t i f fening and 2,520 pounds f o r  s tab i l iz ing  f ins ,  w i l l  provide the 
reentry device with a burnout veloci ty  of 19,200 fps  and a range of 
2,500 naut ical  miles during the suborbital program. Orbital velocity 
can be obtained with a 400,000-pound-thrust Titan-Centaur booster. The 
potent ial  growth capabili ty with t h i s  booster i s  8 percent of gl ider  
launch weight. 
Structurally, the glider has a pressurized body with a water-cooled 
basic structure, and radiation-cooled wing, wing leading edge, and nose 
cap. The basic body is an ellipsoidal-shaped semimonocoque structure 
of 15-7 stainless-steel alloy. Open-faced honeycomb forms a retainer 
for the water-wick heat sink. An 0.008-gage, 15-7 stainless-steel vapor 
barrier separates the water wall and insulation. 
Fiberfrax insulation is used for all applications up to 2,000~ F
and fibrous alumina, where temperatures exceed 2,000' F. An exterior 
shield is attached to the pressure wall by segmented channel frames. 
This shield is a 0.012-gage, 0.5-percent titanium-molybdenum in areas 
where the temperature exceeds 2,000° F and a 0.012-gage, ~ e n k  41 nickel- 
base alloy in all other areas. 
The nose cap is made up of zirconium oxide rods retained by a 
siliconized graphite spherical shell. This cap is attached to a 
0.5-percent titanium-molybdenum skirt. Siliconized graphite tiles- are 
applied to the exterior surfaces where the temperature exceeds 2,700' F. 
The wing structure consists of a radiation-cooled truss structure 
with a covering of light-gage skin. Upper skins are 0.012-gage, ~ e n 6  41 
with channel stiffeners spotwelded to the skin. The lower skins are 
built up of a 0.012-gage, 0.5-percent titanium-molyb?enum outer shield 
with Fiberfrax or fibrous alumina insulation and Rene 41 corrugations. 
Wing leading edges are 0.05-gage, 0.5-percent titanium-molybdenum 
alloy with fusion-welded ribs. The leading edges are segmented and 
supported from a ~ e n 6  41 bean. Fibrous alumina insulation protects the 
beam from the hot leading-edge surface. 
A summary weight statement for the low L/D glider for a one-orbit 
mission is as follows: 
Weight, lb 
Reentry vehicle at boost burnout . . . . . . . . . . . . . . . .  8,590 
Airframe . . . . . . . . . . . . . . . . . . . . . . . . . . .  3,255 
Landing g e m .  . . . . . . . . . . . . . . . . . . . . . . . .  270 
Propulsion . . . . . . . . . . . . . . . . . . . . . . . . . .  230 
Secondary power . . . . . . . . . . . . . . . . . . . . . . .  1,062 
Flight controls . . . . . . . . . . . . . . . . . . . . . . .  332 
Electronics . . . . . . . . . . . . . . . . . . . . . . . . .  786 
Environmental control . . . . . . . . . . . . . . . . . . . .  1,125 
Crew operations . . . . . . . . . . . . . . . . . . . . . . .  530 
Payload . . . . . . . . . . . . . . . . . . . . . . . . . . .  1,000 
Reentry vehicle (reentry) . . . . . . . . . . . . . . . . . . .  8,346 
Reentry vehicle (landing) . . . . . . . . . . . . . . . . . . .  8,023 
Intermediate L/D Glider 
The intermediate L/D g l ider  i s  shown i n  f igure 10. This g l ider  
has been configurated with the  objective of developing a design with 
a hypersonic L/D around 2 and a wing loading commensurate with reentry 
temperature limits. The configuration shown has a hypersonic L/D of 2.2 
and a subsonic L/D of 4.5 with a wing loading of 28.7 lb/sq f t .  This 
reentry device of fers  the advantages of moderate design temperatures and 
booster modifications, conventional landing capability, and a very good 
research potent ial .  
The complete gl ider  consists of two major sections. The forward 
section, which serves as the escape capsule, includes the p i l o t ' s  com- 
partment and all h i s  emergency equipment. This section may be separated 
from the  a f t  portion of the  g l ider  a t  any point i n  the f l i g h t  path and 
returned t o  ear th  as  a s table  uni t .  The a f t  section of the  gl ider  con- 
t a ins  a l l  equipment except tha t  required i n  the  forward portion (escape 
capsule) f o r  functional or  emergency reasons. 
The lateral-range control of the intermediate L/D glider,  s t a r t ing  
from a re la t ive  velocity of 23,000 fps, i s  2,150 nautical miles. From 
the o rb i t a l  f l i g h t  path the  minimum longitudinal range occurs at CL,max 
and is  3,100 nautical miles. The maximum longitudinal range a t  ( L / D ) ~ =  
is 7,600 naut ical  miles. 
Due t o  s l i g h t l y  lower landing approach speed and a higher L/D 
during landing approach the  intermediate g l ider  should be superior t o  
the X-15 research airplane i n  landing capability. Landing runout dis-  
tances a re  acceptable since the nominal touchdown speed is 150 knots. 
The f l i g h t  envelope f o r  the intermediate L/D gl ider  is  limited 
by s t ruc tura l  capabi l i t ies  which are  established by the temperature 
capabili ty of the  structure.  The normal exploration corridor between 
CL,max and the minimum f l i g h t  l imi t  has a minhum value of 51,000 f e e t  
a t  a veloci ty  of 21,500 0 s .  
The Titan booster for  the suborbital  program ( f ig .  11) w i l l  require 
modification t o  accommodate the intermediate gl ider .  This modification 
includes the  addition of 613 square f e e t  of s tab i l iz ing  f i n s  and s t i f -  
fening of the  tank s t ructure with a t o t a l  added weight of 4,469 pounds. 
This modified booster w i l l  provide the intermediate gl ider  with a rela-  
t i v e  burnout veloci ty  of 19,638 fps  and a longitudinal range of 
4,500 naut ical  miles. Preliminary studies of the Titan-Centaur booster 
f o r  the  o rb i t a l  program indicated the  need f o r  an 8-percent weight reduc- 
t i on  on the glider;  however, improvements i n  t rans i t ion  weights and the 
use of storable propellants in the Titan stage will allow the attainment F 
of orbital velocities with a potential growth in glider weight of 
5 percent. 
The glider structure utilizes Rene 41 radiation-cooled determinate 
trusswork with a covering of thin-ga@;e corrugation-stiffened skins. 
Controlled-environment compartments are provided for the pilot, 
glider equipment, and payload. These compartments are supported from 
the basic trusswork in a manner designed to minimize thermally induced 
stresses. 
The pilot's compartment is constructed of 15-7 stainless-steel 
alloy, brazed honeycomb with a water-wall passive heat sink. This 
compartment is fusion-welded at all joints except the entry hatch and 
windows. 
The equipment and payload container is a large cylindrical "can" 
supported between the two main fore-and-aft trusses. It is constructed 
of 2014 aluminum and insulated with Refrasil or comparable silica fiber 
insulation. A thin-foil Hastelloy "X" cover is added on the exterior 
of the insulation for containment and radiation shielding. 
The nose cap is a Chance Vought developed "Zirod" design using 
zirconium oxide rods retained in a graphite spherical shell. This cap 
is attached to an insulated ~ e n 6  41 truss structure. Skins on the lower 
surface and sides just aft of the 5ap are insulated panels of 0.5-percent 
titanium-molybdenum shield and Rene 41 or HS-25 corrugations. 
The leading edge is constructed of 0.5-percent titanium-molybdenum 
segments supported from a   end 41 corrugated web support beam. This beam 
attaches to the wing spar trusses and is discontinuous at the joints to 
prevent interaction due to differential thermal expansion. 
The skin panels on the lower surface are subjected to temperatures 
in excess of 2,000~ F. These panels are constructed of an outer shield 
of 0.5-percent titanium-molybdenum, fibrous alumina insulation, a 
Hastelloy "Xu screen retainer, and ~ e n 6  41 load-carrying corrugations. 
A summary weight statement for the intermediate L/D glider for 
a one-orbit mission is as follows: 
Weight, lb 
. . . . . . . . . . . . . . . .  Reentry vehicle at boost burnout 9,719 
. . . . . . . . . . . . . . . . . . . . . . . . . . .  Airframe 4, 321 
. . . . . . . . . . . . . . . . . . . . . . . . .  Landing gear 270 
. . . . . . . . . . . . . . . . . . . . . . . . .  Propulsion. 230 
Weight, l b  
. . . . . . . . . . . . . . . . . . . . . . .  Secondary power 
. . . . . . . . . . . . . . . . . . . . . . . .  Flight  controls 
E l e c t r o n i c s . . . . . . . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . .  Environmental control 
Crew operations . . . . . . . . . . . . . . . . . . . . . . .  
. . . . . . . . . . . . . . . . . . . . . . . . . .  Payload. 
Reentry vehicle (reentry) . . . . . . . . . . . . . . . . . . .  
Reentry vehicle (landing) . . . . . . . . . . . . . . . . . . .  
High L/D Glider 
The basic design objective f o r  the gl ider  shown i n  figure 12 was  
t o  provide a high hypersonic L/D design with a wing loading suf f i -  
c ient ly low t o  maintain acceptable reentry temperatures. The (L/D)- 
i s  3.0 a t  Mach 20 and i s  4.0 a t  landing speed. The gl ider  has a wing 
loading of 26.1 lb/sq f t  at a reentry weight of 10,570 pounds. This 
configuration was developed by the Bell  Aircraft  Corporation. This con- 
figuration has the advantages of re la t ive ly  lower temperature, excellent 
lateral-maneuver capability, and excellent potent ial  fo r  gathering 
research data. 
The complete gl ider  consists of two major sections. The forward 
section is the  escape capsule, which may be separated at any point i n  
the f l i g h t  path and can be returned t o  ear th as a stable  uni t .  The 
en t i r e  basic s t ructure is  cooled t o  a maximum temperature of 250° F by 
a system tha t  circulates a solution of water and glycol. 
The capsule contains the  p i lo t ,  h i s  controls and environmental pro- 
tection, and necessary survival equipment. Side vision is  provided 
during the  en t i r e  f l i g h t .  A forward window is  protected by a fa i r ing  
u n t i l  a f t e r  reentry when it is necessary fo r  landing. It is aerody- 
namically similar t o  the gl ider  and provides escape from all portions 
of the  f l i g h t  regime. The maximum temperatures during escape are no 
more severe than during normal reentry. A separation rocket is  pro- 
vided f o r  ground level  escape from a burning o r  exploding booster. The 
a f t  portion of the gl ider  body is  a pressurized and conditioned com- 
partment containing all gl ider  equipment except tha t  which f'unctionally 
must be forwai-d or  tha t  which the p i l o t  needs during escape. 
Due t o  the  high subsonic L/D and low wing loading, t h i s  reentry 
vehicle has very good landing character is t ics  with a lower sink r a t e  
and approach speed than the  X-15 research airplane. This reentry vehicle 
has excellent lateral maneuver capability and range control since 
these characteristics are primarily affected by the by-personic LID. 
This vehicle has a lateral capability of 3,500 nautical miles from the 
orbital path and longitudinal-range control from a minimum of 4 4,500 nautical miles to 11,400 nautical miles when maneuver is initiated 
at a relative velocity of 23,000 fps. 
The normal exploration corridor for this vehicle, between the 
'~,max trajectory and the lower flight limit, which is determined by 
dynamic pressure and temperature limitation, has a minimum of 67,000 feet 
- 
at 21,000 fps. 
The standard Titan (fig. 13) for the Step I suborbital program will 
provide a burnout velocity of 17,050 fps and a 3,780-nautical-mile range. a 
The modifications required include 2,120 pounds of tank stiffening and 8 
5,090 pounds of fin (889 square feet). The 400,000-pound-thrust Titan- 
Centaur booster was considered for the once-around orbital mission; b 
however, the vehicle weight would have to be decreased by 34 percent to 
achieve this capability with this booster. 
* 
Structurally, the glider embodies the concept of a pressurized 
body with the basic structure cooled by a circulated water-glycol system. 
The wing leading edges are radiation cooled. The glider primary load- 
carrying structure is conventfonal, semimonocoque aluminum insulated 
from the aerodynamic heat. The insulation is contained by outer shell 
panels of refractory or super alloys. These outer panels are small with 
gaps between panels for accommodation of differential thermal expansion. 
Where temperatures exceed 2,000° F, a corrugation-stiffened 0.012-gage, 
0.5-percent titanium-molybdenum outer panel is used. Where temperatures 
are 2,000' F or less, the panel is made of brazed HS-25 honeycomb with 
0.0035-gage face skins and 0.002-gage core. Between the outer shell and 
the aluminum primary structure is a layer of alumina powder insulation 
contained in foil wrappers. This foil is Inconel 702 where the outer 
panel is HS-25 and platinum where the outer panel is molybdenum. 
The nose cone utilizes a water-spray cooling system to maintain the 
HS-25 machined nose cap at temperatures below 1,6000 F. Steam generated 
as the water cools the nose cap is bled overboard at the edge of the 
cap. The HS-25 trusses with a covering of 0.012-gage, 0.5-percent 
molybdenum skin are used to attach the nose cap to the cooled alumintun 
fuselage. 
The leading edges are heat-sustaining siliconized graphite segments 
supported by molybdenum channels to the cooled aluminum wing structure. 
A small panel of corrugation-stiffened 0.040 molybdenum is used on the 
lower surface just aft of the graphite segments. 
The control surfaces are radiation-cooled, semimonocoque structures 
using Inconel corrugated skin panels and spanwise beams. The lower sur- 
face is protected by a 0.012-gage corrugation-stiffened 0.5-percent 
titanium-molybdenum outer skin with alumina powder insulation. 
A summary weight statement for the high L/D glider for a one- 
orbit mission is as follows: 
Weight, lb 
. . . . . . . . . . . . . .  Reentry vehicle at boost burnout 11,291 
Airframe . . . . . . . . . . . . . . . . . . . . . . . . .  5,318 
Landing gear . . . . . . . . . . . . . . . . . . . . . . .  338 
Propulsion . . . . . . . . . . . . . . . . . . . . . . . .  508 
Secondary power . . . . . . . . . . . . . . . . . . . . .  981 
. . . . . . . . . . . . . . . . . . . . .  Flight controls 494 
Electronics . . . . . . . . . . . . . . . . . . . . . . .  751 
Environmental control . . . . . . . . . . . . . . . . . .  1,332 
. . . . . . . . . . . . . . . . . . . . .  Crew operations 569 
Payload . . . . . . . . . . . . . . . . . . . . . . . . .  1, 000 
. . . . . . . . . . . . . . . . .  Reentryvehicle (reentry) 10,570 
. . . . . . . . . . . . . . . . .  Reentry vehicle (landing) 10,133 
VARIABLE-GEOMETRY CONFIGURATIONS 
Inflatable Reentry Device 
The inflatable vehicle is a manned, variable-geometry device with 
orbital fli@t capabilities. In the launch configuration, it is a 
pointed, cylindrical body with a deflated planform area of less than 
300 square feet; prior to reentry it is inflated and assumes a delta 
planform of 1,800 square feet as shown in figure 14. The relatively 
small size during boost permits use of an ICBM booster with very little 
modifications. The large inflated wing area makes possible reentry at 
high altitudes where vehicle surface temperatures and heating rates are 
minimized. 
The basic arrangement of the inflatable vehicle reentry configura- 
tion consists of a rigid metal crew compartment/escape capsule at the 
forward end, a rigid payload and equipment pod housed within the wing 
as far aft as possible, and an inflatable fabric structure developed by 
the Goodyear Aircraft Company connecting these extremities. The crew 
compartment/escape capsule contains only equipment required during 
escape, and displays and equipment which a r e  necessary during normal 
f l i g h t .  Forward vision i s  provided during the landing phase by j e t t i -  
soning the upper half  of the  nose cap, exposing a window. The escape 
capsule i s  of the b a l l i s t i c  type, employing a separation rocket, f laps,  
and parachutes during the escape sequence. 
Contents of the a f t  pod include secondary power, most of the vehicle 
electronics,  payload, compartment environmental control system, and a 
liquid-heliwn inf la t ion  system f o r  the fabr ic  structure.  Only wire , 
bundles (no f luids ,  gases, or  wave guides) a r e  led  through the in f l a t -  
able s t ructure between the crew compartment and a f t  pod. A short, r i g id  
section just  a f t  of the crew compartment houses the  vehicle 's  dual 
reaction control systems, normal O2 - N2 supply, cer tain electronics,  
and other items which are  located i n  the forward section during normal 
f l i g h t  but a re  l e f t  behind i n  event of escape. Surface-mounted hydraulic 
actuators a re  provided fo r  rudders and elevons. Rigid-metal fa i r ings  
protect  these actuators. 
The 5-lb/s f t inf la tab le  vehicle has good tangential  landing 
capabi l i t ies .  The performance is  superior t o  the X - 1 5  research a i r -  
plane due t o  lower wing loading and a higher L/D on approach. 
Touchdown speed is 73 knots which allows a very short runout distance. 
The maximum and minimum lowi tud ina l  ranges fo r  the inf la tab le  
vehicle (wing loading of 5 lb / sq  f t  ) are 5,850 and 2,900 naut ical  miles, 
respectively, and the lateral-range variation from the o r b i t a l  f l i g h t  
path i s  1,400 naut ical  miles when the maneuver i s  i n i t i a t ed  a t  
23,000 fps.  
The normal a l t i t ude  exploration corridor between the CL,max 
equilibrium t ra jec tory  and the lower f l i g h t  l imi t  f o r  t h i s  vehicle i s  
37,000 f e e t  a t  a r e l a t ive  velocity of 19,000 fps .  
The Step I, suborbital  Titan booster ( f ig .  15) modifications 
include 535 pounds of tank s t i f fening and 956 pounds of f i n s  (242 square 
f e e t ) .  This booster w i l l  provide the reentry device with a burnout 
velocity of 19,150 fps and a range of 2,830 naut ical  miles. A 400,000- 
pound-thrust Titan-Centaur booster w i l l  provide o rb i t a l  velocity t o  t h i s  
vehicle with a potent ial  growth i n  weight of 120 pounds. 
The a f t  pod i s  cantilevered off the booster upper stage, with the 
deflated fabr ic  s t ructure folded around and forward of it. A s t ruc tura l  
f a i r ing  surrounds the fabric ,  protecting it and providing the  necessary 
s t ruc tu ra l  connection between the gl ider  nose section and the  booster. 
The f a i r ing  i s  jett isoned just  pr ior  t o  the  inf la t ion  sequence, which 
must be performed under low q conditions. 
The crew compartment/escape capsule portion of the inf la tab le  
vehicle consists of an aluminum-honeycomb inner s h e l l  isolated from a 
high-temperature Reng 41 outer s h e l l  by Fiberfrax insulation. Thin- 
gage frames of appropriate materials s t i f f e n  these shel ls ,  and s t e e l  
longerons support the aluminum structure.  The outer s h e l l  is coated 
with a nickelous oxide ablation material  of suf f ic ien t  thickness t o  
insure tha t  the  Ren6 skin never exceeds 2,000° F. The design surf ace 
temperature i s  below tha t  required for  ablation a t  a l l  times during 
normal f l i g h t .  The short, r i g i d  section between the crew compartment 
and forward fabr ic  area is  nonpressurized and consists of Rene' skin 
over a frame-type structure.  Thin-skin water-wall construction with a 
0.25-inch layer of Min-K insulation is  used f o r  the a f t  pod. Tracks 
are  provided t o  f a c i l i t a t e  pod ins t a l l a t ion  and removal i n  the sur- 
rounding fabric  s t ructure.  The fa i r ings  which house the control surface 
servoactuators gre formed Ren6 41 sheets. 
The fabr ic  used fo r  inf la tab le  portions of the vehicle i s  woven of 
Ren; 41  wire. This material is  coated with a s i l icone elastomer f o r  
pressure retention. Maximum allowable temperature i s  1,600' F. How- 
ever, a higher temperature capabili ty i s  indicated f o r  fabr ic  struc- 
tures  with an inner coating of Ren6 41 f o i l .  The elastomeric coating 
hardens a f t e r  exposure t o  temperatures above 1,000° F and may not be 
folded again t o  the  small r a d i i  required fo r  the  launch configuration. 
The fabr ic  wing, f ins ,  and control surfaces are  constrained t o  
the i r  noncircular cross sections by "drop threads" which are  closely 
spaced Rend wires which connect the upper and lower surfaces of the  
sect  ion. Neither tubular ''backbone" nor the semicircular leading and 
t r a i l i n g  edges require drop threads. 
The inf latable  s t ructure is  pressurized so tha t  a net compression 
load cannot ex is t  at  any point i n  the fabric .  Shear load provisions 
include ve r t i ca l  "shear m a t s "  within the wing and two high-pressure 
tubes located between the fabric  backbone and wing upper surface. Gas 
flow must be modulated t o  maintain the correct pressure under the con- 
s tan t ly  varying ambient conditions encountered i n  f l i g h t .  
The weights f o r  the inflatable-wing gl ider  fo r  a one-orbit mission 
are  summarized as follows: 
Weight, l b  
. . . . . . . . . . . . . . . .  Reentry vehicle a t  boost burnout 11,069 
. . . . . . . . . . . . . . . . . . . . . . . . . . .  Airframe 4,945 
Landing gear . . . . . . . . . . . . . . . . . . . . . . . . .  210 
. . . . . . . . . . . . . . . . . . . . . . . . . .  Propulsion 237 
. . . . . . . . . . . . . . . . . . . . . . .  Secondary power 1,284 
Weight, l b  
Fl ight  controls . . . . . . . . . . . . . . . . . . . . . .  478 
Electronics . . . . . . . . . . . . . . . . . . . . . . . .  784 
Environmental control . . . . . . . . . . . . . . . . . . . .  1,189 
. . . . . . . . . . . . . . . . . . . . . . .  Crew operations 530 
Inf la t ion  system . . . . . . . . . . . . . . . . . . , . . a .  412 
. . . . . . . . . . . . . . . . . . . . . . . . . . .  Payload 1,000 
. . . . . . . . . . . . . . . . . . .  Reentry vehicle (reentry). 9,860 
. . . . . . . . . . . . . . . . . . .  Reentry vehicle (landing) 8, 727 
Folding-Wing Reentry Device 
The folding-wing reentry device ( f i g .  16) is  a low-wing-loading 
(13.4 lb /sq  f t )  g l ider  capable of reentering the atmosphere from orb i t .  
This configuration w a s  developed by the Lockheed Aircraft Corporation. 
The low wing loading permits deceleration a t  high a l t i tudes  resul t ing i n  
r e l a t ive ly  low surface heating r a t e s  and temperatures. Low temperatures 
permit the use of presently known and available metals for  prac t ica l ly  
the en t i r e  s t ructure.  The folding wings reduce the planform area of the 
vehicle on the  booster t o  tha t  of the intermediate L/D vehicle 
(330 square feet) , .  yet provide 959 square fee t  of wing area when 
extended. The p i l o t  f l i e s  the folding-wing gl ider  from a b a l l i s t i c  
crew compartment/escape capsule which makes escape possible throughout 
the f l i g h t .  
Dual hydrazine APU's generate e lec t r ica l ,  hydraulic, and compart- 
ment blower power. Dual hydrazine reaction control systems maintain 
reentry-device a t t i t ude  during o rb i t .  A separate hydrazine-fueled 
reaction control system controls the a t t i t ude  of the escape capsule 
during emergency reentry. After second-stage burnout, a rocket i s  used 
t o  separate the vehicle from the in t e r s t a t e  structure.  
The folding wing i s  a thick s lab approximately 4 f ee t  thick. Nose 
and wing leading-edge r a d i i  a re  18 inches. The wings fold forward over 
the top for  boost. A b a l l i s t i c  crew compartment/escape capsule i s  
nested i n  a recess near the nose of the vehicle. Fairings a re  added 
ahead of and behind the capsule. 
The folding-wing vehicle has good tangential  landing capabili ty.  
A t  ( L / D ) ~ =  = 4.4, the start f l a r e  speed i s  145 knots and the  sink 
r a t e  is  53 fps .  
When maneuver i s  s ta r ted  a t  23,000 fps,  t h i s  vehicle provides a 
lateral-range variation of 1,700 nautical miles from the o rb i t a l  f l i g h t  
path and a potent ial  longitudinal-range variat ion of 8,300 nautical miles. 
The normal exploration corridor l i e s  between CL,- and the lower struc- 
t u r a l  l i m i t .  The minimum corridor of 27,000 f e e t  occurs a t  a 20,000-fps 
velocity.  
Modifications on the standard Titan ( f ig .  17) include the  addition 
of 1,737 pounds of tank s t i f fening and 3,275 pounds of f i n s  (627 square 
f e e t ) .  The burnout velocity achieved with the Step I suborbital  booster 
is  19,300 fps,  with a range of 3,487 naut ical  miles. 
The Titan-Centaur booster can provide o r b i t a l  veloci t ies  with a 
potent ia l  growth capabili ty of 8 percent of the gross weight. 
The basic material  f o r  vehicle skin and s t ructure is  Ren6 41 sheet. 
Spot and seam welding are  the pr incipal  fastening methods. The body is  
bu i l t  around four fore-and-aft t russes  consisting of U-shaped caps and 
box section ver t ica ls  and diagonals. Gussets are  used a t  the  joints.  
Across the longitudinal t russes  run main frames and subframes. The &in 
frames are  t russes  b u i l t  i n  the same manner as the longitudinal frames. 
The subframes are  U-shaped members next t o  the skin. The material  from 
which these members a re  fabricated i s  0.006 t o  0.040 gage. Lower- 
surface skin panels consist of a smooth 0.004-gage outer sheet with 
0.003-gage corrugations. Corrugations without an outer skin a re  
exposed on the  upper surfaces. 
A heat shield i s  provided which covers the vehicle nose and forward 
16 f e e t  of the  undersurface. The shield consists of 0.012 molybdenum 
separated from the ~ e n 6  41 skin by a th in  layer of Fiberfrax insulation. 
The maximum surface temperature i n  the protected region is 2,700° F. 
The maximum temperature of the a f t  areas, where Reng 41 is used, i s  
2,000° F. 
The crew compartment/ escape capsule s t ructure consists of inner and 
outer she l l s  separated by insulation. Four s ta inless-s teel  longerons 
plus aluminum Z-frames and skin form the inner pressure she l l .  
A combination of pin and f loat ing connections a t  the ends of the  
longerons supports the inner s h e l l  i n  the  high-temperature outer struc- 
ture .  The outer s h e l l  is  a ~ e n e )  41 skin on Z-frames. Refrasi l  and 
Fiberglas insulation reduce heat flow into the capsule. The nose sec- 
t ion  includes a crushable honeycomb structure t o  absorb landing impact. 
A single-point capsule release system i s  used fo r  maximum r e l i a b i l i t y .  
A weight summary for the folding-wing glider for a one-orbit mission 
is as follows: 
Weight, lb 
. . . . . . . . . . . . . . . .  Reentry vehicle at boost burnout 8,298 
. . . . . . . . . . . . . . . . . . . . . . . . . . .  Airframe 2,973 
. . . . . . . . . . . . . . . . . . . . . . . .  Landinggear 340 
Propulsion . . . . . . . . . . . . . . . . . . . . . . . . . .  200 
. . . . . . . . . . . . . . . . . . . . . . .  Secondary power 1,060 
. . . . . . . . . . . . . . . . . . . . . . .  Flight controls 424 
Electronics . . . . . . . . . . . . . . . . . . . . . . . . . .  786 
. . . . . . . . . . . . . . . . . . . .  Environmental control 985 
. . . . . . . . . . . . . . . . . . . . . . .  Crew operations 530 
. . . . . . . . . . . . . . . . . . . . . . . . . . .  Payload 1,000 
. . . . . . . . . . . . . . . . . . . .  Reentry vehicle (reentry) 7,952 
. . . . . . . . . . . . . . . . . . .  Reentry vehicle (landing) 7,715 
CONCLUS ION 
It is concluded that all the vehicles studied are feasible and 
capable of achieving reentry from orbital flight. Some of the vehicles 
represent longer development time and others do not accomplish the 
Dyna-Soar test mission. The evaluations of the vehicles are presented 
in a subsequent paper by Max T. Braun entitled "Summary Comparison of 
Dyna-Soar Reentry Devices." 
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ASSESSING CAPABILITY OF MODIFIED TITAN ICBM BOOSTEXIS 
FOR DYNA-SOAR TYPE VEHICLES 
By G .  E .  Ledbetter 
Boeing Airplane Company 
L SUMMARY 
1 
1 
0 This Dyna-Soar Phase Alpha booster study has shown tha t  the Titan 
9 ICBM, when modified t o  the Dyna-Soar booster mission ground rules,  can 
be used f o r  a Step I booster f o r  any of the reentry devices examined. 
CA It cannot place any of these devices i n  orb i t  f o r  Step I. The changes 
required t o  the ICBM f o r  ma-Soar  Step I are  approximately the same 
regardless of the reentry device selected; f o r  example, f i n s  are  
required f o r  a l l  devices, as are  structuralmodifications. The d i f fe r -  
@ ences involved are  not basic but are  only differences i n  degree t o  which 
the given change must be made. 
For Step IIA, t h i s  study has also-indicated tha t  the Titan I1 
i s  not useful except f o r  very s m a l l  o r  lightweight reentry devices. 
For larger  devices a "maximum growth" version of the Titan-Centaur 
w i l l  probably be required. 
INTRODUCTION 
Phase Alpha of Dyna-Soar Step I w a s  a systematic evaluation of a 
wide variety of reentry devices f o r  selection of h e  best  configura- 
t i ona l  approach t o  the Dyna-Soar program. Extensive studies were made 
of the Titan and Atlas boosters t o  determine the e f fec ts  of reentry 
device and mission requirements on booster modifications and perform- 
ance. Since the Titan has been selected t o  be the Dyna-Soar Step I 
booster, t h i s  paper contains r e su l t s  of studies of the Titan, Titan 11, 
and Titan-Centaur boosters. 
REENTRY DEVICES TO BE BOOSTED 
The Dyna-Soar reentry devices studied during Phase Alpha are  shown 
i n  f igure 1. The variety i n  shape of the boosted configurations i s  
apparent. Dwring boost the reentry device is  mounted on a conical 
t rans i t ion  section atop the booster. The l i f t i n g  character is t ics  of 
the device a re  the predominant fac tor  i n  determining booster modifica- 
t ions.  "wing area" varies from 58.5 square f e e t  f o r  the M - 1  l i f t i n g  
body t o  405 square f e e t  f o r  the gl ider  with a l i f t -drag r a t i o  LID 
of 3.0, as shown i n  table  1. Boosted weight, including the weight of 
the t rans i t ion  cone of the device, ranges from 5,380 pounds f o r  the 
drag brake t o  12,250 pounds f o r  the LID = 3.0 gl ider .  
TABU 1.- REENTRY-DEVICE WING AREA AND BOOSTED WEIGHT 
Device 
Drag brake 
M - 1  l i f t i n g  body 
M-2b l i f t i n g  body LID = 1.5 gl ider  LID = 2.2 gl ider  LID = 3.0 gl ider  
Folding wing 
Inf latable  
Wing areaa, 
sq f t  
Boosted weight, l b  
''Wing area of the device is  the plan area of the view shown 
i n  f igure 1. The drag brake, M - 1  l i f t i n g  body, and inf latable  
devices are nearly symmetrical. A l l  other devices have side areas 
which are  substant ial ly  different  from plan areas. 
b ~ a c h  of these devices je t t isons approximately 1,100 pounds 
a t  booster f i r s t - s tage  burnout. 
Step I 
BOOSTER STUDIES 
Step I I A  
Several of the Dyna-Soar booster mission requirements a re  substan- 
t i a l l y  different  from those applied i n  the Titan ICBM design. 
Step I of the Dyna-Soar program requires the use of a modified 
standard Titan ICBM booster t o  place a minimum-size manned reentry 
device i n  or near i t s  equilibrium glide corridor f o r  subsequent explora- 
t ion  of as large a portion of the hypersonic reentry regime as  practica- 
ble .  Burnout a l t i tude  f o r  inser t ion of the reentry device in to  i t s  d 
equilibrium glide corridor varies, as a function of boost burnout veloc- 
i t y  and l i f t i n g  character is t ics  of the device, between 220,000 f e e t  
and 300,000 f e e t  f o r  most of the shapes. A zero (or horizontal) f l i gh t -  
path angle i s  required a t  burnout. 
Step IIA will use a larger booster to place the manned reentry 
device into orbital flight. A once-around orbit is a minimum require- 
ment. The orbital mission for a lifting device starts at an altitude 
of approximately 300,000 feet with a zero flight-path angle at a burn- 
out velocity (relative for eastward launch) in excess of 24,500 feet 
per second. 
Several additional rules were established to improve safety during 
boost : 
1. Fins are required on all boosters studied to make the booster 
and reentry-device assembly have at least neutral aerodynamic stabil- 
ity during the first-stage boost. 
2. The booster flight control system is designed to accept pilot 
control inputs both directly and superimposed on automatic commands. 
The pilot will also have a manual means of thrust termination. 
3. The minimum factor of safety on limit loads for the booster 
basic structure for manned flight will be 1.40. The flight factor may 
be reduced to 1.25 for unmanned flights to allow more severe environ- 
mental tests. 
4. The reentry device shall never be boosted to any condition from 
which it cannot safely recover. The boost trajectory must not pass 
through the reentry-device recovery ceiling either in normal operation 
or as the result of premature thrust termination. 
The Phase Alpha booster studies were for the most part conducted 
concurrently with the design studies of the various reentry devices 
shown in figure 1. As'a result of this study procedure it was neces- 
sary to conduct the booster studies on a parametric basis which involved 
making numerous assumptions regarding the reentry-device characteristics 
and total vehicle configurations. First, a nine-point matrix of reentry- 
device weights (6,000, 9,000, and 12,000 pounds) and wing areas (40, 250, 
and 500 square feet) were established. The smaller wing-area devices 
were assurned to be ballistic shapes, whereas the larger wing-area 
devices were assigned lift and drag characteristics as a function of 
wing loading. It was then necessary to assume typical center-of- 
pressure and center-of-gravity locations and to assume a configuration 
and weight for the transition section between the reentry device and 
the booster. A standard lift-curve slope of 0.03 per degree was used 
for all reentry devices throughout the parametric study. A limit angle 
of attack of 5O was used at maximum dynamic pressure for structural 
sizing of the boosters. 
For performance calculations, appropriate drag characteristics 
were assumed for each reentry device. The vehicle was launched from 
Cape Canaveral a t  an azimuth angle of 110~. The thrust-weight r a t i o  a t  
launch was generally maintained above 1.25 t o  avoid a r i f t  problems. 
Typical boosters studied f o r  Phase Alpha are  shown i n  f igure  2. 
The Titan ICBM i s  shown only f o r  comparison, with the Lot J type having 
been used as a technical reference point. The modified Titan f o r  
Step I and the three larger  Step I I A  Titan boosters a re  shown fo r  the 
midpoint of the parametric weight-area study matrix. 
Characteristics of these typical  boosters are  shown i n  table  2. 
The Step I modified Titan represents the minimum changes required t o  
the ICBM fo r  peri!ormafice of the Dyna-Soar Step I mission. 
For Step I I A  o rb i t a l  capabili ty,  the Titan I1 and two d i f fe rent  
versions of the Titan-Centaur were studied. Primary in t e res t  f o r  
Step IIA was centered around the 400,000-pound-thrust Titan-Centaur. 
The Titan f i r s t  stage used fo r  t h i s  combination w a s  increased i n  s ize  
t o  allow the addition of lO5,OOO pounds of L O ~ / R P - ~  propellant, and the 
two ICBM engines are  uprated t o  X)O,OOO pounds of thrus t .  The second 
stage CENTAUR B uses optimum propellant loading fo r  the combination 
and has two 20,000-pound-thrust ( ~ r a t t  and Whitney) RLlOB-2 LOp/hYdrogen 
engines. Since the growth of the f irst  stage of the larger  Titan i n  
terms of both size and engine thrust ,  was considered t o  be near the 
growth limits of the 10-foot-diameter Titan, a smaller version was 
also investigated f o r  o rb i t a l  capabili ty.  This 360,000-pound-thrust 
Titan f i r s t  stage had 66,000 pounds of propellant added t o  the ICBM 
f i r s t - s tage  capacity and used engines uprated t o  180,000 pounds of 
thrus t .  
Fin s izes  required t o  provide s t a t i c  s t a b i l i t y  during f i r s t - s tage  
boost are shown i n  figure 3 .  Note tha t  f i n s  are  required even f o r  the 
smallest s ize reentry device, since a l l  the boosters are  inherently 
unstable without f i n s .  These f i n  s izes  are determined by assuming a 
normal-force-curve slope of 0.03 per degree f o r  the reentry device and 
0.06 per degree f o r  the f ins .  Body l i f t  and aeroelast ic  e f fec ts  were 
included. The curves of f igure 3 show only pitch-fin area required. 
In  addition, yaw f i n s  were required, which were the same s ize  as the 
pitch f i n s  f o r  symmetrical b a l l i s t i c  reentry devices. The various 
gl ider  reentry devices required yaw f i n s  whose area was only 40 percent 
of the pitch-fin area. The f i n s  used i n  a l l  cases had a taper r a t i o  
of 2 with an unswept 50-percent-chord l ine .  
Booster-structural-weight increases were computed fo r  a given 
reentry device by using a l imi t  angle of a t tack  of 5' a t  maximum dynamic 
pressure t o  establ ish body bending loads. The weights required f o r  such 
s t ruc tu ra l  modifications were combined with the f i n  and fin-attachment 
weights t o  produce the total 'structural-weight increase f o r  the Titan 
and Titan-Centaur as shown in figure 4. The reference weights shown 
are basic dry-structure weights of each booster before modification. 
Note that for the Titan a boosted 9,000-pound device with a wing area 
of 400 square feet requires doubling the basic structural weight. The 
Titan-Centaur curve is for the 400,000-pound-thrust Titan first stage 
previously described. Nonlinearity of these curves is due primarily 
to the predominance of axial loads for small reentry-device wing areas, 
whereas bending loads predominate for the larger lifting shapes. 
A typical Step I boost trajectory is shown in figure 5. The 
recovery ceiling, dynamic-pressure limit, and temperature limit 
are indicated for an intermediate L7D glider reentry device. The 
initial phase of the trajectory is a vertical boost to 200 feet per 
second followed by a gravity turn through first-stage burnout. After 
first-stage separation, a gravity turn is continued to a relative veloc- 
ity of approximately 14,000 feet per second at an altitude of 
260,000 feet, at which time a constant angle-of-attack pitch program 
of 12' is initiated and maintained until just prior to second-stage 
burnout. This pitch program, with the angle of attack held constant 
for approximately 40 seconds, is required to produce a zero but-nout 
angle in the proper glide corridor. 
The staging operation for separation of the first stage from the 
second-stage-reentry-device combination was varied somewhat, depending 
on the booster. Initial staging concepts for the Titan booster included 
a 20-second coast period between the first-stage burnout and separation. 
Such a Step I coast was used throughout the parametric studies. How- 
ever, results of feasibility studies of the "fire-in-the-hole" technique 
indicated that the second-stage engines could be ignited and brought 
up to a 70-percent nominal thrust prior to separation. This technique 
then allowed staging at considerably higher dynamic pressures than were 
originally considered feasible, so that Step I staging could be accom- 
plished without coast following first-stage burnout. The Step I per- 
formance trade shown in figure 6 indicates a burnout velocity VB .o 
increase of approximately 150 feet per second if no staging coast is 
required. 
A staging refinement study was not conducted for the Titan-Centaur. 
All Step IIA data include a 10-second coast between first-stage burnout 
and Centaur separation. For Step IIA this coast occurred at a higher 
altitude than for Step I, and the dynamic pressure at Centaur separa- 
tion was in all cases less than 10 pounds per square foot. 
BOOSTER PERFORMANCE SUMMARY 
The booster parametric-performance summary for Step I is shown in 
A 
figure 7. Step I boosted weights and equivalent wing areas for each 
of the eight reentry devices considered are also shown. These reentry- 
device points have been corrected in terms of equivalent wing area to 
account for actual physical characteristics of the reentry device in 
such a fashion that the burnout velocities read from figure 7 for each 
device are truly comparative. The Step I burnout-velocity-weight 
trades are as follows: 
where VBaO is the burnout velocity and W1 and W2 are the weights 
of stages 1 and 2, respectively. Although figure 7 represents compara- 
tive Step I performance data from the parametric booster study, it does 
not necessarily represent the ultimate Step I performance achievable 
for any specific booster-reentry-device combination. For example, a 
design refinement conducted for the intermediate LID glider-Titan- 
booster combination indicated that a burnout-velocity improvement of 
approximately 1,000 feet per second over the parametric-data value might 
be achieved through improved transition and fin design and with careful 
trajectory optimization for such a specific vehicle combination. 
Step I I A  orbital capability of the various Titan boosters is shown 
in approximate form in figure 8. It was assumed for this comparison 
that a relative burnout velocity of 24,600 feet per second would be 
required at an altitude of 300,000 feet to produce a once~around 
orbital mission. These data indicate that the Titan I1 will be ade- 
quate for Dyna-Soar Step I I A  only for very light, small reentry devices. 
The 400,000-pound-thrust Titan-Centaur, on the other hand, will be 
adequate for a large number of the reentry devices studied. 
The Step I I A  booster-performance trades are as follows: 
Again, it should be noted t h a t  these parametric data are  somewhat con- 
servative i n  te rns  of o r b i t a l  capabi l i t ies  shown herein. A design 
refinement which r e su l t s  i n  an increase i n  thrown weight on the order 
of 1,000 pounds would make the Titan-Centaur adequate fo r  Step I@ 
f o r  a l l  the reentry devices except the high L/D glider .  Such a 
capabili ty increase can probably be achieved through (a) use of a 
Titan I1 storable f i r s t  stage with increased propellant loading, (b) 
optimization of f in s ,  structure, and t rans i t ion  section, and (c)  reduc- 
t i on  of the f i n  requirements. ' 
During the f i n a l  portion of the Phase Alpha studies, primary 
in t e res t  i n  the reentry devices centered about several intermediate 
LID glider  configurations. A study refinement was conducted f o r  one 
such device on a ~ i t a n ( s t o r a b 1 e  400 ,OOO-pound thrust  ) -Centaur booster 
as shown i n  figure 9. Fins were reduced i n  area below ' t h a t  required 
fo r  s t a b i l i t y  throughout the f i r s t - s tage  boost, but they were maintained 
large enough t o  provide a 3' angle-of-attack control authority within 
the f i rs t -s tage engine gimbal limits (i~.$~) and t o  provide s t a t i c  s ta-  
b i l i t y  at f i r s t - s tage  burnout. Burnout velocity, with the gl ider  shown, 
was increased t o  24,800 f e e t  per second ( r e l a t ive ) .  Further growth 
capabili ty may be achieved through additional uprating of the f i r s t -  
stage engine thrus t .  
TABLE 2.- TYPICAL BOOSTER CHARACTERISTICS 
'i- 
t- 
i- 
C 
V: 
Booster 
Titan Lot J ICBM 
Stage 1 (sea level)  
Stage 2 (vacuum) 
Titan modified, Step I 
Stage 1 (sea level) 
Stage 2 (vacuum) 
Titan 11, Step I I A  
Stage 1 (sea level)  
Stage 2 (vacuum) 
 titan-Centaur, Step I I A  
360K stage 1 (sea 
level)  
Stage 2 (vacuum) 
Titan-Centaur, Step I I A  
400K Stage 1 (sea 
level)  
Stage 2 (vacuum) 
Launch 
weight, 
kilopounds 
227.3 
239 2 
335.4 
290.1 
331.9 
Propellant 
~2~~~ 
LO~RP- I .  
1 0 ~ ~ - 1  
L O ~ / R P - ~  
N ~ O ~ / ~ O $  UDMR - N2H4 
. 
N204/50$ UDMR - N94 
m2/RP-1 
~ 2 1 ~ 2  
10 RP-1 
.! 
~ 2 / ~ 2  
l b  
164,240 
41,250 
164,240 
47,270 
244,810 
,. 
61,030 
230,000 
31,250 
269,170 
31,250 
Thrust, 
kilopounds 
300 
80 
300 
80 
400 
80 
360 
40 
400 
40 
Isp, 
see 
249 
307 
249 
307 
253 
310 
253 
418 
254 
418 
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SUMMARY COMPARISON OF DYNA-SOAR REENTRY DEVICES 
By Max T. Braun 
Boeing Airplane Company 
A significant part of Dyna-Soar Phase Alpha studies was the pre- 
liminary design, to consistent ground rules, of broadly selected con- 
figurations on which research on the problem of controlled, manned 
reentry could be conducted. After the preliminary investigation of 
21 configurations, 9 devices, shown in figure 1 along with the name 
of the principal contributor, were selected for detailed investiga- 
tion. Technical details of>these devices are presented in other 
papers at this conference. It is significant that these devices, with 
the exception of the drag brake, were designed for a common set of ground 
rules shown in table I. Hence, for the first time, these devices can be 
compared directly. The scope of the nine devices covers the broad range 
of parameters shown in table 11. The wing-loading range from approxi- 
mately 5 to 110 lb/sq ft and a range of hypersonic lift-drag ratios 
from 0 to 3.0 were studied. For proprietary reasons, the parameters 
and technical data for the Modified Mercury will not be presented. 
One of the first areas of comparison is the weights of these devices. 
This comparison is shown in table 111. Since a variety of structural con- 
cepts and heat-protection systems are used on the devices, it is appro- 
priate to compare the sum of the structure and environmental-control 
weights rather than just the structure weight. I 
Arriving at the optimum system to accomplish a specific mission or 
objective is an evaluation process with emphasis on cost. When evalua- 
tion of the merits of the nine devices for the Dyna-Soar mission was 
formulated, it became apparent that there are four separate elements 
involved in the evaluation of these systems. These parts are not addable 
or combinable by any method other than considered judgment. The four 
parts are: technical confidence, value of technical results, development 
phasing, and costs. 
The following portions of the paper include Boeing Airplane Company 
ratings in technical evaluation of the devices. Table IV presents the 
rank of the devices in technical confidence in aerodynamic technology 
required to accomplish successfully the program objectives. These ratings 
reflect predesign development-program timing to bring the devices to simi- 
lar confidence levels. The aerodynamic rating is based on flight control, 
performance, and heating. 
First in aerodynamic confidence rating is the drag brake. The 
flight-control problems are not severe because of its pure ballistic 
shape. The heating technology for this blunt shape is well known, and 
the ability to predict the performance is very high. It has a possible 
problem because the cloth which covers the umbrella-like drag device 
sags. The only heating problem is the sagging and heating of the par- 
tially open device. 
Next in aerodynamic confidence are the M-1, 2.28 glider, and 
3.& glider. The M-1 has possible flight-control problems from its 
D T 
U 
blunt, close-coupled shape which changes by ablation during the reentry 1 
process and possible center-of-gravity problems. The heating confidence 1 
is very high except around the control surfaces where stagnation areas 1 
occur. The performance-predicting ability is only slightly less than 0 
L that for pure ballistic devices. The 2.2- glider has had extensive wind- D % 
tunnel testing up to the present time. There are some problems in the 
flight-control area, but these are not serious. The heating of this 
device is fairly well understood, except in certain detail areas. The 
ability to predict performance is not rated as high as that of the pure 
-4 
ballistic devices or as high as that of the M-1, but it is still rela- 
tively high. The 3.$ glider has also had extensive development time 
and is rated the same as the- 2.2L glider. The 1.9 glider ranks next. 5 D 
It has had some subsonic testing; however, there are some possible hyper- 
sonic problems because the shape of this device has not been tested as 
yet. Very little is known about this glider in the flight-control area. 
The fold-wing device ranks next. There are unknown flight-control 
answers of this device, particularly in the subsonic directional-stability 
and subsonic pitchup problems. Heating confidence for this glider is 
relatively high, ranking only slightly less than that for the 2.2g and 
3.04 gliders. Performance-prediction ability is the same as for the other D 
glider devices. 
Next in rank is the M-2b. The flight-control problems would be bet- 
ter than those of the M-1 except that this device has a landing problem 
as well. It has the least confidence of any of the systems in heating, 
particularly around the tip controls. The performance-predicting con- 
fidence is the same as that for any glider. 
Last in ranking is the inflatable device. The problems of the 
flexible system and reaction control problems are reflected in low 
flight-control-system confidence. Also, new systems are reqdred to 
make the flight-control system work. The heating problem is not very 
L different  from tha t  of the 2.$ gl ider  except f o r  possible sagging prob- 
lems. The a b i l i t y  t o  predict  the performance of t h i s  device ranks the 
same a s  any gl ider .  
The s t ructures  confidence of these devices ranks the M-1  s t ructure 
as  having the highest confidence. Possible problems are  the hot control 
areas and long time ablators .  
The gl iders  a l l  rank approximately the same. They a l l  employ 
refractory metals i n  one form or  another, just  t o  different  degrees. 
The order of ranking i s  close with the 2.& glider,  1.9 glider,  fold 
D D 
wing, M-2b, and 3 .$  glider  i n  tha t  order. There i s  a drop i n  confidence 
i n  the fold wing, however, due t o  the f a c t  t ha t  i t s  weights a re  con- 
sidered optimistic.  The fold-wing device employs extremely th in  gages 
of nickel-base alloys,  and more work would have t o  be done t o  ensure 
tha t  t h i s  i s  a r e l i ab le  s t ructure.  The basis  fo r  t h i s  ranking i s  the  
s t ruc tura l  t e s t  programs, both successful and unsuccessful, which have 
been conducted t o  date during the Dyna-Soar study. The 3.$ gl ider  
employs a cooled nose cap which has not been tested t o  date. This i s  
the main reason f o r  i t s  ranking lower i n  t h i s  rating. 
The hot-fabric-covered devices a re  lowest on the scale, but the drag 
brake does not require a i r  t ightness t o  the same degree as the a i r  in f la ta -  
b le  device and, therefore, has higher confidence. Development of the wire- 
mesh fabrics  which a re  covered by a s i l icon  compound with glass  f r i t s  i n  
it i s  not complete a t  t h i s  time. The confidence i n  the weight of the drag 
device i s  low, however, mainly because it does not sa t i s fy  the ground ru les  
i n  the areas of landing s i t e s  and reusabi l i ty .  I f  t h i s  device i s  rated on 
i t s  performance i n  other areas based on t h i s  weight, the confidence must 
be lowered. 
Table V shows the rank of these devices i n  value of technical 
r e su l t s  for  Dyna-Soar objectives. Many face ts  of comparison were exam- 
ined t o  a r r ive  a t  t h i s  ra t ing.  They are  l i s t e d  without de ta i l .  The 
devices were examined fo r  a b i l i t y  t o  make l a t e r a l  aerodynamic maneuvers, 
fo r  a b i l i t y  t o  grow t o  superorbital reentry capabili ty,  for  a b i l i t y  
t o  make a conventional landing, ra ther  than merely impacting in tac t ,  for  
a b i l i t y  to  explore various corridors during reentry, f o r  a b i l i t y  t o  obtain 
a wide variety of research data applicable t o  future mil i tary reentry sys- 
tems, fo r  a b i l i t y  t o  obtain research data not available from the extension 
of existing programs, fo r  the  a b i l i t y  of the p i l o t  t o  make o rb i t  correc- 
t ions,  f o r  the a b i l i t y  of the p i l o t  t o  a s s i s t  i n  landing-site selections, 
fo r  the a b i l i t y  of the p i l o t  t o  a s s i s t  the t e s t  program as  an operator 
with judgment, fo r  the a b i l i t y  of the p i l o t  t o  a id  i n  the emergency modes, 
for the a b i l i t y  of the devices t o  sustain orb i t ,  for  the a b i l i t y  of the 
devices t o  research m i l i t  or  the  a b i l i t y  of the devices 
fo r  potent ia l  mil i tary payloads, f o r  the a b i l i t y  of the  devices t o  incor- 
porate mil i tary equipment, and f o r  the growth capabili ty of the devices. 
When a l l  of these face ts  of value of technical r e su l t s  were taken 
into account, the following ranking resu l t s .  F i r s t  i n  value i s  t h e  
L J .O - glider .  Second i n  value i s  the 2 -2  L gl ider  closely followed by 
D D 
the fo ld  wing and the 1.5 k glider ,  i n  tha t  order, Next comes the 
D 
inflatable-wing device closely followed by the M-2b. The M - 1  i s  followed 
by the drag brake which i s  l a s t  i n  the ra t ing .  
Next some of the technical aspects of the  study w i l l  be examined. 
Figure 2 shows the efficiency r a t io ,  which i s  the r a t i o  of weight of 
payload plus p i l o t  t o  the boost weight of the reentry device, as  a f'unc- 
t ion  of LID. As might be expected, low values of LID resu l t  i n  higher 
efficiency. 
Figure 3 shows the efficiency r a t i o  i n  terms of the boost weight of 
the reentry device a s  a function of lateralmaneuverabili ty.  Here, the 
basic reentry device has been provided with a maneuver rocket (with a 
specific impulse of 410 and a propellant-loading fract ion of approxi- 
mately O.88), which i s  f i r ed  a quarter of the ea r th ' s  circumference 
before landing. This rocket i s  considered as  pa r t  of the boost weight 
of the reentry device. The p lo t  shows t h a t  f o r  d i f fe rent  l a t e r a l  maneu- 
ve rab i l i t i e s  the re la t ive  ranking of these devices changes completely. 
The so l id  portions of the curves a re  those devices which can be boosted 
with a modified Titan-Centaur booster; the dashed portions of the curves 
a re  those devices which cannot be pushed into o rb i t  by tha t  booster. 
Table V I  presents the comparison of the aerodynamic maneuverability 
of these devices and a comparison of t h e i r  landing character is t ics  with 
those of the X-15 device. This comparison has been made with the method 
of reference 1. It i s  interest ing t o  note tha t  providing f o r  a conven- 
t i ona l  landing capabili ty insures a hypersonic LID of 1.5 o r  greater .  
In  closing it i s  appropriate t o  remark upon the evaluation process 
used. Shown i n  figure 4 i s  a 3-axis system, schematically representing 
the evaluation process used. Each device has an appropriate value a s  a 
research system, a cost of the research program, and time t o  accomplish 
the  program objective. Technical confidence comes into t h i s  evaluation 
process i n  tha t  time and moneyahave been provided t o  the best of present 
a b i l i t y  t o  bring the technical confidences t o  a similar leve l .  However, 
lack of technical confidence a t  t h i s  time must a lso be considered as  
possible perturbations i n  time, money, and value. Selection of the  
optimum device t o  accomplish the objectives of the  Dyna-Soar program 
w i l l  then depend upon considered judgment as t o  combination of these 
factors  of technical confidence, value, time, and cost.  The rankings 
contained herein reflect an evaluation made by Boeing Airplane Company 
and do not reflect or imply results of evaluations made by any other 
group that had access to the Phase Alpha design studies. 
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TABLE I 
GROUND RULES 
PILOTED (ONE CREWMAN) 
* 1,000- POUNDS RESEARCH EQUIPMENT 
0 75 CUBIC F E E T  VOLUME FOR EQUIPMENT 
0 ONCE--AROUND OPERATI  N G CAPABl  L l T Y  
0 "SAFE"  B O O S T  
LAND WITH IN  10 SQUARE M I L E S  
CONSISTENT SUBSYSTEMS 
o REUSABLE  FOR F O U R  FLIGHTS 
AT L E A S T  N E U T R A L  S T A B I L I T Y  
ESCAPE PROVISIONS 
e 6,000 -FOOT MARGIN WITH CRIT ICAL  H E A T I N G  
TABLE I1: 
PAR AM ETER COMPARISON 
S T E  P l I A  (ONCE -AROUND ) 
D E V I C E  
DRAG B R A K E  
M - l  L I F T  BODY 
M-2b L I  F 1 BODY 
I .S(L /D)GLIDER 
2.2(L/D) GLIDER 
3.O(L/D) GLIDER 
INFLAT. WING 
F O L D  W I N G  
WBOOsT' 
LB 
1 5,260 
7;275 
9,39 1 
8,590 
97 19 
1 1,29 1 
1 1,069 
8,298 
W ~ E E ~ ~ ~ y l  
LB 
4,123 
6,5 0 9 
9,l 9 6 
8,3 4 6 
9,4 5 5  
1 0,570 
9,s 6 0 
7,952 
REENTRY * 
LB/SQ F T  
W/C~A=1 .8 /36  
LB/SQ FT 
1 1  0 
59.1 
29.4 
28.7 
26.1 
5.5 
13.4 
= 20 
0 
.5 
1.3 
1.5 
2.2 
3.0 
1.7 
2.0 
TABLE III 
SUMMARY WEIGHT COMPARISON 
S T E P  a A  ( O N C E - A R O U N D )  
TABLE IK 
RELATIVE  TECHNICAL CONFIDENCE 
D E V I C E  
DRAG BRAKE 
M-l LIFTING 
M-2 bLIFTING BODY 
I . 5  (L/D)GLIDER 
2.2(L/D) GLIDER 
3.O(L/D)GLIDER 
INFLAT. WING 
FOLD WING 
WINJECT, L~ 
4.1 40 
6.65 7 
9,39 1 
8,5 90 
9,7 1 9 
1 1,29 1 
I, 1069  
q 2 9 8  
RANK I N  
AERODYNAMICS 
DRAG BR,AKE 
M-I 
2 . 2  L/D GLIDER 
3.0 L/D GLIDER 
1.5 L/D GLIDER 
FOLD WING 
M-2b 
INFLATABLE WING 
RANK I N  STRUCTURES 
AND M A T E R I A L S  
M-l 
2. 2 L /D GLIDER 
1.5 L/D GLIDER 
M-2b  
3 .0  L/D GLIDER 
F O L D  WING 
DRAG B R A K E  
INFLATABLE WING 
WSTRUCT. 
ENVIRON. 
CONTROL (INJECT.), L B  
2,l 97 
3,6 1 7 
5,3 7 1 
4,65 0 
5,7 7 6 
6,98 8 
6,334 
4,29 8 
W~~~~~ 
SUBSYSTEM 
(INJECT.), L B  
7 4 3  
1,8 40 
2,8 2 0 
2,740 
2.74 3 
3,l 03 
3.5 2 5  
2.8 00 
W~~ LOT 
AND 
PAYLOAD, LB 
1,200 
1,200 
1,200 
1,200 
1,2 00 
1,2 00 
1,2 00 
1,2 00 
TABLE P 
VALUE O F  TECHNICAL  RESULTS 
RANK IN VALUE FOR DYNA- SOAR OBJECTIVES 
3 . 0  L/D GLIDER 
2 . 2  L/D GLIDER 
F O L D  W I N G  
1.5 L /D  GLIDER 
INFLATABLE WING 
M - 2  b 
M-I 
DRAG BRAKE 
TABLE IL t  , 
MANEUVER AND LANDING COMPARISON 
LANDING METHOD AND 
COMPARISON TO X-15 
BASIC DEVICE (55  EPS) 
PARACHUTE (30 F PSI  
CONVENTIONAL- EQUAL 
CONVENTIONAL- BETTER 
CONVENTIONAL- BETTER 
CONVENTIONAL - BETTER 
CONVENTIONAL - BETTER 
CONVENTIONAL- BETTER 
DEVICE 
DRAG BRAKE 
M -1 
M-2 b 
1.5 L/D GLIDER 
2.2 L/D GLIDER 
3.0 L/D GLIDER 
INFLAT. WING 
FOLD WING 
LATERAL MANEUVER 
FROM 23,000 FPS 
0 
150 
800 
1,100 
2,150 
3,500 
1,400 
1,700 
REENTRY DEVICES EVALUATED 
MOD. M-26 M-I DRAG BRAKE 
MERC.  (G. E B (BOEING) (AV C 0 )  
(Mc DONNELL) BOEING) 
GL IDER GLIDER G L I D E R  GLIDER G L I D E R  
L O L / D  MED.L /D  H I U D  F O L D W I N G  I N F L A T A B L E  
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Figure 1 
VARIATION OF EFFICIENCY RATIO WITH L/D 
REENTRY -DEVICE BOOST WEIGHT BASIS 
EFFICIENCY 
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DYNA-SOAR GLIDER-CONFIGURATION EVOLUTION 
By R. L. Rotel l i  
Boeing Airplane Company 
INTRODUCTION 
The major e f fo r t  of the  Boeing Airplane Company on Dyna-Soar 
reentry devices has been i n  the development of a winged glider.  The 
purpose of t h i s  paper i s  t o  show the external configuration evolution 
of the  gl ider  from the  time of the  i n i t i a l  proposal i n  March 1958 t o  
the current s ta tus .  Time does not permit a review of a l l  of the  con- 
figuration steps taken during t h i s  two-year period, nor i s  a compre- 
hensive review of any one configuration possible. Four configuration 
steps with brief explanations of significant reasons f o r  each t ransi-  
t i on  w i l l  be presented. 
The f i r s t  configuration was developed by an Industry team headed 
by Boeing t o  meet the requirements of the U.S. Air Force request f o r  
a proposal. A l l  subsequent configurations have been influenced by 
Air Force-NASA crit iques,  Air Force, NASA, and Boeing analyt ical  and 
t e s t  programs, indus t r ia l  companies collaborating with Boeing as  team 
members, s c i en t i f i c  consultants throughout the nation, and any other 
source from which data were obtainable. 
There have been a t o t a l  of 51 configuration steps, of which 9 
were suff ic ient ly  significant t o  warrant construction of models and 4 
are  worthy of fur ther  discussion here. A s  shown i n  figure 1, these 
models include (1)  the  i n i t i a l  configuration proposed i n  March 1958, 
(2)  the  Phase I model of December 1958, (3) the Phase I model of April 
1959, and (4)  the Phase Alpha model of March 1960. 
INITIAL CONFIGURATION OF MARCH 1958 
A t  the time of the i n i t i a l  Dyna-Soar competition the design objec- 
t i v e s  were a s  noted i n  f igure 2. Throughout the 2-year development 
period these objectives have not changed and remain the same today. 
The design approach used i n  meeting these objectives was a s  noted 
i n  f igure 3 .  The small s ize  i s  necessary t o  keep booster costs and 
development time t o  a minimum by modification of existing ICBM boosters. 
The use of exis t ing hardware i s  t o  minimize the development costs and 
time not essent ia l  t o  Dyna-Soar research. The versa t i le  t e s t  s tores  
bay i s  t o  provide research f l ex ib i l i t y .  The simple passive 'structure 
i s  t o  get maximum r e l i a b i l i t y  with structure tha t  i s  dependent upon 
i t s e l f  f o r  survival ra ther  than upon an active subsystem. Maneuver- 
a b i l i t y  provides large course corrections so tha t  a maximum of research 
f l i g h t  envelope and a maximum means f o r  the p i l o t  t o  get the machine 
back safely are  available. The growth t o  mil i tary use i s  t o  avoid 
"dead-end" tes t ing  by planning a logica l  t rans i t ion  t o  an operation 
system. The "once-around" range i s  t o  demonstrate an o r b i t a l  capability. L 1 
Based on t h i s  design approach the configuration is  as  shown i n  1 
figure 4. The weight a t  launch i s  8,260 pounds, wing area i s  approxi- 1 
mately 250 square fee t ,  the t e s t  payload i s  5lO pounds, and the landing 1 
speed i s  19 knots. The configuration has a leading-edge sweep of 75O, 
and the lower-surface dihedral i s  a constant XI0. There i s  one dorsal  .4 
f i n  and two ventral  f in s .  A single-pilot  canopy i s  located forward f o r  
landing vision. P i lo t  escape i s  by a stable capsule which occupies the 
forward th i rd  of the gl ider .  
d 
The i n i t i a l  work of the Phase I e f fo r t  s ta r ted  with t h i s  configu- 
ration, and some major problems soon evolved. These were 
(1) The large base area produced high subsonic drag with a corre- 
sponding low l i f t -drag  r a t i o  LID of 3.25 
(2)  The hypersonic LID of 1.85 gave insuff icient  l a t e r a l  range 
(3) The 20' dihedral together with the interact ion ef fec ts  of two 
upper and two lower control surfaces produced large roll-yaw cross- 
coupling ef fec ts  
(4 )  A t  hypersonic high angles of a t tack the beam l ine  ( intersect ion 
of the lower dihe,dral surfaces) and the leading edges of the  ventral  
f i n s  were experiencing temperatures i n  excess of known passive materials 
capabili ty 
(5) Because of the wedge shape the location of equipment caused the 
center of gravity t o  be too f a r  a f t  so t h a t  s t a b i l i t y  character is t ics  
were very poor and t r im could not be obtained with surfaces of reason- 
able s ize 
(6)  The impingement of the ventral-fin shock wave on the lower 
surface produced temperatures i n  excess of passive material  capability. 
PHASE I CONFIGURATION OF DECEMBER 1958 
The solutions t o  these problems and the creation of new ones i s  
shown i n  the configuration ident i f ied a s  Phase I model of December 1958. 
The design objectives a t  t ha t  time were the same a s  i n  March 1958. The 
design approach differences from those used i n  the March configuration 
a re  shown i n  f igure 5. 
Landing without thrus t  power i s  necessary t o  avoid the  massive 
costs  t o  produce and t o  use a booster capable of putting a gl ider  sized 
and weighted t o  carry such an engine ins t a l l a t ion  in to  orbi t ,  par t ic-  
u la r ly  i f  the engine has no other purpose than t o  a s s i s t  the p i l o t  i n  
landing. Escape throughout the f l i g h t  prof i le  was considered a good 
idea f o r  any manned system i f  it could be done within acceptable cost 
penalties.  F u l l  time s t a b i l i t y  augmentation was found t o  be necessary 
f o r  good p i lo t  f lying characteristics;  integrating p i l o t  control was 
t o  allow the p i l o t  the opportunity t o  add t o  the r e l i a b i l i t y  of the 
system. The "go-around" landing engine f o r  a i r  launch w a s  t o  a i d  i n  
the  p i lo t  t ra ining and development of landing techniques. The "twice- 
around" range and a l t i t ude  of 300 nautical miles was t o  assure sizing 
the gl ider  f o r  growth t o  a useful mil i tary potential .  The use of sys- 
tem redundancy by duplication was necessary t o  approach a survival 
r e l i a b i l i t y  objective of 0.998. 
The resul t ing configuration i s  shown i n  figure 6. Significant 
changes from the  l a s t  configuration are:  
(1) Equipment i s  ins ta l led  i n  a body with wings attached i n  l i eu  
of a thick wing 
(2) The base area i s  reduced with resul t ing improvement i n  subsonic 
LID t o  4.25 
(3) Vertical f i n s  a re  moved t o  the  wing t i p s  so t h a t  resul t ing 
control forces a re  acting more nearly through the center of gravity 
(4) The f l a t  bottom i s  t o  improve s t a b i l i t y  character is t ics  and 
reduced loca l  skin tepperatures 
(5) The leading-edge sweep i s  reduced t o  73' t o  provide some 
improvement i n  landing character is t ics  and t o  permit a be t t e r  fixed 
equipment arrangement f o r  the same wing area 
(6) The nose i s  bent up 4' t o  permit trimming a t  higher l i f t  
coefficient CL hy-personically 
(7) The wing area i s  increased t o  330 square f ee t  t o  reduce the 
wing loading t o  help compensate for  the increase i n  temperatures 
resul t ing from using turbulent flow i n  l i e u  of laminar flow 
(8) Conventional elevons and a center elevator are  used 
(9) The weight has increased t o  9,200 pounds due principally t o  
added systems fo r  redundancy, larger  wings, and a more detailed weight 
analysis 
(10) The hypersonic L/D has increased t o  1.93. L 
1 
Subsequent analysis and t e s t ing  of t h i s  configuration brought out 1 
some problems as follows: 1 
1 
(1) The temperature of the lower surface was greater than predicted 
and about 500' F beyond the capabili ty of super al loy materials. Struc- v 
t u r a l  temperature l imi ts  a t  t h i s  time were 4 , 0 0 0 ~  F f o r  nose, 2 ,700~ F 
f o r  leading edges, and 2,000° F fo r  a l l  other surfaces. 
(2) The hypersonic LID was below the expected value because of b 
excessive body cross-section area. 
(3) The temperature of the lower leading edge of the ve r t i ca l  f i n s  
was excessive (about 3, TOO0 F) and beyond a passive structure capability. 
PHASE I CONFIGURATION OF APRIL 1959 
These problems led  t o  the next configuration of April 1959. The 
design objectives remain the  same. The design approach, however, i s  
becoming more specif ic  as noted i n  figure 7. The 14,000-foot maneuver 
corridor was established t o  provide a safety margin of a t  l eas t  6,000 f e e t  
as a minimum f o r  p i l o t  safety based on a 45O bank a t  a l l  speeds. Equip- 
ment redundancy was v i r tua l ly  eliminated t o  obtain a lower wing loading 
t o  reduce lower-surface temperatures and t o  l i m i t  the amount of refractory- 
coated insulated panels, a new addition t o  the glider.  The 500-pound 
payload l imitat ion i s  another way of reducing the wing loading. The 
2500-nautical-mile l a t e r a l  turn was considered necessary t o  maintain 
the objective of potent ial  mil i tary value. The a i r  launch t o  a Mach 
number greater than 1.5 i s  a new requirement t o  explore the c r i t i c a l  
supersonic f l i g h t  regime. 
The resul t ing configuration i s  shown i n  f igure 8. Significant 
changes from the previous configuration (fig. 6)  are: 
(1) The body cross section has been reduced 
(2) Molybdenum-insulated panels have been added t o  the forward par t  
of the lower surface; the 2,000° F l i m i t  fo r  surface temperature was 
abandoned 
P (3) The lower leading edge of the  ve r t i ca l  f i n s  has been eliminated 
by elimination of the area below the  wing 
(4) The weight has been reduced t o  7,800 pounds, while a wing area 
of 330 square f ee t  has been maintained. The hypersonic L/D has 
increased t o  2.2 and the subsonic L/D t o  4.5. 
Problems subsequently determined were as  follows: 
(1) T r i m  was not possible a t  low supersonic speeds because of the 
large camber i n  the wing upper surface 
i 
(2) The leading edge and nose temperatures were higher than pre- 
dicted so tha t  the 14,000-foot maneuver corridor could not be obtained 
(3) The center elevator created booster inters tage d i f f i c u l t i e s  
and interferences with the ins t a l l a t ion  of the a i r  launch l iquid  rocket 
engine. 
PHASE ALPHA CONFIGURATION OF MARCH 1960 
During the period through April 1959 the Air Force was conducting 
a phase I computation i n  which one of the  items of work was t o  develop 
the gl ider  design requirements. It was not u n t i l  a f t e r  the source 
selection of April 1959 tha t  the Air Force published t h e i r  design 
requirements t o  the winner of the competition. Based on these, the 
design objectoves remained unchanged; however, changes were ref lected 
i n  the design approach a s  shown i n  f igure 9. 
The configuration resul t ing from these requirements i s  shown i n  
figure 10. The s ignif icant  differences from the previous configuration 
are  : 
(1) The weight has been increased t o  9,283 pounds, primarily because 
of the return of 1,000 pounds of payload and subsystem redundancies. 
(2)  The en t i r e  lower surface has been covered with coated-molybdenum 
& 
insulated panels because of higher temperatures due t o  the higher wing 
loading and because of a requirement %hat the temperature be based on a 
100-percent equipment blocking of the inward radiated heat. 
(3) The radius of the leading edge and nose has been increased 
approximately 1 inch t o  recover the  minimum maneuver safety margin of 
6,000 fee t  
(4) Retractable f i n  t i p  s t ab i l i ze r s  have been added t o  reduce the 
aerodynamic center s h i f t  and thus t o  provide posit ive aerodynamic s ta-  
b i l i t y  throughout the f l i g h t  p ro f i l e  
( 5 )  The center elevator has been removed and the area added t o  the 
elevons 
(6) The wing upper surface camber has been removed t o  solve the 
subsonic trim problem 
(7) The nose gear has become a skid t o  save weight by eliminating 
the  cooling system required t o  protect a normal type nose gear. 
This configuration i s  one month old and three problems have 
appeared, a s  follows : 
(1) The escape capsule appears t o  be too complex and costly. 
(2) It i s  very desirable t o  reduce the temperature on the 
lower surface t o  l i m i t  the extent of molybdenum shielded panels. 
(3)  The s t a b i l i t y  character is t ics  at  hypersonic low angles 
of a t tack a re  unsatisfactory . 
Solution t o  these problems i s  now i n  progress. 
Figure 11 shows the current inboard prof i le  f o r  the ground-launch 
configuration. 
Figure 12 shows the current inboard p ro f i l e  f o r  the air-launch 
configuration. The pertinent equipment i s  ident i f ied.  
SUMMARIZATION 
Figure 13 compares the s ignif icant  areas of change i n  the evolution 
of the  Dyna-Soar gl iders .  The f luctuat ion of weight i s  due primarily t o  
the choice made as  t o  which of two influences was greatest  at the time, 
the structural-material  temperature capabi l i t ies  or the aerodynamics- h 
maneuver safety margin. A s  can be seen, aerodynamics i s  a t  present ahead. 
From t h i s  review, one might conclude t h a t  the designers were i n  a 
"rut t t  i n  staying so closely t o  a given shape and s ize  and simply making 
refinements. This i s  not t rue.  Throughout the  development period many 
"excursions" and trade studies were made. Consideration was given t o  a 
range of devices from a 3,000-pound unmanned vehicle t o  15,000-pound 
vehicle with a two-man crew. Wing loadings from l e s s  than 20 t o  greater  
than 40 were studied. Leading-edge sweep was varied from 70' t o  &I0. 
In a l l  of these excursions, the designers were always forced back t o  the  
configuration shown herein by three constraints or  "road blocks." These 
are  (1) the current ICBM booster capabi l i t ies ,  not only i n  the thrown 
weight but i n  the modifications required f o r  winged, manned payloads; 
(2) the temperature l imi ts  created s t ruc tura l  materials capabi l i t ies  f o r  
long time exposure; and (3 )  the Dyna-Soar requirements of such things as  
p i lo t  control, conventional landing, posit ive aerodynamic s t ab i l i t y ,  
hypersonic maneuverability, and o rb i t a l  veloci t ies .  These constraints 
led the designers t o  return t o  a wing loading of 20 t o  30 lb/sq f t ,  a 
weight of 8,500 t o  9,500 pounds, a hypersonic L/D of 1.5 t o  2.5 and 
a subsonic L/D of 4 t o  5. 
Whether subsequent work w i l l  remove any of these constraints t o  
allow fo r  a be t t e r  compromise between structures, aerodynamics, and 
requirements w i l l  have t o  await decisions concerning the next con- 
f igurat ion milestone, which a s  i s  shown i n  f igure 1, i s  scheduled f o r  
ear ly  spring of 1961. 
CONFIGURATION EVOLUTION 
Figure 1 
DESIGN OBJ ECTIVES 
MARCH, 1 9 5 8  
@ CONCEPTUAL GLl DER DEVELOPMENT 
@ SIGNIFI  CANTLY ADVANCING T ECHNOLOGY 
* SUBSEQUENT M I  LITARY APPLICATION 
@ DEMONSTRATING MANNED FLIGHT 
* HYPERSONIC BOOST GLIDE 
@ ORBIT 
e RE-ENTRY 
e CONVENTIONAL LANDING 
Figure 2 
DESIGN APPROACH - MARCH 1958 
SMALL S I Z E  
MAXIMUM USE OF EXISTING HARDWARE 
VERSATILE TEST STORES BAY 
SIMPLE PASSIVE STRUCTURE 
MANEUVERABLE I N  GLIDING FLIGHT 
RELIABLE AND SAFE 
MILITARY POTENTIAL 
ICBM BOOSTERS 
RANGE "ONCE-AROUND" 
Figure 3 
GENERAL ARRANGEMENT 
MARCH 1 9 5 8  
Figure 4 
DESIGN APPROACH 
DECEMBER, 1958 
* SAME AS MARCH, 1958, EXCEPT-  
* GOOD LANDING WITHOUT ENGINES 
e ESCAPE THROUGHOUT F L I G H T  E N V E L O P E  
* 3 - A X I S - F U L L T I M E - S T A B I L I T Y  A U G M E N T A T I O N  
I N T E G R A T E D  P I L O T  C O N T R O L  
*"GO-AROUND" L A N D I N G  E N G I N E  FOR A IRLAUNCH 
e R A N G E  " T W I C E - A R O U N D " - - A L T I T U D E  300 N.M.  
R E D U N D A N C Y  F O R  A D D E D  S A F E T Y  
Figure 5 
GENERAL ARRANGEMENT 
DECEMBER 1958 
-18 FT. 7.5 IN.--+ -34 FT. 5 IN.- 
Figure 6 
DESIGN APPROACH 
A P R I L  1 9 5 9  
SAME AS DECEMBER 1 9 5 8  EXCEPT 
a 14,000 FT. MIN. BETWEEN MAX. L /D 
EQUILIBRIUM AND MAX.L/D HEAT LIMIT 
LIMITED REDUNDANCY 
0 5 0 0  LB. PAYLOAD FOR MANNED FLIGHTS 
2 5 0 0  N. MI. LATERAL TURN 
AIR LAUNCH TO MACH 1.5 MINIMUM 
Figure 7 
GENERAL ARRANGEMENT 
APRIL  1 9 5 9  
Figure 8 
D E S I G N  A P P R O A C H  
MARCH 1 9 6 0  
PAYLOAD 1000 L B  & 75 CU. FT. 
BOOSTER MODIFIED TITAN I C B M  
e VELOCITY 2 6 , 0 0 0  FPS (INERTIAL) @ 
4 0 0 , 0 0 0  FT. ALT. 
LANDING CONVENTIONAL 
0 LATERAL RANGE 2 0 0 0  NAUT. MI. (MIN.) 
FLIGHT CORRIDOR 3 0 , 0 0 0  FT. (MIN.) 
GLIDER LIFE 4 FLIGHTS (MIN.) 
e STABILITY NEUTRAL - LAUNCH TO 
LANDING 
RELIABILITY REDUNDANCY OF CRITICAL 
COMPONENTS 
Figure 9 
GENERAL ARRANGEMENT 
MARCH 1 9 6 0  
Figure 10 
INBOARD PROFILE, GROUND LAUNCH 
MARCH 1 9 6 0  
I. CREW COMPARTMENT 
2. CAPSULE SEPARATION ROCKETS 
3. ESCAPE PARACHUTE 
4. HELIUM SUPPLY 
5. REACTION CONTROL 
6. STABLE PLATFORM 
7. ELECTRONIC MODULES 
8. N2H2 TANK 
9. ACCESSORY POWER UNIT 
10. FOLDING TIP STABILIZER 
I I .  CAPSULE ATMOSPHERE TANK 
12. TEST-EQUIPMENT BAY 
Figure 11 
l  NBOARD P R O F I L E  - A I R  LAUNCH 
. A P R I L  1 9 6 0  
J P-5 F U E L  TANK 
-7- 
H p  O2 OXIDIZER TANKS? \ 
\ \ ROCKETDYNE 
A R 2 - 1  
N2 B O T T L E  i' 
Figure 12 
DYNA-SOAR GLIDER DATA 
Figure 13 
1.95 2.2 2.2 
SUBSONIC 3.25 4.25 4.7 4.5 
DYNA-SOP;R AERODYNAMIC PEKFDRMANCE 
By James S. k s k o  
Boeing Airplane Company 
SUMMARY 
The aerodynamic performance capabi l i t ies  of the Dyna-Soar vehicle 
a re  summarized below. 
The piloted vehicle has a wing area of 330 square f e e t  and weighs 
9,720 pounds f o r  the  "once-around" mission. This weight includes the 
p i l o t  and 1,000 pounds of payload. 
A t e s t  mission has been defined f o r  a "once-around" f l i g h t  s ta r t ing  
a t  Cape Canaveral and ending a t  Edwards A i r  Force Base. The vehicle i s  
launched i n  a safety boost t ra jec tory  t o  an end-of-boost speed of 105 fee t  
per second above s a t e l l i t e  speed a t  an a l t i t ude  of 300,000 f e e t  with a 
fl ight-path angle of oO. The vehicle i s  pitched t o  a nominal l i f t  coef- 
f i c i e n t  of 0.45 and i s  held a t  t h a t  l i f t  coefficient t o  a velocity of 
Mach 4 a t  130,000 fee t .  It then completes i t s  glide in to  the landing 
area a t  a lower nominal l i f t  coefficient.  Range correction, i f  needed 
during f l igh t ,  i s  made by variat ion of l i f t -drag r a t i o  only. Maximum 
a l t i t ude  reached i s  430,000 feet .  For the due East launch, a bank angle 
of -15' i s  held during equilibrium glide t o  cause the vehicle t o  deviate 
from i t s  great c i r c l e  path t o  proceed t o  Edwards Air Force Base. Total 
mission time i s  l l 0  minutes. 
Energy management studies have been conducted t o  show an a b i l i t y  
t o  overcome range er rors  t h a t  would have resulted from boost dispersion 
er rors  and er rors  i n  assumptions of drag coefficient and density. 
The vehicle has large maneuver corridors. Even i n  a banked turn  
f o r  maximum l a t e r a l  offset ,  the vehicle operates with a temperature 
margin of over 2 0 0 ~  F f o r  i t s  most temperature-critical areas. 
The vehicle has a large l a t e r a l  maneuver capability. For an end- 
of-boost speed of 23,000 f e e t  per second ( re la t ive) ,  the vehicle can 
f l y  2,200 naut ical  miles t o  the side, down t o  a speed of 800 f e e t  per 
second. This side displacement increases t o  2,500 naut ical  miles f o r  
an end-of-boost speed of 24,100 f e e t  per second. These values a re  
based on turbulent-boundary-layer assumptions. Additional capabili ty 
t o  2,900 naut ical  miles would be available i f  the boundary layer were 
laminar. 
A landing procedure has been devised t o  enable development of 
piloted, nonpowered landing capabi l i t ies .  Subsonic maximum l i f t -drag  
r a t i o  i s  4.5. Speed brakes are  provided t o  modulate subsonic aerody- 
namic character is t ics .  For down-range f l igh t s ,  a drag chute i s  pro- 
vided. This dra.g chute and high-friction skids materially reduce run- 
out distance. 
INTRODUCTION 
The name "Dyna-Soar1' i s  an abbreviation of the words dynamic 
soaring which are  used t o  describe an equilibrium-flight process 
wherein a large f rac t ion  of the weight of the vehicle i s  supported by 
the centrifugal acceleration of high subsa te l l i te  velocities.  The 
amount of aerodynamic l i f t  required t o  maintain equilibrium f l i g h t  i s  
a s m a l l  f rac t ion  of the weight of the vehicle and t h i s  f a c t  r e su l t s  
i n  the  following f l i g h t  characteristics:  
1. Equilibrium-flight t r a j ec to r i e s  take place a t  extremely high 
a l t i t udes  
2. Vehicle longitudinal deceleration i s  a small f rac t ion  of a g 
3 .  Extremely long ranges can be covered i n  unpowered gliding f l i g h t  
even when the vehicle has a small l i f t -drag r a t i o  
4. The a c t w l  longitudinal range of the vehicle i s  d i r ec t ly  depend- 
ent on i t s  longitudinal deceleration which, i n  turn, depends d i r ec t ly  
on i t s  l i f t -drag  ra t io .  For good range control it i s  necessary f o r  the 
vehicle t o  possess a wide range of l i f t -drag ra t ios .  
Reliance on extreme speed t o  obtain longitudinal range imposes 
serious r e s t r i c t ions  on the a b i l i t y  of the vehicle t o  maneuver i n  a 
l a t e r a l  direction. Large l a t e r a l  forces a re  required t o  make a heading 
change; however, the vehicle i s  l imited i n  i t s  a b i l i t y  t o  develop large 
l a t e r a l  forces because of i t s  high-altitude-low-dynamic-pressure glide 
t rajectory.  
The resul t ing r a t i o  of l a t e r a l  range t o  longitudinal range f o r  the 
hypersonic gl ider  i s  of the order of l : 5  as  contrasted t o  a r a t i o  of 1:l 
which i s  the character is t ic  of subsonic o r  low supersonic airplanes. 
Although the range r a t i o  a s  mentioned i s  small, the actual  lateral-range 
capabili ty of the Dyna-Soar i s  of the order of 2,500 nautical  miles, a 
not inconsiderable amount. 
Lateral maneuver control i s  also dependent d i rec t ly  on the range 
of l i f t -drag r a t i o s  possessed by the  vehicle. 
SYMBOLS 
drag coefficient 
l i f t  coefficient 
maximum trimmed l i f t  coefficient 
gravi tat ional  acceleration 
a l t i tude ,  f t  
r a t e  of climb, fps  
l i f t  
l i f t -drag  r a t i o  
Mach number 
maneuver factor,  Y- + k - 1 
(r: ) 
radius 
fl ight-path radius of curvature 
wing area, sq f t  
i n e r t i a l  velocity, fps  
indicated airspeed, knots 
w e i e t ,  l b  
wing loading, 1b/sq f t  
angle of attack, measured from lower surface center l i ne  
s ides l ip  angle, deg 
7 .  f light-path angle, deg 
# bank angle, deg 
Subscripts: 
e equilibrium f l i g h t  
2 s t ruc tu ra l  l i m i t  
DISCUSSION 
General Arrangement 
The general arrangement of the Dyna-Soar gl ider  i s  shown i n  f ig-  
ure 1. Some pertinent dimensions are  as follows: 
Wing area, sq f t  . . . . . . . . . . . . . . . . . . . . . . . .  330 
Fin area, each, sq ft . . . . . . . . . . . .  ; . . . a . e . e  31 
Elevonarea, s q f t .  . . . . . . . . . . . . . . . . . . . . . .  34 
Rudder area, each, sq f t  . . . . . . . . . . . . . . . . . . . .  10 
Fold-out f in ,  each, sq f t  . . . . . . . . . . . . . . . . . . .  9 
Forward area u p t i l t  . . . . . . . . . . . . . . . . . .  15 percent S 
Angle of tilt, deg . . . . . . . . . . . . . . . . . . . . . . .  4 
The weights and wing loadings of the Dyna-Soar are  summarized as  
f ollaws : 
A l l  weights include p i l o t  plus 1,000 pounds of payload. The pr i-  
mary differences f o r  the weights going from Step I t o  Step IIA are  the 
increased expendable allowances and increased tank s izes  t o  house those 
expendable s . 
The center of gravity i s  located a t  63 percent of the reference 
root chord and varies l e s s  than 1/2 percent throughout the f l i g h t ,  The 
reference root chord i s  400 inches measured from the theoretical apex 
of the wing, 
Flight Envelope 
The f l igh t  envelope for  the Dyna-Soar launched eastward i s  shown 
i n  figure 2. The recovery ceiling i s  the locus of points on the h-V 
diagram a t  y = oO, from which the glider could successfully reenter 
i t s  f l ight  corridor without violating i t s  structural limits. It i s  of 
interest  primarily t o  insure that  a terminated boost trajectory would 
not place the glider into a regime from which it could not recover. The 
equilibrium glide trajectories are those for  hypersonic values of CL, 
of 0.69 and of CL for (L/D)- of 0.15. The minimum flight-altitude 
l ine  i s  that  where the vehicle becomes structurally limited. 
The overall f l igh t  corridor a t  20,000 fee t  per second i s  60,000 feet.  
For f l igh t  a t  t h i s  speed the dynamic pressure ranges from 15 pounds per 
square foot a t  CL,- t o  120 pounds per square foot a t  the minimum 
f l igh t  altitude. Reynolds numbers a t  these ,conditions range from 0.2 
6 t o  1.2 x 10 . 
Maneuver Corridors 
Maneuver corridors are shown i n  figure 3 as  a function of velocity 
a t  three l i f t  coefficients. The maneuver corridor i s  defined as the 
al t i tude difference between the al t i tude for  equilibrium glide a t  a given 
l i f t  coefficient and that a t  which the vehicle i s  limited structurally 
a t  the same l i f t  coefficient. 
Of pertinent interest i s  the fact  that  large corridors are avail- 
able a t  a l l  speeds and l i f t  coefficients for  vehicle operation. The 
smallest corridors are evident a t  a speed of 20,000 fee t  per second and 
t h i s  speed wi l l  be closely approached during Step I tests .  
The importance of the corridor depth can be better understood when 
it i s  realized that  the vehicle operates a t  temperatures 100' F lower 
than i t s  l i m i t  for  each 6,000 fee t  of corridor depth. Furthermore, i t s  
ab i l i ty  t o  generate aerodynamic l i f t  doubles for  15,000 t o  18,000 feet  
of depth. 
Allowable Maneuver Factors 
The maneuver factors available t o  the Dyna-Soar vehicle a t  a rela- 
t ive  velocity of X),7OO fee t  per second and the limitations which 
r e s t r i c t  these maneuver fac tors  a re  shown i n  f igure 4. The ordinate i s  
the a l t i t ude  and the abscissa i s  the maneuver factor,  described as  
A t  20,700 f e e t  per second the value of 2 i s  approximately 0.73. 
r g  
This i s  the percent of vehicle weight t h a t  would be supported i n  the  
absence of aerodynamic l i f t .  For f l i g h t  a t  CL,-, it i s  seen tha t  
there i s  no l i f t  contribution t o  the maneuver fac tor  a t  400,000 f e e t  
due t o  extremely low dynamic pressure. For operation a t  a lower a l t i -  
tude, the aerodynamic lift becomes appreciable. A t  258,000 fee t ,  the 
l i f t  provides equilibrium-f l i gh t  capability. A t  s t i l l  lower a l t i t ude  
the increased l i f t  provides maneuver capabili ty and would increase t o  
very large values i f  there were no s t ruc tu ra l  l imitation imposed on the  
vehicle f o r  f l i g h t  a t  CLjmax. However, it can be seen t h a t  point 2 on 
the  vehicle has met i t s  temperature l i m i t  a t  the a l t i t ude  of 241,000 fee t .  
Similarly, f o r  f l i g h t  a t  CL = 0.14 there i s  no contribution of l i f t  at  
high al t i tudes,  but f o r  lower a l t i t ude  operation the l i f t  contribution 
again becomes appreciable. Equilibrium glide i s  established a t  
h = 223,000 fee t ,  and, as the vehicle i s  flown a t  lower al t i tudes,  sig- 
n i f icant  load fac tors  are developed u n t i l  the vehicle again becomes 
s t ruc tura l ly  limited (due t o  temperature) along the wing leading edge. 
The complete boundary of temperature l imitat ions and the maneuver fac tors  
tha t  a re  allowed at various l i f t  coefficients a re  i l l u s t r a t ed  i n  t h i s  
f igure . 
It can be seen tha t  the nose l imitation i s  imposed over a small 
portion of the h-n diagram and t h a t  the dorsal-fin l imitat ion cuts 
off the low-lift-coefficient operatson capabili ty a t  approximately 
CL = 0.09 i n  equilibrium f l igh t .  This circumstance makes it possible 
t o  f l y  the vehicle a t  a lower a l t i t ude  a t  CL = 0.14 than a t  the equi- 
librium a l t i t ude  f o r  CL = 0.09 because of temperature r e l i e f  on the 
dorsal  f i n  a t  the higher angle of attack. It can be seen t h a t  the maneu- 
ver fac tor  required t o  f l y  i n  a 45O banked turn  i s  eas i ly  accommodated 
within the allowable maneuver factors.  
For t h i s  speed the  maneuver fac tor  allowed t o  the vehicle a t  CL,- 
i s  0.37; a t  CL = 0.45, it i s  0.6; and a t  CL f o r  (L/D)-, it i s  0.45. 
It should be noted tha t  there i s  an upper l i m i t  of CL t ha t  the 
vehicle cannot surpass when s t a r t ing  a t  any given CL i n  equilibrium 
glide.  This r e s t r i c t ion  i n  attitude-change capabili ty becomes important 
i n  longitudinal-range control capability, since the f u l l  range of 
l ift-drag ra t ios  cannot always be applied. For instance, i f  the vehicle 
were ineequilibrium a t  CL = 0.14, the maximum CL that  could be 
"pulled" would be 0 5. 
There i s  an approximate relationship between the shaded area t o  
the right of the equilibrium l ine and the shaded area t o  the l e f t  of 
that  line. The upper bound of the shaded area t o  the l e f t  of the equi- 
librium l ine i s  the recovery ceiling of the vehicle a t  t h i s  speed. This 
relationship follows from the consideration that  the maximum ver t ica l  
velocity of the vehicle attained by starting a t  the recovery ceiling 
a t  y = o0 i s  given by the expression ' 
6 = .-,,/2sn, n(h1d.h 
hrecovery ceiling 
For the vehicle t o  recover, positive ver t ica l  acceleration acting over 
an altitude depth must be applied t o  decrease the vert ical  velocity t o  
zero. The amount available within the bounds of the h-n diagram t o  
the right of equilibrium f l igh t  i s  
These two values of must be equal and opposite i n  sign and they are 
defined by the shaded areas as previously mentioned. 
The exact determination of the recovery ceiling i s  more complex 
since the horizontal velocity does not remain constant throughout the 
recovery maneuver. 
Drag Polars 
The trimmed drag polars for  the Dyna-Soar i n  equilibrium f l igh t  
are shown for  speeds ranging from subsonic t o  a Mach number of 25 i n  
figure 5. These values are based on turbulent skin friction. A t  a 
Mach number of 5, the percent of drag that  i s  skin f r ic t ion ranges 
from 15 a t  (LID), t o  less than 1 a t  CL3-. A t  a Mach number 
of 20, t h i s  percent ranges from 30.5 a t  (L/D),, t o  less than 7 a t  
CL,~,. There i s  a small ddfrease i n  (L/D),, with increasing hyper- 
sonic speed due t o  the reductkon i n  Reynolds number i n  the f l igh t  cor- 
ridor and a small reduction id  the lift-curve slope, The l i f t  coefficient 
fo r  (L/D)- i s  essentially constant for  the hypersonic speed range +2 
as  i s  the amgle of attack fo r  (L/D)- which i s  1.5~. 
A t  Mach number X) the following relationships prevail: 
The ra t io  of maximum t o  minimum lift-drag ra t ios  i s  2.7, which i s  
an index of equilibrium-glide range-control capability. 
CL 
0.15 
-45 
-69 
Mission Profile 
For the once-around mission from Cape Canaveral t o  Edwards Air 
Force Base, the altitude, range, and time are.shown i n  figure 6. The ' 
velocity a t  boost burnout i s  105 fee t  per second above sa t e l l i t e  speed 
a t  300,000 feet.  T h i s  speed i s  chosen for  a nominal f l igh t  a t  CL = 0.45 
t o  be flown t o  the vicinity of the landing area. This value of CL 
and the 300,000-foot injection al t i tude were chosen so that  the vehicle 
could aerodynamically correct, prior t o  leaving the sensible atmosphere, 
boost dispersion errors and errors i n  the assumptions of vehicle drag 
coefficient and i n  density a t  that  tape-line altitude. The nominal 
mission time i s  110 minutes. 
L/D 
2.18 
1.5 
.8 
Range Control Capability 
a, deg 
15 
29 
50 
The range control capabilities during the once-around mission i s  
shown as a function of velocity i n  figure 7. For a mission which 
required no range correction the value of CL would be maintained 
a t  0.45 t o  approximately 100 miles short of touchdown. In the event 
that  ar, accumulation of errors requires range correction, there exists  
a capability t o  extend the range over 20,000 miles by flying a t  (L/D)- 
or t o  shorten the range by over 10,000 miles by flying a t  CL,-. These 
range-correction capabilities are significantly greater than conceivable 
errors that  could be made i n  assumptions i n  drag coefficient or a i r  den- 
sity. Most of the range-correction capability exists  i n  the same speed- 
al t i tude regime where these errors would have significance. During 
equilibrium glide the vehicle f l i e s  a t  i t s  proper density altitude; 
consequently, there would be no error introduced by inaccurately known 
density a t  a given tape-line altitude, A range-correction capability 
of +3,000 miles exists  fo r  equilibrium fl ight .  
Lateral-Turn Capability 
The maximum lateral-turn capability i s  shown as a function of 
velocity a t  the start of the turn i n  figure 8, Essentially no lateral-  
turn capability i s  available un t i l  the vehicle has begun equilibrium 
fl ight .  The maximum capability i s  attained by flying a t  the l i f t  coef- 
f ic ient  for  ( D )  and a t  a bank angle of 45O. It can be seen i n  
the figure that  most of the l a t e r a l  displacement i s  achieved through 
turns in i t ia ted  a t  the higher velocities. Lateral-turn control extends 
from zero displacement t o  those displacements shown. 
Terminal Flight Phase 
A plan and profile view of the terminal f l igh t  phase i s  shown in  
figure 9. For the nominal glide trajectory a t . a  l i t t l e  over 300 miles 
from the landing s i te ,  the vehicle i s  a t  a Mach number of 7, a t  
165,000 feet,  and 10 minutes from touchdown. A t  t h i s  point the onboard 
i ne r t i a l  navigator w i l l  place the vehicle within an accuracy of +_2 miles 
i n  longitudinal range and 26 miles i n  l a te ra l  displacement. The vehicle 
longitudinal- and lateral-range correction capabilities are +lo0 miles 
and +75 miles, respectively. The pi lo t  receives radar-obtained data by 
radio and updates h is  i ne r t i a l  navigator readings. He makes range-to-go 
corrections and proceeds t o  line up with his landing s i te .  A t  30 miles 
t o  go he i s  i n  visual contact with the landing s i t e  at a Mach number 
of 2 and a t  65,000 feet.  A t  t h i s  point the vehicle can be landed within I 
a radius of 10 miles of the assumed touchdown point. A pi tot-stat ic  
tube provides the pi lo t  with indicated airspeed and altimeter informa- 
t ion starting a t  a Mach number of 5. 
Nominal Landing Profile 
The nominal landing profile i s  shown i n  figure 10. Although the 
straight-in approach i s  pictured, the vehicle can land by using the 
circular approach developed a t  Edwards Air Force Base. The landing 
consists of a high-energy approach using an aiming point short of the 
runway and start ing a moderate f l a re  a t  an al t i tude of 1,100 feet .  The 
f la re  ends 200 feet  over the end of the runway and the vehicle decel- 
erates t o  touchdown a t  a s m a l l  ra te  of sink. Considerably less  than 
the 8,000 fee t  of runway are used t o  perform the landing, which allows 
a high tolerance of touchdown point miss. 
During the approach and f l a r e  the vehicle configuration i s  clean 
except fo r  nominal setting of the speed brakes. A t  the end of flase, 
landing skids are extended and the speed brakes are f u l l  open. At 
touchdown a 10-square-foot drag chute i s  opened. 
During the nominal approach the following conditions prevail: 
h = -180 fps 
Vi = 280 knots 
CL = 0.10 
The f la re  takes place a t  n = l.5g over a 10-second interval with a . 
speed loss of 50 knots. During deceleration the rate of sink i s  25 fee t  
per second and time t o  touchdown i s  7 seconds. The velocity a t  touch- 
down i s  175 knots. 
'p. 
A large tolerance i n  speed along the nominal glide path exists.  
The speed may be between 210 knots and 350 knots. Also, there exists  
a large tolerance i n  flight-path angle t o  the aiming point. It could 
be between -15O and -30° without altering the touchdown point. 
CONCLUDING l3EwmG 
The vehicle designed t o  perform the Dyna-Soar mission i s  capable 
of exploring the effects  of hypersonic environment over a wide range 
of attitudes i n  a safe manner and can therefore obtain information 
pertaining t o  the design of a wide range of possible reentry shapes. 
It possesses a large longitudinal-range and range control capability, 
a large lateral-raage capability, and can land i n  a conventional man- 
ner, features which w i l l  aid i n  the overall system t e s t  and are poten- 
t i a l l y  of military value. 
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STABILITY, FLIGHT CONTROL, AND ENERGY MANAGEMENT 
OF TRE DYNA-SOAR GLIDER 
By A. H. Lee and L. J. Mason 
Boeing Airplane Company 
SUMMARY 
This paper presents some of the  s t a b i l i t y  and control character- 
i s t i c s  of the Dyna-Soar gl ider  based upon analysis and tes t ing  done 
during the phase I contract period. Flying qual i t ies ,  with and without 
s t a b i l i t y  augmentation, and a method of outer loop control f o r  energy 
management a r e  described. 
An adaptive control system i s  planned. The primary control mode 
i s  manual with p i l o t  input commands through the stability-augmentation 
system. A second control mode is  provided which couples the p i l o t  
d i r ec t ly  with the actuation system, bypassing the stability-augmentation 
system. Flying qual i t ies  with s t a b i l i t y  augmentation correlate  with the 
"desired response" region of the f lying qual i t ies  requirements of refer-  
ence 1. Unaugmented f ly ing  qual i t ies  sa t i s fac tory  f o r  emergency opera- 
t i on  appear t o  be at ta inable .  
Control of the vehicle v&loci ty a s  a function of range t o  go i s  
shown t o  be a feasible  method of energy management t o  achieve range 
control.  
INTRODUCTION 
The wide range of f l i g h t  conditions encountered awing  reentry and 
glide create unusual s t a b i l i t y  and control problems. In order t o  per- 
form i t s  mission, the gl ider  must be capable of trimmed f l i g h t  t o  angles 
of a t tack of about 50' a t  hypersonic speeds and must be capable of a 
conventional landing. Flying qual i t ies  sa t i s fac tory  f o r  p i l o t  control 
with and without s t a b i l i t y  augmentation a re  desired throughout the 
f l i g h t  regime. 
From experience and, more recently, from investigations by the NASA 
and A i r  Force funded projects involving variable-s tabi l i ty  a i r c ra f t ,  the 
desired handling qual i t ies  f o r  pi loted control a re  reasonably well known. 
I 
Minimum required flying qualities for pilot control are not as well 
defined. Recent investigations by the NASA and by the Cornell Aeronau- 
tical Laboratory under WADD contract have provided data on minimum 
handling qualities at low speeds. Results from these investigations, e 
and others, have been compiled in reference 1 as a preliminary statement 
of handling-qualities requirements for hypervelocity aircraft. These 
requirements have been considered in developing Dyna-Soar handling 
qualities, although it is recognized that further studies are required 
to confirm their applicability to hypersonic conditions. 
For conventional low-speed aircraft, desired flying qualities can 
be provided by proper tailoring of the configuration. For vehicles 
similar to the Dyna-Soar glider, configuration tailoring is less satis- 
factory. However, through the use of stability augmentation, desired 
handling qualities can be provided. Without stability augmentation, 
handling qualities satisfactory for emergency operation appear obtain- 
able. A self-adaptive control system is planned to achieve the desired 
system response over the flight range and to facilitate blending of 
aerodynamic and reaction control forces. A specific guidance and con- 
trol system, and therefore the specific adaptive technique, has not 
been selected for Dyna-Soar, and the controlled vehicle characteristics 
should be regarded as typical of what can be attained by using adaptive 
methods . 
SYMBOLS 
b wing span, ft 
number of cycles of oscillation to damp to half-amplitude 
C2 number of cycles of oscillation to double amplitude 
D drag coefficient , ~ r a ~ / q ~  
C L lift coefficient, Lift/q~ 
CL,MAX maximum lift coefficient 
C 2 rolling-moment coefficient, Rolling moment/q~b 
C = kL/aJ3 per degree 
P 
C n yawing-moment coefficient , Yawing moment/qsb 
Cnp = kn/aP per degree 
reference wing root chord, ft 
fn natural frequency, cps 
h altitude, ft 
h rate of change of altitude, ft/sec 
I, I, moments of inertia about conventional airplane X and Z body 
axes, respectively, slug-ft2 
K control-system gain 
L/D lift-drag ratio 
(L'D)~ m a x i m  lift-chag ratio 
M Mach number 
P rolling velocity, radianslsec 
q pitching velocity, radianslsec; dynamic pressure, lb/sq ft 
R range, nautical miles 
S wing area, sq ft 
s ' Laplace transform operator 
v~ measured velocity, ft/sec 
vo. 
initial total velocity, ft/sec 
v~ programed velocity, ft/sec 
ve equivalent velocity along conventional airplane Y body axis 
a angle of attack, deg 
P angle of sideslip, deg 
/ 
yo initial flight-path angle, deg 
c damping ratio of oscillatory mode of motion 
roll angle, deg 
natural frequency of oscillatory motion, radians/sec 
DISCUSS ION 
Vehicle Stability Characteristics Without Augmentation 
Longitudinal.- Aerodynamic-center estimates based on wind-tunnel 
tests during phase I are shown in figure 1 as functions of Mach number 
and lift coefficient. The center-of-gravity location, which is prac- 
tically invariant during the flight, is 63 percent of the reference root 
chord. Positive stability is indicated for all normal flight conditions 
which are, in general, at lift coefficients above that for (L/D)~~~. 
However, an instability is noted for lift coefficients below 0.08 at 
hypersonic speeds. Future studies will be directed toward improving 
this low-lift-coefficient stability. Possible means of improvement 
include a change in the forward body contour. 
Folding wing-tip extensions that are a part of the vertical fin are 
used at subsonic speeds to reduce the transonic aerodynamic-center shift. 
As shown, the tip extensions move the subsonic aerodynamic centers rear- 
ward about 4 percent of the root chord. It may be possible to satisfy 
design objectives by means of other configuration features - for example, 
with a large nose incidence and large elevons. Future study supported 
by wind-tunnel tests will provide the final answer. However, at this 
date, folding wing-tip extensions appear to provide a favorable com- 
promise between stability, control, aerodynamic heating, and performance 
requirements. Reasonably good stability is indicated during the nominal 
approach, CL = 0.11, and landing, CL = 0.25. 
The unaugmented flying qualities of the glider are presented for 
representative speeds of the flight regime at maximum lift and maximum 
range conditions. These conditions are presented in figure 2 as CL,MAX 
and CL for ( L / D ) ~  as a function of Mach number. At speeds below 
a Mach number of approximately 5, CL,MAX is limited by the angle of 
attack for neutral static stability. Above a Mach number of approxi- 
mately 3, it is limited by the wing lift capability. 
The glider's longitudinal flying qualities without stability aug- 
mentation are presented in figure 3. The reference boundaries were 
obtained from reference 1. Since normal operation of the Dyna-Soar 
glider is with stability augment tion, the boundaries of interest for 
flight without augmentation are hasa rgqemergency operation. The 
major source of data for these boundaries was an investigation with a 
variable-stability B-26 airplane. Most of the investigation was con- 
ducted during landing approaches. However, some tests under instrument 
flight conditions established essentially the same requirements. 
The unaugnented flying qualities of the glider are reasonably good 
during landing. In fact, the damping and frequency are adequate for 
normal operation at the angle of attack for maximum L/D. As speed 
increases, both frequency and damping are reduced. At hy-penrelocities - 
Mach 20 is an example - unaugmented damping is essentially nonexistent. 
This condition is fundamental for any practical configuration. However, 
frequencies are also very low, about 0.1 cps at Mach 20, as shown in 
figure 4. Therefore, a pilot can provide damping through the proper 
phasing of his control inputs. It is noted that the flying qualities 
for supersonic and hypersonic speeds fall in the "acceptable for short- 
time emergency operation" category. Since this category was derived 
principally during landings, future studies are required to define the 
degree of its applicability to the high-altitude flight of this class 
of vehicles. 
Lateral-directional stability and control.- Directional-stability 
and dihedral-effect derivatives, CnS and CzP, are presented in fig- 
ure 5. The data are presented for conventional airplane body axes. 
Although this CnP is a good representation of a vehicle's directional 
stability at low angles of attack, it has been shown in the paper by 
John W. Paulson, Robert E. Shanks, and Joseph L. Johnson that it is not 
necessarily representative of stability for the high angles of attack 
associated with the Dyna-Soar glider. A better representation is 
( CnP) dmmic . This parameter is defined as 
- cnp - Iz C zP sin a 
For the glider, is significantly larger than C 
high angles of attack. The glider's directional stability and dihedral 
effect are positive except for a small negative dihedral effect for 
flight at maximum LID at supersonic speeds. 
The unaugmented lateral-directional flying qualities are presented 
in figure 6, correlated with handling qualities required for emergency 
operation. The boundaries were obtained from reference 1. Boundaries 
for emergency conditions were determined principally from tests with a 
variable-stability F-86 airplane making simulated landings at 10,000 feet. 
As shown, lateral flying qualities for the glider are in the 
"acceptable (emergency)" category from landing through hypervelocity 
speeds. Low damping exists for all flight conditions. This is charac- 
teristic of aircraft with highly swept wings because of their high ratios e 
of yaw moment of inertia to roll moment of inertia and their low roll 
damping. Lateral-oscillation frequencies during landing are approxi- 
mately 0.3 cps. At Mach 20, the frequencies range from 0.3 cps at 
C~,MAX to 0.2 cps at (L/D)~~, as shown in figure 7. The higher fre- 
quency at CLjMAX stems from the stabilizing effect of C2 at high 
angles of attack. 
P 
Vehicle Stability Characteristics With 
Stability Augmentation 
Longitudinal and lateral response and control-system gains for 
three representative flight conditions that cover the range of uncon- 
trolled vehicle dynamics are shown in figure 8. The flight conditions 
are : 
With the indic'ated gains, both longitudinal and lateral responses are 
nearly constant (about 0.5 cps and a damping ratio cf 0.5 to 0.7) .  
Longitudinal response was selected on the basis of "desired" handling- 
qualities requirements from reference 1. Longitudinal response charac- 
teristics, with and without stability augmentation, are shown in fig- 
ure 9 relative to the desired response. The selected response with 
augmentation, toward the low-frequency and low-damping-ratio boundaries, 
was purposeful. Much higher control-system gains were required to pro- 
vide longitudinal response at the center of the desired response region. 
Problems with regard to control-surface deflection limits would result 
and pilot comnds would be restricted to avoid rate saturation. 
* 
The approach taken to achieve the desired longitudinal response is 
shown by the diagram at the top of figure 8. The analysis included 
reasonable assumptions for instrument and actuation system character- 
istics. A control function was determined by using pitch angular * 
Condition 
Reentry (near zero damping) 
Landing (near neutral stability) 
Approach (high-dynamic pressure) 
Mach number 
15 
0 25 
85 
q, lb/sq ft 
25 
167 
200 
atrim, deg 
41 
7.5 
5.5 
acceleration, pitch angular rate, and lagged angular-rate feedbacks. 
The control function was mechanized in such a manner that only the 
forward gain was varied; the gains associated with angular acceleration, 
angular rate, and lagged angular rate were each changed in the saae 
proportion. These proportions remained fixed for the entire flight, 
The variable gain element in the forward control loop must be adaptive 
and must be adjusted as a function of a particular error criterion, 
depending upon the adaptive method used. Pitch-axis gain changes of 
the order of 10:l were required for the range of flight conditions 
shown, 
A similar approach was used in mechanizing the lateral-directional 
control. Yaw rate and yaw angular acceleration (not shown in fig. 8) 
were used for ya.w control. Roll rate and lagged roll rate were used 
for roll control. Gain ratios were formed which remained constant 
during the flight and only the forward gain parameter was varied in 
each axis. Roll gain changes of about 20:l were required. However, 
the selected gains were slightly high, since the desired damping for 
normal operation (from fig. 6) was about 0.3 to 0.5 rather than 0.5 
to 0.7 as shown in figure 8. 
Flight-Path Control 
One area of outer loop control that has received considerable 
attention is energy management or range control. As defined here, the 
problem is concerned with: 
1. Range control by proper management of energy to insure that the 
vehicle arrives at the lariding site within permissible tolerances 
2. Correction of errors in initial conditions and range errors 
resulting from deviations from expected atmospheric properties and 
aerodynamic parameters 
3. Control of the flight path to maintain a safe margin above the 
reentry heating boundary 
The Dyna-Soar will be landed manually with visual, voice, or radar 
contact with ground. Therefore, the problem of energy management is 
concerned with the period of flight from boost termination to a terminal 
position and velocity from which landing can be accomplished. In phase I 
studies, this was assumed to be a 100,000-foot altitude and a velocity 
of 4,000 ft/sec. Between these limits the stored energy is almost 
totally kinetic and some form of velocity control appears desirable. 
Velocity control as a function of range to go proved satisfactory. Con- 
trol was achieved by varying the vehicle angle of attack to change lift 
and drag forces. 
This range-control concept is illustrated in figure 10. The nominal 
flight path lies approximately midway between the trajectories for 
CL,MAX and CL for (L/D)~. The angle of attack required for the 
nominal path is programed before the flight as a function of velocity 
or range to go. In figure 10, the vehicle is shown off the nominal 
path at a velocity less than the programed velocity. If the vehicle 
continued to fly the nominal angle-of-attack program, it would fall 
short of the desired terminal condition. Path corrections are made in 
the following manner. A change in angle of attack La, is computed from 
comparison of the measured or actual velocity VM and the programed 
velocity Vp, where Vp is a function of the range to go. For the con- I 
dition shown in figure 10, the commanded angle of attack would be reduced 
from the nominal value. With this change, the vehicle would fly at a 
higher L/D to reduce the velocity error to zero. 
Damping of the altitude oscillation is provided by a function of 
altitude rate h. Altitude rate, temperature rate, and forward acceler- " 
ation are each a possible data source of the proper phase to provide the 
damping function. Altitude rate was selected because it is readily 
available from the inertial guidance system. Steady-state altitude rate *i 
signals would be filtered to avoid bias errors during the gliding descent. 
Since the vehicle seeks the right density for equilibrium glide, safe 
margin above the heating boundary at hypersonic speeds is inherent with 
this energy-management concept, provided altitude oscillations are ade- 
quately damped. Also, appropriate altitude limits relative to heating 
restrictions must be applied. 
Flight-path stability and vehicle performance during reentry and 
glide, with velocity control used for energy management, are shown in 
figure 11. These examples were taken from malog simulation studies. 
Perfect guidance was assumed and trajectory calculations were based on 
a spherical earth. The terminal condition was an altitude of 
100,000 feet and a velocity of 4,000 ft/sec. Controlled reentry tra- 
jectories with excessively large initial velocity errors of -300 and 
200 ft/sec from the nominal initial velocity of 23,800 ft/sec are shown 
to indicate the control capability. In this series of tests the vehicle 
angle of attack was changed as a function of range error, that is, the 
difference between predicted range (based on the nominal programed 
path) and required range (based on knowledge of present position and 
destination). 
The information in figure 11 is repeated in figure 12 in terms of 
velocity and altitude. It can be seen that the vehicle is controlled 
to a safe margin above the heating limit with altitude response well 
damped in spite of the very large initial velocity error. From these 
simulation tests, it was concluded that the controlled vehicle was 
stable and could accommodate the range of reentry errors shown in 
table I with less than 2 percent error in velocity and altitude at zero 
range to go: 
To this point the discussion has been of the reentry phase. Actu- 
ally, range control must be continuous from launch. So far as the 
glider alone is concerned, range control must be initiated immediately 
after boost termination. As shown in the paper by James S. Lesko, the 
total range control available after boost termination (for the nominal 
once-around mission; launch at Cape Canaveralto landing at Edwards Air 
Force ~ase) was 21,000 nautical miles and -10,000 nautical miles. After 
reentry the range-control capability was reduced to about k3,000 nauti- 
cal miles. Range errors resulting from tolerances in end-of-boost con- 
ditions and possible deviations from standard atmospheric properties 
and expected aerodynamic drag are summarized in table 11. The pre- 
dominant error sources, air density and predicted vehicle drag coef- 
ficient, define the requirement for initiating glider range control 
immediately after boost termination since the possible error exceeds 
the control available after reentry. The effectiveness of the range 
control system, velocity controlled as a function of range to go, in 
minimizing range errors during flight from the end of boost to reentry 
is shown in table 111. As in the study of the reentry phase, perfect 
guidance was assumed. Trajectory calculations are based on a spherical 
rotating earth. 
CONCLUDING REMARKS 
Desired handling qualities can be provided throughout the flight 
regime with stability augmentation. Handling qualities of the basic 
vehicle without stability augmentation appear satisfactory for emer- 
gency operation. However, additional work is required to define m i n i m  
handling-qualities requirements more precisely for hypervelocity gliders. 
As additional knowledge on the requirements is gained, it will be applied 
to the configuration development. 
Flight control and guidance systems have not been selected for the 
Dyna-Soar vehicle. Controlled-vehicle characteristics have been pre- 
sented as typical of those that can be attained by adaptive flight- 
control system. 
The energy-management system in which velocity control is used as 
a function of range to go is shown to be feasible and must function from 
the end of boost for adequate range control. Perfect guidance accuracy 
was assumed in the data presented. A guidance error analysis has also 
been made for the Dyna-Soar. Swmnarizing from the paper by James S. 
Lesko, the principal guidance errors are reflected in range ermrs of 
52 nautical miles downrange and k6 nautical miles crossrange for the 
nominal once-around mission. 
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TABLE I 
RANGE CONTROL 
AFTER REENTRY 
REENTRY CONDITION P TERMINAL CONDITION 
ALTITUDE, FT  400,000 f 100,000 100,000 f 2,000 
VELOCITY, FPS 23,800 5800 4,000 * 80 
FLIGHT-PATH ANGLE, DEG 0 f . 5  
TABLE IL 
RANGE ERRORS 
ONCE-AROUND MISSION 
ERROR SOURCE 
DRAG COEFFICIENT 
DENSITY 
VELOCITY AT 
BOOST BURNOUT 
FLIGHT PATH ANGLE 
AT BOOST BURNOUT 
ALTITUDE AT 
BOOST BURNOUT 
30- ERROR 
-10% 
10% 
-50% 
50% 
-9 FPS 
9 FPS 
-.OIZO 
.OIZO 
-1,000 FT 
1,000 FT 
RESULTING RANGE 
ERROR, NAUT. MI. 
OVERALL 3u RANGE ERROR: 
2,100 
6,000 
800 
200 
400 
6,400 
- I, 8 0 0  
-2,400 
- 8 0 0  
-200  
- 400 
-3,lOO 
TABLE m 
R A N G E  C O N T R O L  
END OF BOOST TO REENTRY (23,000 FPS) 
CONDITION 
A DENSITY, PERCENT 
ACD, PERCENT {-I: 
A RANGE, NAUTICAL MILES 
NO CONTROL 
- 2,332 
5,724 
- 1,650 
1,810 
CONTROLLED 
- 16.3 
0 
8.2 
- .7 
TRIMMED AERODYNAMIC CENTERS 
AERO- 74 
DYNAMIC 7 2  
CENTER, 
%ROOT 
CHORD 68 
66 
EXTENDED 
\ L a  U, 
AT0 C L  
MAX Y 
,---------- 
FOLDING T IP  F I N S  
0 RETRACTED 
L 
MAX 
.- 
7 -,--.2 
Figure 1 
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SELF-ADAPTIVE FLIGRT-CONTROL STUDlES 
APPLICABLE: TO DYNA-SOAR 
By 1st Lt. Philip C. Gregory, USAF 
Wright Air Development Division 
INTRODUCTION 
This paper presents a summary of the requirements for, and the 
advantages to be obtained from, a self-adaptive flight-control system. 
A review of a research program to design and build a selfedaptive 
system for the X-15 is made. This program, while not directly con- 
nected with the Dyna-Soar program, will furnish information that will 
be of value in resolving Dyna-Soar flight-control design problems. 
DISCUSS ION 
During the past several years there has been a growing realization 
that development programs were not producing optimum flight-control 
systems. This condition exists because of the greater extremes of 
environment through which aircraft are operating. These extremes cause 
changes in the aircraft-response characteristics, as shown in the pre- 
vious paper by A. H. Lee and L. J. Mason, which must be compensated for 
by changes in the autopilot parameters if satisfactory response is to 
be maintained at all flight conditions. 
Several methods are available to change these autopilot parameters. 
At present, in most operational supersonic aircraft, the required changes 
are made in a predetesmined fashion based upon air-data measurements as 
shown in figure 1. Several inadequate features of these adjustments 
should be emphasized. First, accurate and detailed information about 
the aircraft stability derivatives is required for the entire flight 
regime. Second, the capability must exist for measuring air data for 
all flight conditions. Third, the calculation of the required adjust- 
-
merits is a long process and must be confirmed by flight-test data. 
Fourth, subsequent changes in airplane configuration, such as a change 
in vertical-tail area to improve performance, will require additional 
autopilot testing and adjustment. After flight test the autopilot will 
work satisfactorily at the conditions at which it was tested provided 
degradation of components, such as the hydraulic servo valve, is held 
to a minimum. 
When the flight profile is sufficiently well known, for instance, 
that of an ICBM, the changes in autopilot parameters can be made as a 
function of time and, thus, eliminate the need for accurate measurement 
of air data; however, because of unknown factors regarding the exact 
stability derivatives, the autopilot must be designed with some margin 
for stability. Thus, the system will not operate to its full capability 
at all flight conditions. In each of the systems described, there is 
no guarantee of true relationship between the changes in autopilot 
parameters and vehicle stability other than flight test. 
Obvious problems concerning the design of flight-control systems 
for advanced vehicles arise. A vehicle such as the Dyna-Soar must per- 
form satisfactorily on the first flight. The vehicle must operate 
through regions where air data are not available, and the flight profile 
cannot be predetermined for time-based parameter changes. Also, there 
is the problem of maintaining dynamic performance through unexpected 
changes in structure from hard-to-predict sources, such as aerodynamic 
heating. 
In order to solve these problems, the Air Research and Development 
C o m d  (ARDC) initiated a program in 1956 to determine methods of 
adjusting autopilots in a closed-loop fashion, which required no air- 
data measurements, by direct measurement of system performance. These 
systems have been called self-adaptive controllers. A self-adaptive 
system is defined as one which has the capability of changing its param- 
eters through an internal process of measurement, evaluation, and adjust- 
ment to adapt to a changing environment, either external or internal to 
the vehicle under control (ref. 1). 
Several self-adaptive techniques were studied under WADD contracts 
and some of these have been flight-tested in century-series aircraft to 
demonstrate their practicality. A flight test of one system developed 
by the Minneapolis-Honeywell Regulator Company has shown that the effect 
of aerodynamic-parameter changes on the performance of a flight-control 
system - can be minimized by raising the loop gain to increase the system 
bandwidth. Figure 2 shows a technique for keeping the system gain at 
the highest possible value without incurring system instabilities. Note 
that this technique uses no air-data scheduling. Figure 3 illustrates 
how the gain controller operates. A nonlinear high-gain characteristic 
KG is furnished by a variable-gain amplifier with clipped outputs. The 
filter and lead network insure that the first element to become neutrally 
stable as the loop gain is increased will be the hydraulic servo. When 
the gain has been raised to its critical value, the servo will exhibit a 
characteristic motion or limit cycle. This motion is picked up by the 
band pass filter, demodulated, and compared with a fixed reference. Any 
difference in these signals will cause the gain to be lowered or raised 
through the integrator gain control. In the absence of any input from 
the servo, the reference bias will slowly drive the loop gain up until 
limit cycling occurs. In this manner, the system can be operated at the 
highest gain possible for all flight conditions. 
Because of the high loop gain the response of the flight-control 
system is much more rapid than that which A. H. Lee and L. J. Mason 
showed in the previous paper would be desired by the pilot; therefore, 
an electronic model or prefilter is inserted as shown in figure 2. 
This model is a simple second-order system which is set at the natural 
frequency and damping ratio desired by the pilot. Note that this system 
does not require the usual gain margin associated with conventional 
systems because the closed-loop gain-changing feature permits operation 
just below the critical level throughout the flight regime. Operation 
at a higher gain produces a significant improvement in dynamic perform- 
ance and makes the control system far less sensitive to changes in 
vehicle characteristics. 
Since June 1939, the Minneapolis-Honeywell Regulator Company has 
been studying, under the sponsorship of WADD, some of the automatic 
flight-control problems associated with boost-glide weapon systems. The 
first phase of this effort was to determine and to define the type of 
pilot-assist modes which would be of value and how they would be used in 
a mission profile. The next phase is to design a self-adaptive autopilot 
employing the technique previously described to furnish those modes which 
could be flight-tested in an X-15. The last phase would be to build and 
flight test such a system in an X-15. 
In previous research aircraft, such as the X-15, the flight-control 
philosophy has been to design a simple, reliable damper system to assist 
the pilot. In future military vehicles which will follow the Dyna-Soar, 
a system of this type falls far short of what is required. The pilot 
will have to perform duties other than flight control, such as energy 
management, navigation, and a military mission. In order to secure suf- 
ficient time for these other duties, an automatic flight-control system 
will be required. It is such a system which is now being designed and 
built for flight testing in the severest flight-control environment 
available, the X-13. Figures 4 to 6 are tentative block diagrams of 
the X-15 self-adaptive system now being designed. 
The X-15 flight-control system is composed of three subsystems. 
The minimum-flight system (MFS) furnishes stability augmentation, 
includes the self-adaptive feature, integrates reaction and aerodynamic 
control in one stick, and permits the pilot to put mechanical inputs 
into the flight-control system. The piloted-flight system (PFS ) con- a 
tains the pilot-assist modes, control-stick steering (cSS), angle of 
attack, altitude, and altitude holds. The basic stability loop utilizes 
a pitch-rate feedback, and normal acceleration is blended with-'%his in 
the CSS mode. The proposed automatic-flight system (AFS) is being i? 
studied and designed under separate procurement and would include 
onboard computing equipment to provide such flmctions as energy manage- 
ment and automatic approach and landing. 
Figure 7 shows the control modes and the control variable utilized 
throughout the different flight phases. For example, in the first phase I 
of flight the MFS utilizes high-passed pitch rate, roll rate, and high- 1 
passed yaw rate plus lateral acceleration for stability augmentation. 1 
The pilot command mode of the PFS is accomplished with normal accelera- 1 
tion plus pitch rate and roll rate. 4 
The flight-control system being designed for test in the X-1.5 must - 
have more than good dynamic performance. It must demonstrate high 
reliability. A reliability analysis based on a l-hour mission of the 
MFS pitch channel shows a mean time between failure (MTBF) of 515 hours 
for single-channel operation. If a redundant configuration such as the g 
one shown in figure 8 is used, the MTBF is increased to 925 hours. This 
reliability is in effect the reliability of the hydraulic servo which 
is a series element in the control system. This reliability figure is 
based on the premise that not more than one failure of the hard over or 
shorted type will occur in the triple redundant networks. It can be 
postulated that the gain changes will compensate for up to two open or 
''dead" type failures or one hard over failure with no loss in system 
performance. Most electrical failures are of the open or "dead" type 
(ref. 2). This capability is achieved because any one electrical net- 
work can provide the maximum required signal and because the gain 
changer will raise the gain of any remaining channel to compensate for 
failures. Even in the case of a single remaining channel or a non- 
redundant system, the self-adaptive feature will compensate for deteriora- 
tion, to the point of failure, of components by raising the forward loop 
gain. 
A three-axis self-adaptive system similar to the one described for 
the X-15 has been flight tested on an F-101. This system was built by 
the Minneapolis-Honeywell Regulator Company and is presently being flight 
evaluated by WADD, NASA, and AFFTC pilots. The WADD pilots have reported 
the system performance as excellent. It has given constant response at all 
flight conditions, and the pilots have not been able to detect the limit 
cycle operation. Figure 9 is a flight recording taken fromthis aircraft @ 
showing step comaads into the roll axis. Note the operation of the roll 
and pitch gain as the limit cycle appears on the aileron and pitch servos 
and the difficulty of detecting the limit cycle from the system noise. 
Actually, amplitudes of the noise and limit cycle are almost identical; 2" 
however, the llmit cycle can be detected by looking for its character- 
istic frequency of 4 cycles per second. Flight data have demonstrated 
the operation of the gain changer in compensating for the deteriora- 
tion of components. Thus, one reason besides dynamic performance 
for the use of a self-adaptive technique would be increased 
reliability. 
An important consideration in the design of any autopilot is the 
amount of attention required of the pilot for satisfactory performance 
in mission profiles. Figure 10 shows the pilot workload for an X-15 
profile with self-adaptive stability augmentation only. Note that 
workload does not indicate the effort required of the pilot, either 
mental or physical, but rather the time spent in performing a function. 
The self-adaptive stability augmentation furnishes constant performance 
at all flight conditions and has blended aerodynamic and reaction con- 
trol. Figure 11 shows the same mission profile flown with a complete 
autopilot including control-stick steering and altitude, attitude, and 
angle-of-attack hold functions. There is a sharp decrease in the amount 
of pilot workload required to accomplish the mission with the complete 
autopilot; thus the pilot is free to direct or oversee the operation of 
other equipment required for a military mission. 
The results of the X-15 study and simulation and the F-101 flight 
test have shown that a self-adaptive flight-control system will provide 
the response required for mechanization of these outer loops without 
scheduling and will permit reduction of pilot workload. 
Before initiating the program described, it was first necessary to 
establish that the range of dynamic conditions and the control problems 
encountered in the X-15 test vehicle would be comparable enough with the 
Dyna-Soar and other future vehicles to make the results of a test program 
of practical value. 
A two-degree-of-freedom short-period comparison of the natural- 
frequency-and-damping ratio of the X-15 and a typical Dyna-Soar vehicle 
was made (ref. 3). The X-15 trajectory chosen for study is a typical 
maximum-altitude flight. The X-15 was boosted to a peak velocity of 
6,400 ft/sec and an altitude of 230,000 feet. The boost phase of the 
Dyna-Soar trajectory was not studied, since differences in the two vehi- 
cle configurations do not permit sound comparisons. The Dyna-Soar tra- 
jectory used had a peak velocity of 24,000 ft/sec at an altitude of 
250,000 feet and followed an ( L / D ) ~ ~ ~  trajectory, modified through the 
heating range to keep the temperature within specified limits. A 
9,000-pound vehicle with a delta-wing area of about 330 square feet 
was used as a representative Dyna-Soar. Perfect lateral stability 
was assumed for both the X-15 and ~yna-Soar. 
Figure 12 shows a comparison of dynamic-pressure variations with 
time for the X-15 and the Dyna-Soar at the critical reentry regions 
along the respective trajectories. It can be seen that the dynamic 
pressure of the X-15 changes much more rapidly than that of the Dyna- 
Soar and has a greater total variation. 
Another important criteria affecting autopilot design is the product 
of 5 the damping ratio and cu, the undamped short-period natural fre- 
quency. This product can be used to compare the speed of response of 
the airframes, and as shown in figure 13 the product varies over a wide 
range for both vehicles. The stability derivatives used to calculate 
cu, and I, time histories were estimated from data supplied by North 
American Aviation, Incorporated, and the Dyna-Soar contractors. 
It can be seen from figures 12 and 13 that the total variations of 
two of the control parameters which are normally specified for autopilot 
design are greater for the X-15 than for the Dyna-Soar during reentry -e 
and change more rapidly for the X-15. This rate of change will be a 
factor in determining what type of self-adaptive autopilot technique 
should be selected. Since the rate of change of q 5  is much greater 
for the X-15, a self-adaptive technique capable of adjusting to the B 
changing parameters of the X-15 should work for the Dyna-Soar. 
In orders of magnitude of period and damping, the Dutch roll case 
is comparable to the longitudinal short-period mode and the same general 
conclusions are applicable at low angles of attack for both vehicles. 
From this analysis, it was concluded that a self-adaptive control 
system was feasible for the X-15 and that flight test of such a system 
would gain data of value for use on later vehicles such as the Dyna-Soar. 
The present schedule (fig. 14) calls for installation of the adap- 
tive equipment in an X-15 in February of 1961 with flight test of the 
system starting in May of 1961. This airborne equipment will be sup- 
ported by a complete set of ground-support equipment for checkout and 
maintenance. Presently, the system to go in the X-15 has been bread- 
boarded and is being operated on the X-15 sirmrlator. At the conclusion 
of these tests this month, design and fabrication of the airborne equip- 
ment will start. 
The operation of this equipment during the summer of 1961 should 
provide timely information for confirming design techniques of a flight- 
control system which could be used in the Dyna-Soar. 
CONCLUDING REMARKS 
A self-adaptive control system has several advantages over a linear 
control system even when the design dynamic performance of both is 
acceptable. 
A self-adaptive system furnishes more margin for error regarding 
the knowledge of stability derivatives and the effects of aerodynamic 
variations and structural heating not yet fully defined. 
The system integrates aerodynamic and reaction control and provides 
the possibility of greater reliability through redundancy. It provides 
a stable, nonvarying inner loop which permits the design of outer loops 
without scheduling, which will relieve the pilot workload and permit 
operation of more sophisticated onboard computing systems. 
A self-adaptive system requires less redesign and will adjust and 
operate correctly with less performance testing when vehicle configura- 
tion changes are made; thus it has greater growth potential. 
A self-adaptive system designed and flight-tested in the X-15 will 
provide useful information for the Dyna-Soar program. 
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ACCURACY OF AERODYNAMIC-HEATING PREDICTIONS 
By A. L. Nagel and R. A. Hanks 
Boeing Airplane Company 
INTRODUCTION 
It has been shown in previous discussions that aerodynamic heating 
has a major role in determining the performance and safety of the Dyna- 
Soar vehicle. A caref'ul examination of the methods which have been 
used to calculate aerodynamic heating rates during reentry, and a com- 
parison of those same methods with test data is a necessary part of 
performance evaluation. 
SYMBOLS 
leading-edge or nose diameter 
enthalpy 
conductivity 
Prandtl nwnber 
Lewis number 
pressure 
heat flux 
radius 
Reynolds number 
temperature 
velocity 
coordinate 
sweep angle 
CL viscosity 
P density 
Subscripts: 
D fract ion i n  dissociation; based on diameter 
EXP experimental 
e exter ior  condition 
r recovery 
s stagnation point or l i n e  value 
TI3 theore t ica l  value 
w evaluated a t  wall temperature 
co free-stream value 
o stagnation condition 
DISCUSSION 
The most severe heating r a t e s  on winged hypersonic vehicles w i l l  
occur a t  the nose and leading edges. The areas involved are  re la t ive ly  
small, however, and may adnit  s t ruc tura l  solutions ( loca l  cooling or  
re f rac tor ies )  which are  not prac t ica l  fo r  the remainder of the vehicle. 
I n  such a case, the lower-surface material  a t  i t s  most forward point 
may a l so  become a c r i t i c a l  heating point, and may be nearer i t s  tempera- 
ture  l imi t  than e i ther  the nose or  the leading edge. Other points which 
would have high loca l  heating r a t e s  would be protrusions below the lower 
surface, such a s  ventral  f i n s  or a dihedral ridge l ine .  Some early 
Dyna-Soar configurations had such features and were eliminated fo r  tha t  
reason. By the end of the Phase I studies, both the Boeing and the 
Martin-Bell teams had arrived a t  configurations having simple geometry 
i n  regions of high heat transfer.  Upper surface complications a re  l e s s  
important as  the overall  heating l eve l  f o r  the upper surface i s  very 
much lower than f o r  the lower surface. The present Dyna-Soar configura- 
t i on  has only four c r i t i c a l  heating points. These a re  indicated i n  
figure 1 as  the  nose, the leading edge, the lower surface just  a f t  of 
the nose, and the dorsal leading edge of the f in ,  which i s  c r i t i c a l  a t  
low angles of attack. 
Complete simulation of the reentry environment Ls not possible in 
any of the ground facilities which must be used to provide the bulk of 
heat-transfer test data. For this reason extrapolation of the test 
results to the flight condition by some theoretical method is necessary. 
The study of prediction accuracy cannot be limited to an examination of 
the data scatter, but must include an evaluation of the theoretical 
method as well. The combination of a rigorous theoretical approach and 
test data taken in facilities which simulate the important aspects of 
the flight environment allows a high degree of confidence in the pre- 
diction. In other cases, the theory may be too idealized to lend cre- 
dence to extrapolations. 
Heat-Transfer Equations 
The equations used for calculating laminar heating rates both for 
the reentry condition and for the following comparisons with test data 
are : 
The constant in equation (1) is 0.793 for the axisymmetric stagnation 
point and 0.576 for the two-dimensional stagnation line. Equation (2) 
is used for calculating heat-transfer rates away from the stagnation 
point, Both equations (1) and (2) are from the work of Kemp, Rose, 
and Detra, (ref. 1) which is an extension of the earlier work of Fay 
and Riddell (ref. 2). These equations were selected as a basis for 
reentry-heating calculations because they are the most rigorously 
developed methods available, and because they are in good agreement 
with the test data, as will be shown. The expressions were originally 
obtained by numerically integrating the boundary-layer equations, using 
the real-gas equation of state and the Sutherland viscosity law. The 
cases specifically considered corresponded to the axisymmetric stagna- 
tion point, the unswept stagnation line, the flat plate, and a limiting 
pressure gradient case. Applying simple geometric corrections for flow 
pattern allows the results to be used for swept leading edges as well. 
Calculations by Beckwith (ref. 3) have further shown that equa- 
tion (1) also results from ideal-gas calculations for both the swept 
andunswept leading edges except that the Lewis number term is, of . 
course, missing. 
The velocity gradient used in applying equation (1) was based on 
the modified Newtonian pressure distribution, which is within a few 
percent of the best known values. Equilibrium dissociation was assumed 
and the values of viscosity calculated by Hansen (ref. 4) were used, and 
the Lewis number was taken as 1.4. Use of the higher viscosity values 
has been found to improve agreement with test data. Evaluated in this L 
way heat-transfer rates are 5 to 15 percent higher than those obtained 1 
by the method of Fay and Riddell in reference 2. 1 
1 
Since the calculations on which equation (1) is based assumed the 5 
Sutherland law for viscosity, use of another viscosity law might appear 
to invalidate the equation. Recent unpublished calculations of Beckwith 
w 
and Cohen at the Langley Research Center have shown, however, that the 
form of the equation does not depend on the viscosity law or even upon 
the equation of state. It appears then, that use of equation (1) with 
the best available fluid properties will provide the best estimate of 
heat transfer. 
In the form shown here, the heat-transfer distribution function 
(eq. (2)) depends only on the local pressure and flow velocity. Simpli- 
fying assumptions first suggested by L. Lees (ref. 5) are required to 
eliminate the dependence on the local transport properties and the 
pressure gradient. The simplification has been found to be satisfac- 
tory for shapes without sharp corners, such as the present Dyna-Soar 
nose. 
In the original development, equation (2) was intended for appli- 
cation to two-dimensional or axisymmetric bodies at zero angle of 
attack. Application to less simple shapes can be accomplished by 
replacing the radius terms with an equivalent radius which expresses 
both the body shape and the streamline pattern which occurs on it, ' 
Equations (1) an& (2) supply the required laminar flow heating- 
rate estimates at all the critical points. At the nose and forward 
lower surface the Reynolds number is in the range for which laminar- 
flow heating rates are higher than the turbulent flow rates. The 
leading edge, however, is limiting in turbulent flow at velocities 
less than about 19,000 ft/sec. It might appear at first that turbu- 
lent flow cannot exist at the leading-edge stagnation line. This is 
not true for the swept leading edge, as the flow along the stagnation 
line can become turbulent. The possibility of turbulent low leading- 
edge heating rates must therefore be considered in aerodynamic heating 
calculations. The tendency of -layer secondary flow to 
promote t rans i t ion  a t  very low Reynolds numbers makes it especially 
important t o  consider turbulent boundary-layer flow. The expression 
used t o  calculate turbulent leading-edge heat t ransfer  fo r  the reentry 
condition as  well a s  for  the comparisons with wind-tunnel data which 
follow i s :  
s i n  A O * ~ ( ~ ,  - hw) 
This expression was developed by Beckwith and Gallagher (ref .  6) .  A 
similar expression can be obtained by applying geometric corrections, 
t o  turbulent-f low f la t -plate  theory. 
Experimental Comparisons 
Stagnation point.- The experimental data for  hemispherical stagna- 
t i o n  point available for  comparison with the theory are  presented i n  
figure 2. Data a re  taken from shock-tube experiments ( r e f .  7), wind- 
tunnel t e s t s  ( r e f .  8), and free-f l ight  t e s t s  ( re f .  9) and have been 
divided .by the theoret ical  value for  the same conditions. A r a t i o  
of 1.00 therefore indicates perfect correlation of theory and experi- 
ment. The data a re  shown t o  sca t t e r  from 0.63 t o  1.4 times the theory 
with the average very nearly 1.0 over the en t i re  velocity range. It 
i s  believed tha t  t h i s  large sca t te r  r e f l ec t s  experimental errors  rather  
than fluctuations i n  the actual  heat-transfer rates .  This view i s  sup- 
ported by the  random nature of the scat ter .  
The comparison of figure 3 lends fur ther  support t o  t h i s  explana- 
t i o n  of the scat ter .  Heat-transfer data  from an Atlas ( re f .  10) reentry 
f l i g h t  are compared with the  theory a s  a function of time. The theory 
and experimental curves a re  of similar shape and with almost ident ica l  
peak values, but with an offset  of about 2 seconds i n  time. If plot ted 
i n  figure 2, these data would have shown a sca t te r  of about 50 percent 
around the theore t ica l  curve. The heat-transfer r a t e s  shown i n  figure 3 
are  calculated from the temperature response of the skin a s  recorded by 
thermocouples ins ta l led  i n  plugs i n  the skin. The same character is t ic  
lag  of experiment behind theory was observed i n  many f l igh t s .  After 
several other explanations had been ruled out by the consistency of the 
lag, similar thermocouple ins ta l la t ions  were calibrated i n  ground t e s t s .  
Lags i n  heating r a t e  were found t o  occur which, when extrapolated t o  the 
f l i g h t  conditions, are  of the same order as  those observed i n  f l i g h t .  
They cannot be said t o  be precisely the  same, a s  no two thermocouple 
ins ta l la t ions  showed exactly the same lag. However, the  thermocouple 
lag  does seem t o  provide a reasonable explanation of the  offset .  Another 
point worth mentioning i s  i n  the comparison of the theory of reference 2 
with these same data, which i s  shown t o  be approximately 10 percent too 
low a t  peak heating. Equation (1) was or iginal ly  selected i n  preference 
t o  the  Fay and Riddell theory on the basis  of the shock-tube data pre- 
sented i n  f igure 2. Although both theories f e l l  well within the sca t te r  
of the  data, the values from the Fay and Riddell method were about 
10 percent below the  average of the  data a t  high speeds. Re-evaluating 
the theory t o  improve the agreement with the average of the shock-tube 
data brings it in to  almost exact agreement with the f l i g h t  data. 
Hot-gas radiation heating and variation i n  wall ca ta ly t ic  e f fec t  
are  two ef fec ts  not ref lected i n  these data. Calculations based on best 
available information show tha t  the  radiative heat-transfer r a t e  i s  very 
small compared t o  the convective r a t e  f o r  nose r ad i i  of 1 foot  or less .  
This r e su l t  i s  consistent with the conclusions of previous papers i n  
t h i s  conference. The ef fec t  of wall ca ta ly t ic  e f fec t  may be s igni f i -  
'cant* favorable i f  nose coating materials can be developed which do not 
catalyze recombination a t  the wall. Reductions of over 50 percent a re  
theoret ical ly  possible. Neglecting t h i s  e f fec t  i s  conservative, and 
appears t o  be most r e a l i s t i c  a t  present, as noncatalytic materials have 
not been developed. 
Laminar distribution.-  Nose hemisphere and afterbody data are  com- 
pared with the theory i n  figure 4. The agreement i s  shown to-be  sa t i s -  
factory for cones ( r e f .  11) .  Recent Langley data on de l ta  wings a t  
angle of a t tack presented by Bertram and others a t  t h i s  conference are  
a l so  i n  good agreement. I n  making these comparisons equation (2) has 
been used with an effect ive radius t o  correct for  nonaxisymmetric 
shape i n  the manner previously suggested. This correction requires a 
knowledge of the streamline patterns as  well as  the  shape of the body. 
For the cone, the streamline pat tern i s  based on values from the Kopal 
tab les  ( r e f s .  12 and 13) .  For the de l ta  wing, streamline patterns were 
calculated from a correlation previously made of o i l  flow patterns 
obtained i n  de l t a  wing t e s t s .  
Laminar leading edge.- Laminar leading edge data from several wind.- 
tunnel t e s t s  ( r e f s .  14 t o  16 and unpublished Boeing and Langley t e s t  
data) a re  presented i n  figure 5 .  The agreement i s  shown t o  be excellent 
over the en t i re  range of sweep angles. None of the experimentalleading- 
edge data shown are i n  the t o t a l  temperature range fo r  which r e a l  gas 
e f fec ts  would be distinguishable. However, the theoret ical  expression 
indicates tha t  for  the highly swept leading edge the real-gas e f fec t  i s  
much smaller than a t  the stagnation point, and even fo r  tha t  case the 
predicted (and experimentally supported) e f fec t  i s  only 15 percent a t  
the velocity for  maximum reentry heating. 
Turbulent leading edge. - Experimental data ( r e f .  6 and unpublished 
Boeing t e s t  data) f o r  turbulent stagnation-line heat t ransfer  a re  com- 
pared-to theoret ical  values i n  f . The data a re  predominantly 
below the theory, indicating principally the d i f f i cu l ty  of obtaining 
turbulent flow on the leading edge. The low points at lo0, 20°, and 75' 
sweep angles a re  apparently t ransi t ional .  The low data points taken 
on de l t a  wing a t  angles of a t tack of 30° and 3b0 are  affected by the 
presence of the wing, which d i s t o r t s  the  inviscid flow f i e l d .  The r e s t  
of the data a re  i n  very good agreement with the theory. 
Extrapolation t o  the f l i g h t  condition i s  s t i l l  somewhat uncertain 
because the theory has assumed ideal  gas relat ions throughout. Some 
information regarding the va l id i ty  of idea l  gas heat-transfer calcula- 
t ions i n  a r e a l  gas environment i s  afforded by an examination of the 
e f fec t  i n  laminar flow, fo r  which the theory is  well developed. Com- 
parisons of ideal-gas solutions f o r  both the stagnation point and the  zero 
pressure gradient f l a t  p la te  have been found t o  be within 10 percent of 
rigorous real-gas solutions a t  speeds up t o  s a t e l l i t e  velocity. A more 
s ignif icant  comparison i s  presented i n  f igure 7. Experimental turbulent 
heat-transfer data (refs .  10 and 17 t o  20) i n  the real-gas temperature 
range a re  compared with the ideal-gas reference temperature method. The 
agreement of the theory and experiment i s  very good over the en t i re  veloc- 
i t y  range. The good agreement between the normalized heat t ransfer  i n  
f r ee  f l i g h t  and i n  the shock tube tends t o  eliminate the  pass ib i l i t y  of 
for tui tous agreement. This agreement a l so  indicates tha t  the  shock tube 
can provide fundamental information about real-gas e f f ec t s  i n  turbulent 
flow just  a s  it has been used i n  the  past t o  study laminar flow stagnation 
point heat t ransfer .  
CONCLUDING REMARKS 
It has been shown tha t  there ex is t s  a unified theore t ica l  method 
fo r  laminar-flow heat t ransfer  which i s  applicable t o  c r i t i c a l  tempera- 
tu re  locations on the Dyna-Soar vehicle. The method rigorously includes 
real-gas behavior and other phenomena having s ignif icant  e f fec ts  on 
heat t ransfer .  Test data have been presented which confirm the a b i l i t y  
of the method t o  account f o r  such ef fec ts  over a wide range of conditions. 
I n  the turbulent-flow case no similar well developed theory exis t s .  
There is, however, a compensation fo r  t h i s  deficiency i n  the  re la t ive  
insens i t iv i ty  of the turbulent boundary layer t o  any influence other 
than loca l  pressure and velocity. Some turbulent-flow heat-transfer 
data i n  the speed range corresponding t o  reentry maximum heating do 
exis t ,  and these data are  i n  agreement with semiempirical methods now 
i n  use. 
From these comparisons it appears t h a t  exis t ing methods w i l l  sa t -  
i s f ac to r i ly  predict  aerodynamic heating during reentry fo r  the c r i t i c a l  
locations on the present configuration, Further tes t ing  i s  required t o  
E 
substantiate this conclusion with the emphasis on data for the con- 
figuration specifically chosen. Further testing is also desirable to 
reduce the uncertainty caused by scatter in available data. These data 
appear to reflect experimental errors, rather than fluctuations in Q 
actual heating rates, so that a design based on these data alone would 
incorporate unneccessarily large margins in temperature capability, 
with corresponding weight and performance penalties. 
The methods used for theoretical calculations can be extended to 
other locations on the vehicle. As previously stated, the accuracy of 
calculations over the rest of the vehicle is less important, as one of 
the four points discussed will always be nearer its limit temperature, 
Future alterations of configuration or materials may cause other points 
to become critical. 
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DYNA - SOAR-GLIDES FLIGHT-EMLOPE STRUCTURAL PARAPlIETERS 
By Edwin G, Czarnecki and Gordon N. Davison 
Boeing Airplane Company 
INTRODUCTION 
The flight regime of the Dyna-Soar glider is established by both 
aerodynamic and structural parameters. The upper limit of equilibrium 
flight on a plot of altitude against velocity is established by maximum 
lift coefficient, and the lower limits by various structural parameters 
such as panel flutter, and combinations of loads and temperatures. The 
structural aspects of the boost phase, orbital flight, and reentry 
glide are reviewed in this paper. 
SYMBOLS 
panel width parallel to flow, in. 
panel width perpendicular to flow, in. 
drag coefficient 
lift coefficient 
hole diameter, in. 
modulus of elasticity, psi 
length, in. 
lift-drag ratio 
Mach number 
structural load factor, normal to vehicle longitudinal axis 
dynamic pressure, psi 
S planform area, sq ft 
t thickness, in. 
W vehicle weight, lb 
a angle of attack, deg 
P sideslip angle, deg 
E emissivity factor 
@ bank angle, deg 
Subscripts : 
e effective 
MAX maximum 
DISCUSSION 
The variation of altitude with time f9r both a once-around and a 
twice-around mission is shown in figure 1. The boost phase is charac- 
terized by high dynamic pressures, wind shears, and gusts. The orbital 
phase is associated with low temperatures and micrometeorites. The 
reentry glide imposes conibinations of high temperatures and maneuver 
loads. These three regions will now be discussed in greater detail. 
The flight envelope of the boost phase (fig. 2) may be developed 
from the known, or expected, normal trajectory of the selected glider- 
booster combination. The glider recovery ceiling may be defined as the 
maximum altitude and corresponding velocity from which the vehicle may 
be recovered if injected into the atmosphere at an entry angle of 0'.
It is based on the temperature limits of the various components of the 
glider, as it operates through the range of lift coefficients from 
maximum to that at maximum lift-drag ratio. Glide trajectories for 
both maximum lift-drag ratio at 45O bank angle and maximum lift coeffi- 
cient are included as reference boundaries for the glider reentry 
flight regime (shaded area) and will be discussed later with respect 
to temperatures and loads during the reentry glide. The recovery 
ceiling is established after the glider is designed for the reentry 
environment. The boost trajectories should be chosen so that, in the 
event of boost malfunction, the glider remains below the recovery 
ceiling. 
The wind shear and gust loads occurring in the low-altitude flight 
regime are critical for the aft fuselage of the glider and are, of 
course, very important in the design of the booster-glider combination. 
The booster and interstage structures have peak temperatures due 
to aerodynamic heating toward the ends of first- and second-stage boost 
burnout. The design criteria for these components must account for 
reasonable deviations from the standard atmosphere and for oscillatory 
motions of the booster-glider combination. 
I The panel-flutter placard is of particular interest since it 
represents a significant item of structural criteria for the glider 
designer for the boost-phase environment. In the work of reference 1, 
Hedgepeth showed that ( 1  ) is the governing panel-flutter 
9 2 
parameter for isotropic panels. In reference 2, Sylvester presents the 
results of panel-flutter wind-tunnel tests in terms of this parameter 
for isotropic panels. 
More recently work has been directed toward the skin-corrugation 
panel-flutter problem. It has been assumed that the same panel-flutter 
parameter applies with a geometric modification; that is, all geometric 
quantities are replaced with effective values as indicated in figure 3. 
These same data are presented by Eldon E. Kordes in a separate discus- 
sion of panel flutter, and are shown here for the purpose of complete- 
ness in this overall discussion of Dyna-Soar structural parameters. 
The temperature history (fig. 4) for a particular point of inter- 
est on the lower surface of the glider nose skirt may be represented 
by a boost-phase peak, moderate cooling during orbit, and a subsequent 
hot soak during the long reentry glide for the "once-around" mission. 
The "twice-around" mission exhibits a perigee temperature peak at 
approximately 90 minutes after launch. This small peak is preceded 
and followed by moderately low temperature apogee cold soaks. The peak 
heating is the same for glide reentry from either type of mission, the 
major difference being the more severe cabin cooling requirements due 
to greater total heat input in the longer mission. 
At altitudes above 2'30,000 feet, the possibility appears to exist 
that the glider may sustain slight damage from direct meteoric pene- 
tration of its steel surface. According to the latest available infor- 
mation, the daily influx of meteors into the earth's atmosphere is 
around 11,000 tons. The density of the particles ranges from that of 
dust to that of iron, but the distribution of density is unknown. 
The mass of an individual particle may be estimated by correlation 
with its visual magnitude (according to M. Dubin of ARDC). The 
assumption t h a t  a l l  the meteoroids are  i ron w i l l  y ield conservative 
analyt ical  resul t s .  For a given mass the diameter of the i?arti.de may 
be deter'mined. 
A maximum meteoroid velocity of 250,000 fps and a penetration 
depth proportional t o  the pa r t i c l e  were assumed, i n  consultation with 
the Rand Corporation, and the probability and depth of meteoric pene- 
t r a t ion  were predicted. The relationship between hole diameter D 
and the  probable nmber of penetrations larger  than D per square foot 
per hour i s  shown i n  figure 5. It appears tha t  for  a single 0.01-inch- 
thick skin there w i l l  be about 2 penetrations per square foot i n  
100 hours above 250,000 fee t  i n  a l t i tude .  Since the glider w i l l  spend 
zbout 75 minutes above 250,000 f e e t  during a "once-around" mission, and 
has 330 squase f e e t  of planform area, there w i l l  be about 8 penetra- 
t ions greater than 0.0014 inch i n  diameter per f l igh t .  Only one of 
these w i l l  be larger  than 0.003 inch and the probability of much larger 
holes i s  very small. 
Figure 6, the reentry temperature limits for  C L , ~ ,  i s  the f i r s t  
of four figures necessary t o  portray adequately the relationship of 
vehicle a t t i tude  i n  equilibrium glide t o  vehicle component temperature. 
For high l i f t  coefficients, such as the  one sh.own, there i s  an area of 
c r i t i c a l  temperature just  a f t  of the t rans i t ion  from nose-cap structure 
t o  f l a t  lower surface. An emissivity factor  of 0.9 has been used t o  
calculate the 2,7000 F temperature l i m i t  l i n e  for  t h i s  point "F." There 
i s  a l t i tude  margin between the l i m i t  l i n e  ,and the glide path a t  the 
most narrow point around a velocity of 20,000 fps. The more c r i t i c a l  
of the three heating theories, laminar, turbulent, or t ransi t ion,  i s  
used fo r  design. The laminar theory w a s  c r i t i c a l  for  t h i s  component. 
The 7.33 limit-load-factor l ine  and the panel-flutter placard are 
shown as  reference limits. The wing loading of 29 psf used i n  t h i s  
example i s  a typical  value for  a Dyna-Soar gl ider  with medium l i f t -  
drag ra t io .  
The temperature limits shown i n  figure 7 for  an intermediate value 
of lift coefficient were calculated fo r  the same wing loading as  for  
the maximum-lift-coefficient chart, but involve a different  c r i t i c a l  
gl ider  component. The wing leading edge, swept back 73' and rounded 
t o  a &-inch lower radius, i s  now the most c r i t i c a l  r e l a t ive  t o  a l imit ing 
temperature of 2 ,700~ F. The emissivity factor  for  t h i s  component i s  
a lso  0.9. The laminar and turbulent l i m i t  l ines  a re  both shown, and it 
may be seen tha t  the narrowest a l t i tude  margin now occurs at a velocity 
of around 20,000 fps. An additional design cr i te r ion  was placed on these 
l i m i t s  i n  tha t  a s ides l ip  angle of 5' was imposed. 
The temperature l imi ts  shown i n  figure 8 are for  a t rajectory at 
maximum l i f t -d rag  r a t i o  with 5' of yaw, and with a 45' bank angle 
imposed to provide maximum lateral range. This is actually the criti- 
cal high-temperature design condition since it has the minimum altitude 
margin of the three trajectories shown. The cusp usually formed between 
laminar and turbulent theory temperature limit lines is barely discern- 
ible here. The wing loading remains at 29 psf as before, and the 
leading-edge material is still most critical relative to a limiting 
temperature of 2,700~ F with an emissivity factor of 0.9. The above 
condition results in a 6,000-foot altitude margin. With a 5' yaw con- 
dition and 0' bank angle, the altitude margin is 15,000 feet. With 
o0 yaw and bank angle, the altitude margin is 21,000 feet. 
The variation of glider-component criticality with respect to 
heating is shown in figure 9. The individual variation of each glider 
component is represented by the altitude margin between the bank lines 
shown as references and the lines of altitude plotted against glider 
angle of attack. The constant velocity of 20,700 fps used in this fig- 
ure is a typical critical velocity taken from the previous three 
figures . 
The stagnation temperature of the nose cap is invariant with angle 
of attack, which fact is represented by the horizontal straight line 
for a 192,500-foot altitude. The heating of the dorsal leading edge 
of the fin decreases with angle of attack and thus permits a lower 
operating altitude. The wing leading edge and point "F" exhibit the 
opposite effect, and thus require higher operating altitudes. The 
dashed portion of the wing-leading-edge curve is used to account for 
regions of uncertainty with respect to heating of a highly swept wing 
leading edge at high angles of attack. 
The altitude margin shows the leading-edge structural components 
to be critical at low angles of attack and the flat plate at point "F" 
to be critical at high angles. of attack. 
The glider isotherms shown in figure 10 indicate the maximum 
upper-surface temperatures encountered during equilibrium glide at 0' 
bank angle for reentry at maximum lift coefficient and for reentry at 
maximum lift-drag ratio. The temperatures are based upon an insulated- 
plate radiation-equilibrium analysis with a surface emissivity factor 
of O,9 except as follows: (a) the nose stagnation-point emissivity 
factor is 0.6 and (b) the leading-edge stagnation-line temperature is 
reduced 150° F from the insulated case by internal radiation around 
the leading-edge cell. Aerodynamic heating rates on the upper surfaces 
are low because of the separated flow conditions, except at the low- 
lift-coefficient attitude where the windshield cover, the dorsal-fin 
leading edges, and the forward sides of the fuselage experience high) 
heating rates. Temperatures on the upper aft fuselage have been ' 
approximated from flat-plate zero-angle-of-attack conditions and are 
not affected by internal cross radiation. 
The glider isotherms shown in figure 11 indicate the maximum 
lower-surface temperatures encountered during equilibrium glide for 
the same flight conditions as in figure 10. The lower-surface iso- 
therms have been determined by using flat-plate equations modified by 
the three-dimensional delta-wing outflow effects. The outflow effect 
is responsible for the radical difference in the shape of the isotherms 
as the vehicle attitude changes from the low- to the high-lift- 
coefficient case, At low lift coefficient the isotherms are approxi- 
mately parallel to the wing leading edge and exhibit maximum tempera- 
ture gradients over the wing surface. At high lift coefficient the 
isotherms run approximately spanwise and low temperature gradients 
exist over the entire surface. 
All of the lower surface is insulated, as required, to restrict 
the temperature of the instructure to 2,000° F. The inside face of 
the lower surface of the wing radiates to the upper wing surface. 
This is the major factor in determining wing upper-surface tempera- 
tures. The temperatures of the lower outer surface directly beneath 
the fuselage have been computed with no internal cross radiation. The 
internal cross radiation of an insulated panel does not appreciably 
affect the outer-surface temperature, but significantly reduces the 
temperature of the primary structure behind the insulation. 
The maneuver capability of the Dyna-Soar glider may be portrayed 
as in figure 12. The wing loading is 29 psf and the equilibrium glide 
trajectories for the maximum lift coefficient and maximum lift-drag 
ratio at 45' bank angle are shown as references. The previous charts 
explained the criticality of structural heating, relative to vehicle 
attitude and environment, associated with equilibrium gliding flight 
at these high and low lift coefficients. 
The glider will not sustain steady-state accelerated flight, as 
experienced in a pull-up maneuver, at altitudes higher than those 
shown for the various load-factor limits. This maneuver limit exists 
because the density variation with altitude and the velocity variation 
do not provide sufficient dynamic pressure. The interesting portion 
of the curves appears at the cusp points. The cusps are formed where 
the temperature limit line for the vehicle attitude at maximum lift 
coefficient, shown previously in figure 6, intersects the constant- 
load-factor lines established by dynamic-pressure limitations. There- 
fore, at the cusp of any curve the maneuver capability of the vehicle 
is limited by temperature at this maximum angle-of-attack condition, 
but below the cusps, the curves are formed by temperature limits for 
various points on the vehicle at particular lower lift coefficients 
along the constant-load-factor lines. Therefore, the structural 
operational envelope extends between the upper and lower lines in 
figure 12, but maneuver capability varies with temperature at speeds 
approaching satellite velocity, dynamic Pressure, and elevon system and 
surface load capacity in the regions of high dynamic pressure. 
The load factor referred to in the preceding discussion is com- 
puted relative to the vehicle longitudinal axis. The equation used for 
the determination of this normal limit load factor is as follows: 
CL (2s c~qs 
n~ = -cOS a + -sin a 
W W 
CONCLUDING REMARKS 
A description of the environmental factors which affect the design 
of the principal components of a Dyna-Soar glider has been given. These 
factors are panel flutter during the boost phase and reentry at low 
altitude, and aerodynamic heating and maneuver loads during the hyper- 
sonic reentry glide. The components are the skin panels, the nose cap 
and skirt, and the wing and dorsal-fin leading edges. 
Altitude margin was shown to exist between the various equilibrium 
glide trajectories and the corresponding altitude-velocity relationships 
for the individual structural components at particular flight attitudes. 
The variation of these altitude margins with changes in flight attitude, 
for constant velocity, was also shown. The absolute margins are of 
course dependent upon the design criteria, such as bank angle, yaw 
angle, and material limits. The margins also may be changed by local, 
as well as overall, variations in external and internal configuration. 
Provision for internal cross radiation is an important aspect of con- 
figuration. 
The variation of heating along the different glide trajectories 
was also shown in combination with the changing load-factor capability. 
A typical glider configuration, such as that designed for a medium 
lift-drag ratio used in this analysis, has the capability to maneuver 
to a limit load factor of 7.33 where there is sufficient dynamic pres- 
sure available. 
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DEVELOPMENT OF TRUSS TYPE DYNA-SOAR GLIDER STRUCTURF: 
By Andrew K. Hepler, Bruce E. Landry, and Melvin A. Nelson 
Boeing Airplane Company 
INTRODUCTION 
This paper is concerned with the structural design evolution, con- 
struction, and testing of airframe components suitable for a delta-wing, 
glider-type reentry device. The structural design of a reentry vehicle 
is influenced by the configuration of the vehicle and the load and ther- 
mal input conditions associated with the flight trajectory. During 
reentry, the typical glide vehicle is capable of using a number of equi- 
librium glide paths, during which flight is maintained at essentially 
constant values of W/SCL. The glide vehicle is also capable of per- 
forming high-load-factor maneuvers from the reentry glide path. 
For the purposes of this paper, the structural temperature rise 
due to the thermal energy imparted during reentry is that rise which is 
associated with a radiation-cooled structure. The basic structural con- 
cept considered employs skin panels which transmit the external aero- 
dynamic loads to the primary load-carrying structure. These panels also 
serve as an exterior protective heat shield such that the primary struc- 
ture does not reach the temperatures experienced by the outer shell. 
The primary load-carrying structure is considered to be maintained at 
temperatures below 2,000 F; therefore, the use of superalloy construc- 
tion materials is permitted. 
The concept of cooling by thermal radiation leads to temperature 
differences in the various internal structural members. These tempera- 
ture differences, or gradients, depend on the structural arrangement 
and the magnitude of the change in exterior skin temperature with time. 
For example, the temperature gradient between the upper and lower wing 
surface is greatest during high-load-factor maneuvers at hypersonic 
speeds. These temperature gradients produce differential changes in 
the lengths and orientation of the various internal structural compo- 
nents. High stresses can occur in'a structural design in which the 
elongation and rotation of structural elements are restrained. Thermal 
stresses of this nature can be eliminated from the primary structure by 
utilizing a statically determinate trusswork employing pinned 
attachments . 
Static room temperature and hot tests performed on various truss 
members and joints and on the forward structural section of a full-size 
vehicle have verified that the truss-type structure has the structural 
capability required of a typical Dyna-Soar reentry glider. This type 
of structure can be constructed by using the current state of the art 
in materials development and manufacturing methods. 
SYMBOLS 
L lift coefficient 
S reference lifting area of the vehicle, sq ft 
W total weight of the vehicle, lb 
To.. .T3 local structural temperatures, OF 
DISCUSSION 
Structural Arrangement 
The structural arrangement shown in figure 1 is representative of 
the truss-type structure developed for a typical Dyna-Soar reentry 
glider. This particular reentry vehicle component is currently being 
fabricated for structural testing which will duplicate typical reentry 
environmental conditions. The structure is 10.5 feet long and is a 
full-size representation of the forward section of the vehicle. ~en6 41, 
a nickel-base superalloy material, is used throughout the structwe with 
the exception of the lower surface skin panels which are made of HS-25, 
a cobalt-base superalloy. The body is composed of two main longitudinal 
trusses joined together with four cross frames. Diagonal bracing between 
the longerons of the main trusses has the ca2ability of reacting asym- 
metrical loading conditions. The primary wing structure is made up of 
wing-spar trusses and leading-edge beams. The wing-spar trusses are 
perpendicular to the leading edge of the vehicle and are attached to 
the main body trusses at the lower longerons and vertical body truss 
members. Air loads are transmitted to this primary truss structure by 
means of corrugated skin panels. These panels transfer the applied 
air loads to the leading-edge be'ams, intercostals, longerons, and keel 
beam by simple beam action. In order to understand this airframe devel- e 
opment more fully, it is necessary to investigate the conditions and 
basic concepts which affect the structural design. 
Structural Design Conditions 
The flight trajectory of a hypersonic glider reentry vehicle is 
composed of three phases: boost, orbit, and reentry. High wind shear 
conditions and rapid heating rates can exist during the boost phase. 
During this phase, the internal primary structure is cool and, conse- 
quently, these conditions do not affect the design of most of the struc- 
tural members. During the orbital phase of the flight, the substructure 
likewise is cool and loads due to activation of reaction controls are 
small. It develops that the principal design conditions for the primary 
structure occur for combinations of temperature and aerodynamic loads 
during the reentry phase of the trajectory. For approximately 30 min- 
utes after initiation of reentry, the heating rate of the external sur- 
faces is gradual and the overall vehicle structural temperatures tend 
to approach equilibrium conditions. This phase of the reentry is char- 
acterized by high temperatures and relatively low structural loads. 
Figure 2 shows typical temperatures for the inner surface of the lower 
skin and lower chord of a wing-spar truss during the final 50 minutes 
of reentry. Equilibrium temperature conditions are shown for one factor 
flight and uninsulated skin panels in an area away from leading-edge 
effects. For this case, the maximum temperature of the internal primary 
structure is 1,530~ F. This condition occurs when the maximum skin 
temperature is 1,780' F. 
Transient structural temperatures are illustrated for a high-load- 
factor maneuver condition. The curves show that the internal structural 
temperatures during this severe maneuver will be somewhat lower than 
those at maximum equilibrium condit2ons. However, the aerodynamic 
loading combined with the temperatures during this type of maneuver can 
be the designing condition for the primary load-carrying structure. 
Structural temperatures experienced during a severe pull-up maneuver 
are shown in figure 3. Transient temperatures are shown for the inner 
surface of the lower skin and the lower and upper chords of a wing-spar 
truss. After initiation of maneuver, the temperatures increase until 
the maneuver load factor is decreased. With a reduction in flight load 
factor, the skin temperature decreases rapidly and after a short time 
lag the internal structural temperatures also peak and decrease. Even 
though thin materials are used for construction, internal structural 
heating rates are small immediately after maneuver initiation. For a 
representative maneuver time of 30 seconds, the transient temperatures 
of the lower and upper spar chords are 300° F and 330' F below their 
respective equilibrium temperatures based on a skin temperature of 
2,000~ F. At this time, the temperature gradient between lower and 
upper spar chords is approximately 390' F. High-load-factor maneuver 
conditions of this type, combined with the associated structural- 
temperature differences, usually constitute the principal design con- 
ditions for the primary structure of the vehicle. 
Structural Concept 
The effect of temperature gradients between members of a typical 
truss bay is shown in figure 4. With truss joints in the fixed condi- 
tion, the changes in member lengths due to differential thermal expan- 
sions produce stresses from end moments and shears. If all joints are 
pinned, there is no resistance to changes in relative member orienta- 
tion, Bending of the truss members is thereby eliminated and the struc- 
ture becomes free of this type of thermal stress. 
Multiple-bay truss deflection caused by differential temperatures 
must be considered since this deflection will modify the aerodynamics 
of the glider. Calculations indicate that multiple-bay truss deflec- 
tions due to temperature gradients across the truss are not signifi- 
cantly changed by varying the positions of the truss verticals and 
diagonals. As a result, the design of a truss-type structure is pri- 
marily based on optimum weight considerations. 
Structural Design and Construction 
Air loads are carried by the skin panels in simple beam bending. 
The method of reacting the loads from these panels is shown in figure 5. 
Shear forces from the panels result in nearly uniform loads carried in 
bending by the leading-edge beams, intercostals, longerons, and the keel 
beam. The end shear forces fromthese members are reacted at the joints 
of the wing spars and body trusses. With this arrangement, the primary 
stresses in the truss elements are due to axial loads. 
The weight of structural joints represents a significant portion 
of the total weight of the structure. When a truss structure is designed 
for axial forces, pinned connections are heavier than fixed joints. How- 
ever, the lighter fixed joints introduce moments and shears into the 
members because of the temperature distributions previously discussed. 
These additional loads require the truss members to be heavier. In fig- 
ure 6 the weight of truss-type structure for a typical wing spar with 
three different conditions of joint fixity is shown. For the fully 
pinned condition the weight of the joints approaches 30 percent of the 
total truss weight. Although joint weight decreases in the fully fixed 
case, the weight of the total structure is approximately 130 percent of 
an equivalent pinned joint truss. A design where only certain joints 
are fixed results in the lightest structure. Thermal stresses are pres- 
ent in some of the members in this latter arrangement but they are of 
small magnitude. The advantage of incorporating some fixed joints 
becomes apparent at connections between many members in more than one 
plane . 
A typical wing spar in which this design technique has been utilized 
is illustrated in figure 7. This wing spar is used on a structure cur- 
rently being fabricated for test. All truss material is Re& 41 super- 
alloy. Tubular members have been swaged where there are space limita- 
tions on the sizes of connections. Pinned connections are formed by 
bolting through tabs or fittings which have been fusion welded in tube 
end slots. Fixed connections are formed by fusion welding the members 
to fittings or gussets. 
A typical joint for the intersection of wing and body truss elements 
for current test structure is shown in figure 8. Longeron loads are 
transmitted through a bolted connection. A fitting is used to attach 
the wing and body truss tubes to the longeron. Wing-spar members are 
fusion welded to a lug which is bolted to this fitting. A similar 
arrangement is used for the body cross-frame elements. The bolted con- 
nection between the fitti'ng and longeron allows independent rotation of 
the vertical-diagonal assembly in the main truss plane. 
Superalloys were selected for the construction of the primary struc- 
ture since the temperature environment does not exceed 2,000~ F. Mate- 
rials evaluated have included M-252, Ren; 41, and HS-25 superalloys. 
The structaral design conditions and the desirable material properties 
of  en& 41 at elevated temperatures have led to the selection of this 
material for the trusswork. Ren6 41 is a precipitation hardenable mate- 
rial. After solution treating at 1,975' F the material is aged at 
1,400~ F for 16 hours. This process increases the strength of Re& 41 
at temperatures below 1,600~ F. Conditions which produce high stresses 
in the primary structure occur at temperatures below the range where the 
creep of ~en6 41 becomes significant. 
The longeron shown is formed from sheet stock and consists of a 
close-out plate spot-welded to a hat section. Beads are incorporated 
in the hat-section design to increas,e crippling strength. 
Swaged-tube manufacture has been developed by starting with a tube 
size intermediate between the basic section required and the swaged end. 
Tube ends are swaged by a succession of cold-draw operations with the 
use of intermediate anneals. With the material in the annealed condi- 
tion, fluid forming is utilized to increase the basic section to the 
diameter required. Final treatment of Rene' 41 assemblies consists of 
solution treatment and aging. 
Tests Results 
Structural testing conducted by the Boeing Airplane Company has 
included elevated-temperature tests on structural elements and components 
of various cross sections and materials. A full-scale structural 
assembly representing an earlier design version of a truss-type struc- 
tural arrangement has been built and tested to prove this structural 
concept for a reentry glide vehicle. 
Element tests.- Five substructure elements have been life-tested. 
These elements are shown in figure 9. They represent two designs typ- 
ical of the glider structure. These components were subjected to a 
continuous program of 20 minutes at 1,200~ F, 20 minutes at 1,400~ Fy 
10 minutes at 1,600° F, and 4 minutes at 1,800° F, with approximately 
50 percent of the ulthate compression design load applied at each 
corresponding temperature level. This program represented the cumula- 
tive time at predominant teqeratures and stresses for 10 glider 
reentries. After this program the specimens were tested to failure 
in compression at 1,800° F. 
The materials used for element construction were the superalloys 4 
Ren6 41, HS-25, and Hastelloy X. The Re& 41 specimen was age-hardened 
after welding. 
All the capped-hat sections were constructed with identical sheet rA 
gages and weld patterns. The overall length of the hat-section specimens 
was 43.92 inches with a distance of 40.00 inches between support-bolt 
center lines. The basic section of square-capped-hat design, 3.0 inches 
on a side, extended for 12.80 inches at midspan. This section was of 
0.040 gage with each side beaded to increase crippling strength. 
Swaged tube elements were 16.9 inches long with an overall length 
of 19.70 inches including end tabs. The distance between support pins 
was 18.00 inches. The basic section of the tubes was 1.50 inches in 
diameter with 0.014-inch-thick wall. The section is swaged over a dis- 
tance of 3.0 inches to 0.50-inch diameter with an 0.027-inch-thick wall. 
The reduced sections were 0.40 inches long and slotted to receive the 
end tabs. Stiffener rings of 0.020 gage were fusion plug welded to the 
specimens at the junction of the basic section and swaged end in order 
to increase the strength in the transition area. 
Because of the lengths and section properties of the specimens, 
the elements were critical in crippling. Life testing was accomplished 
for the elements and the failure stresses at 1,800' F are shown as a 
ratio of the corresponding predicted crippling stresses. The test 
results compare favorably with analytically predicted strengths for the 
two structural shapes manufactured from the three basic materials. 
4 
A view of the test facility used for these tests is shown in fig- 
ure 10. The elements were heated by air-cooled high-density radiant 
heat lamps with ceramic reflectors mounted on aluminum manifolds. Power 
b 
to the lamps was regulated by control thermocouples mounted on the speci- 
mens and the use of ignitron controller carts. Load was applied to the 
specimens by a hydraulically operated test machine. Thermal expansion 
of the machine during testing was reduced by wrapping all exposed parts 
in aluminum foil. 
Structural-concept model tests.- This test structure was a full-size 
vehicle forward section approximately 6.5 feet long. Its primary purpose 
was to verify the structural integrity of the truss-type design concept. 
In addition, the heat transfer through the structure and the deflections 
of the model due to heat and load were evaluated throughout the tests. 
This test specimen was subjected to seven simulated reentry flight tra- 
jectories, including maneuvers, which an actual reentry vehicle would 
encounter. A view of the specimen is illustrated in figure 11. 
The test specimen was fabricated from M-252 superalloy sheet stock 
and, consequently, the design was restricted to parts which could be 
fabricated in the sheet metal shops. All parts were spot-welded together 
with the exception of the bolted-meniber connections. For exmple, the 
tube members were constructed of two hat sect ions spot-welded together. 
The specimen was built around two fore-and-aft full-depth trusses. The 
second and fourth verticals from the forward end employed pinned ends 
whereas the diagonal members were connected by short tabs at the joints. 
These main trusses were connected by three cross frames. A leading-edge 
beam was attached to the outboard ends of the cross frames. The exterior 
skin panels were made of corrugated sheet spot-welded to a flat external 
skin. 
An overall view of this structural-concept model during testing is 
shown in figure 12. Instrumentation on the concept model consisted of 
327 thermocouples, 28 high-temperature strain gages, 12 deflection indi- 
cators, and 1 dynamometer-bar load indicator. Thermocouples were 
installed to measure temperature distributions on the external skin and 
throughout the joints and members of the trusswork. The test specimen 
was cantilevered from the reaction jig by extensions of the main trusses. 
Load was applied by one hydraulic jack acting through a fulcrum beam to 
an evener system. The evener system was attached at 22 load points on 
the specimen. All points were at the intersections of main truss mem- 
bers and along the leading-edge beams. Heat was applied to the speci- 
men from radiant heat lamps. The lamps were fixed to a jig which sur- 
rounded the specimen. This lakp jig was hinged at the reaction support 
and counterbalanced to rise with the model as it deflected. 
The first test run was a load-only test to check the load distri- 
bution and room-temperature deflections of the model. The model was 
subsequently tested with a maximum lower surface skin temperature of 
500° F to check the heating facility and to investigate the effects of 
moderate temperatures on the specimen. A total of seven simulated 
reentry tests were conducted on this specimen. The first two reentry 
tests reached maximum lower surface skin temperatures of 1,600' F and 
1,800' F. Two other tests reached a maximum temperature of 1,900~ F 
and three tests imposed a maximum of 2,000° F. Test loads simulated 
one-factor flight conditions and two maneuver conditions to the maximum 
aerodynamic capability of the vehicle represented. The heating rate of 
the lower skin surface was maintained at 3O F per second during the 
maneuver conditions. 
The first high-temperature reentry to 1,900~ F verified the struc- 
tural concept. The specimen survived all testing with no damage to the I 
primary structural members. Deflection readings taken during the tests 
indicated that the specimen behaved elastically. No measurable creep or I 
permanent deformation occurred to the primary structural components. i 
Some minor cracks and spot-welded failures on the skin panels and skin I 
expansion joints occurred. The corrugated sections of the skin panels 
did not experience damage. The damage to the outer surface skins was 
apparently the result of the skin-support structure being too rigid and 
not allowing freedom of movement of the panel corners. 
Numerous data were obtained on heat transfer throughout the struc- u, 
ture. Representative of the numerous temperature results were the meas- 
urements of temperatures of truss structure attached to the lower surface 
skin panels. As shown in figure 13, the temperatures and thermal gra- 
dients of elements attached directly to the skin are high. These meas- 
urements were taken on the lower chord of the main truss. A substantial 
decrease in member temperatures and thermal gradients is obtained by 
attaching skins a small distance away from the primary truss elements by 
means of clip angles. This arrangement was used between the skin panels 
and cross frames. Current designs of skin panel to truss component 
attachments utilize this method. 
Even though the programed model surface isotherms were difficult to 
obtain during testing, the variation of skin-panel temperatures along 
the main truss chords were close to those required. Figure 14 shows 
the temperatures through the body truss structure for the most critical 
reentry test. The results show that temperature differences between 
the lower chord and diagonal members are much higher than those between 
the diagonal and upper chord members. This high gradient has been 
decreased in current truss-type structural design by not attaching chord 
members directly to the skin panels. 
The complexity of truss joint structure does not readily lend itself 
to analytical solution. The maximum temperatures attained near a repre- e 
sentative concept model joint are shown in figure 15. 
CONCLUDING REMARKS 
In conclusion, it can be stated that, although the concept of struc- 
* tural cooling by thermal radiation leads to differential meniber tempera- 
tures, thermal stresses are essentially eliminated in the trusswork by 
the use of pinned joints. Structural design is improved from the stand- 
point of weight by employing fixed joints where the truss members will 
not be adversely affected. 
Fabrication capability has been demonstrated by the manufacture of 
airframe components using superalloy materials of construction. The 
testing of these components at thelr design temperatures has confirmed 
the analytically predicted strengths. 
Testing of a full-size vehicle forward section by repeated heat and 
,A load programs simulating reentry trajectories has indicated that pinned- 
joint structure is not adversely affected by large differences in com- 
ponent temperatures. Temperature data have led to a better understanding 
of heat transfer between internal structural elements. This information 
6, has been utilized to improve the design of current truss-type airframes. 
These tests have verified that a radiation-cooled primary structure, 
employing a trusswork design, has the structural capability required 
for a typical Dyna-Soar reentry glider. 
STRUCTURAL ARRANGEMENT FOR A TYPICAL 
GLl DE VEHICLE 
SKI N 
B O D  
\ - - - - L E A D I N G - E D G E  B E A M  
Figure 1 
TYPICAL STRUCTURAL TEMPERATURES 
DURING REENTRY 
SEVERE 
MANEUVER 
-7 
1,600 
8 0 0  GLIDE 
40 0 
WIN& 
'oJl -rl sf%!? 
V 
50 4 0  3 0  2 0  10 0 
TIME TO TOUCH DOWN, MIN 
Figure 2 
TYPICAL STRUCTURAL TEMPERATURES DURING 
SEVERE REENTRY MANEUVER 
UPPER 
SUFFACE 2,000 
TEST DATA 
- PREDICTED 
WING SPAR- 0 
0 10 2 0  3 0  4 0  
TIME AFTER MANEUVER 
INITIATION, SEC 
Figure 3 
SINGLE-BAY TRUSS DEFLECTION DUE TO 
D IFFERENCE I N  STRUCTURAL TEMPERATURES 
F I X E D  JOINTS PINNED JOINTS 
HEAT SOURCE HEAT SOURCE 
Figure 4 
M E T H O D  OF REACTING EXTERNAL L O A D S  
Figure 5 
E F F E C T  OF J O I N T  F I X I T Y  ON T Y P I C A L  W I N G  
S P A R  T R U S S  
DESIGN P=1,050 L B  (1.25 PSI AIRLOAD) 
CONDITION TI=1,4650F , T2 ~ 1 , 2 7 5 ~  F , T3 =1,1 8 0 ° F  
RENE* 41 MATERIAL 
TOTAL TRUSS 
WEIGHT 
TOTAL PINNED TRUSS WEIGHT 
0 1 I 
PINNED S E M I -  FULLY 
PINNED F IXED 
Figure 6 
TYPICAL WING- SPAR DETAIL 
1 --- -T- 2;'. .Be---- 
5 LOWER SURFACE 
LEADING-EDGE SKIN 3--1 BODY -TRUSS 
BEAM MEMBER 
Figure 7 
TYP l CAL JO l NT DETA lL 
Figure 8 
COMPRESSION CRIPPLING 
TESTS OF TRUSS ELEMENTS; 1,800° F TEST TEMPERATURE 
TUBE 
H S - 2 5  
I I I 
HASTELLOY- X 
I I I I 
RENE -41 
HASTELLOY - X 
H S - 2 5  
0 .2 .4 .6  .8 1.0 1.2 1.4 
FAILURE STRESS/ PREDICTED CRIPPLING STRESS 
Figure 9 
TEST FACl LlTY FOR COMPRESSION 
CRIPPLING TESTS OF TRUSS ELEMENTS 
Figure 10 
STRUCTURAL-CONCEPT MODEL 
UPPER SURFACE 
SKIN PANELS 
LEADING-EDGE 
BEAM 
Figure 11 
T E S T  F A C l  L l T Y  FOR STRUCTURAL-  
CONCEPT M O D E L  
Figure 12  
E F F E C T  O F  TRUSS-TO-SKI  N A T T A C H M E N T  ON 
LOCAL TEMPERATURES 
T E S T  RESULTS 
TEMP, 
0 0 -
0 4 8 1 2  
TIME, MIN 
-
0 4 8 1 2  
TIME, MIN 
Figure 13 
TYPICAL BODY-TRUSS T E M P E R A T U R E  D A T A  
TEST RESULTS 
TYPICAL 2,000° F REENTRY 
WITH MANEUVERS 
TEMPERATURE, OF 
2,000 
1,600 
1,2 00 
LOWER-SURFACE 
8 00 SKIN TEMPERATUR 
4 00 
0 10 2 0  30 40 5 0  6 0  
TIME AFTER REENTRY INITIATION, MIN 
Figure 14 
TY PlCAL JOINT TEMPERATURES 
TEST RESULTS 
1,520 
LOWER SURFACE 
SKIN TEMPERATURE 
0 2 0  4 0  
TIME, SEC n-- LOCATION 
MAX. 
TEMP. 
GRADIENT. 
MAX. MAX. MAX. 
TEMe TEMP. TEMP, 
O F  GRADIENT, OF OF 
1,440- 
Figure 15 
Page intentionally left blank 
DYNA-SOAR SKIN PANEL DEVELOPMENT 
By Andrew K. Hepler, Walter E. Backus, 
and George B. Smith 
Boeing Airplane Company 
INTRODUCTION 
Reentry from orbital velocity by glider-type vehicles imposes new 
and severe requirements for external surfaces. The relatively long 
heating period coupled with the requirements of maintaining aerodynamic 
shape at high equilibrium temperatures and minimum weight create major I 
.?, design and development problems. This paper presents Eertain aspects of 
the analysis and development testing of external panels for use at tem- 
peratures as high as 2,7000 F. 
The surface panels to be reviewed are shown in the vehicle cross 
section in figure 1. The cross section and structural arrangement are 
representative of a reentry, radiation-cooled, glide vehicle. In gen- 
eral, the operating temperature of the upper surface is less than 2,000° F 
while the lower surface equals or exceeds this nuniber. The only struc- 
tural purpose of the panels under discussion is to transfer the external 
airloads to the internal primary load-carrying structure. Thermal gra- 
dients through the airframe structure require that the external surfaces 
absorb thermal deformations, either through flexing or movement of the 
panel supports or by deformations, such as buckling, of the panel itself. 
A typical reentry heat and load environment for the external sur- 
faces is shown in figure 2. The maximum lower surface temperature 
attained was 2,700~ F for panel A, with pressure loadings in the vicinity 
Of 1 to 1.I. psi. Panel B, - on the upper wing surface, reaches a temperature 4 
of 2,000° F. The simultaneous increase of load and temperature during 
maneuvers is due to increased heating with increased angle of attack. 
In addition to temperature and aerodynamic loads, such items as air- 
stream erosive effects and stiffness requirements to prevent flutter 
also influence the panel design. 
k thermal conductivity factor which relates heat flow (~tu/s~ ft-hr) 
to thermal gradient (O.F/in. ) in a given material, Btu- in. 
sq ft-hr-OF 
P density of material, lb/cu ft 
9 air pressure on outer surface of glider, lb/sq ft 
DESIGN APPROACH 
With the environment established, a design approach can be formu- 
lated as outlined in figure 3. First a basic material is selected suit- 
able for the required operating temperatures. For temperatures up to 
2,000° F, the superalloys such as s end 41, a nickel-base alloy, are 
available. These materials may be used with a high degree of structural 
confidence up to 2,000~ F. For temerature in excess of 2,000~ F, 
refractory materials such as the molybdenum alloys or niobium alloys 
must be considered for external covering if a conventional sheet-metal 
construction is to be used. In the area of insulation, recent develop- 
ments of both alumina and zirconia fibers have shown promise of a rela- 
tively efficient insulation for use up to 2,900~ F. 
These material limitations are fundamental in establishing panel 
configuration. For temperatures to 2,000° F a conventional design 
utilizing the superalloys is possible. For areas where the temperature 
exceeds 2,000' F, the use of the superalloys in the panel structure is 
only possible if an insulating heat shield is used to protect them from 
the high-temperature airstream. The use of refractory alloys for the 
primary panel structure is not considered satisfactory at this time. 
Surface panel development has been divided into two types - 
noninsulated panels for use to 2,000~ F and insulated panels for use 
to 2,700~ F. 
Verification of the structural integrity of the panels employs, 
in general, the following testing: 
Simulated environment 
Load and temperature 
Sonic (with and without heat) 
Plasma tunnel (erosive and thermal shock) 
Actual environment ( free flight ) 
NONINSrnTrn PANELS 
For s t ruc tura l  temperatures up t o  2 ,000~  F, development of the  
superalloys permits the use of conventional sheet-metal designs f o r  the 
external surface. I n  keeping with the design philosophy of minimizing 
thermally induced s t resses ,  a skin panel has been developed which u t i -  
l i z e s  a f l a t  skin spot-welded t o  a corrugation. A typical  panel i s  
shown i n  f igure 4. This type of surface panel i s  currently being evalu- 
ated both analyt ical ly  and experimentally at  the Boeing Airplane Company. 
The s t ruc tura l  environments a re  being simulated i n  the laboratory, 
as  pract ical ,  as e i ther  singularly applied or conibined t e s t  conditions. 
Testing has been confined t o  heat, surface pressure load, sonic excita- 
t ion, and panel f l u t t e r .  Three superalloys were used f o r  t h i s  panel 
development program. 
Heat and b a d  Testing 
Panels 71 by 22 inches have been fabricated from 0.010-gage sheet 
metal. The cross sections of the panels a re  shown i n  figure 4. Two 
panels of ~ e n 6  41, two of Hastelloy X and two of Haynes S t e l l i t e  25 
were tested.  One of each pa i r  of panels employed a "Z-edge" design at  
the corrugation ends, and the other a "creased-edge" design. These edge 
treatments a re  i l l u s t r a t e d  i n  f igure 5. 
The t e s t  setup of the panel is  shown i n  figure 6. The bank of 
heat lamps can be seen above the  panel. The panel was mounted as  the  
top of a f l a t  box on the t e s t  table .  Load was applied t o  the  top of 
the panel by pulling vacuum i n  the box. A beaded pressure sea l  was 
used between the  panel edges and the  vacuum box. The beading permits 
unrestrained longitudinal growth of the panel, and flexing of an adjacent 
unbeaded area permits l a t e r a l  growth. 
Each panel was subjected t o  10 heat-load cycles representative of 
a ty-pical reentry. Maximum loadings of 0.8 p s i  a t  2 ,000~  F were included 
i n  the  test ing.  After these environmental t e s t s ,  the panels were heated 
t o  2,000° F, soaked fo r  10 minutes, and loaded t o  fa i lure .  The pressure 
loading was applied i n  f i n i t e  steps, with the load held constant f o r  
5 minutes a t  each step. Deflection t o  1/2 inch at  the  center of the 
panel was considered the f a i lu re  point. Test r e su l t s  a re  summarized i n  
f igure 7. A l l  of the  Z-edge panels supported a loading of 2 p s i  f o r  at  
l e a s t  lminu te ,  The creased-edge panels supported only about 50 percent 
as much load due t o  the weakness of the short nonstiffened length jus t  
inside the edge of the panel. 
Sonic Testing 
Structural verification of these panels by sonic testing is also 
required. The skin panels of a typical boost-glide vehicle are subjected 
to rocket-engine and aerodynamic noise during the boost and reentry glide 
phases of the flight. A maximum overall noise level during launch of 
145 decibels is anticipated. During the boost and reentry phases the 
glider will be exposed to an overall level of 135 decibels due to aero- 
dynamic noise. The maximum temperature at which significant noise levels 
occur will not exceed 500° F. At this temperature the mechanical prop- 
erties of the structural materials used are not significantly different 
from those at room temperature. For this reason sonic testing has been 
conducted at room temperature. 
A series of superalloy panels were sonic tested at the Boeing 
Airplane Company. These tests were conducted in the Boeing progressive 
wave sonic test chamber. The sonic generator is the siren type which 
produces a sinusoidal wave form of a given single frequency and intensity. 
Panels are mounted in this facility in such a way that sonic waves move 
parallel to the surface of the panel, thus minimizing the standing wave 
effect. Pressure levels are adjusted directly from a microphone reading 
with the panel in place. 
Figure 8 shows results of a series of sonic tests for panels of 
three superalloys (~en6 41, Hastelloy X, and Haynes Stellite 25). The 
panels were constructed of an 0.010-gage skin spot-welded to an 0.010-gage 
corrugation and had the Z edge shown in figure 5. The panels were 
simply supported on two edges with the distance between supports being 
22 inches. 
An approach to reducing the scatter in sonic test data is shown in 
the lower plot. The equivalent static uniform pressure load is cal- 
culated (utilizing unif om-load simple-support equations ) based on the 
measured deflection during sonic testing. Time to failure from the 
upper plot is converted to cycles to failure. This is possible inasmuch 
as all testing was at a single resonant frequency. The values for equiv- 
alent pressure and cycles to failure are then plotted as shown in fig- 
ure 8 to show relative life of the test panels. This approach essentially 
corrects for tolerances in measuring sound levels and for the variation 
in the damping of the panel to the test-jig bolted joint. This joint 
contributes the major portion of the overall test-installation damping. 
In the lower load, high life region, all curves of figure 8 are 
drawn through test points where no failure occurred. Similar sonic 
tests were made to evaluate the effect of both the beaded edge and 
creased edge shown in figure 5. 
Initial failure of the Z-edge panels occurred at, the spotwelds 
and adjacent material connecting the Z-angle to the inner nodes of the 
corrugations. This was followed by failures in the spotwelds connecting 
the outer nodes of the corrugation to the doubler and skin. With the 
edge of the panel in this flexible condition, cracks appeared in the 
skin, doubler, and corrugation. Initial failure of the beaded- and 
creased-edge panels occurred at the spotwelds connecting the corrugations 
to the doubler and skin. 
Conclusions from this program were that the Z-edge configuration was 
superior for all materials, that ~ e n 6  41 panels provided the longest 
fatigue life, and that all test panels demonstrated the capability of 
withstanding the noise environment anticipated during the flight of a 
typical boost-glide vehicle. 
Flutter Testing 
Flutter characteristics of typical corrugated skin panels have 
been evaluated in the %ley Unitary Plan wind tunnel. The effects of 
panel surface heating were investigated durlng these tests as well as 
variations in corrugation geometry. 
Heating of the panels was investigated to determine the effect of 
skin buckling on inducing flutter of the panel. In general, it was found 
that heating the panel enough to cause buckling tends to decrease the 
response amplitude of the panel and to increase the critical flutter 
dynamic pressure. 
One technique developed to increase the stiffness of the panel was 
the addition of flat straps attached to the back of the panel as shown 
in figure 9. The straps were placed normal to the corrugations and 
spaced 5.1 inches. The straps were terminated at the edges of the panel 
on the last full corrugation. There was no indication of flutter of the 
stiffened panel at the test Mach numbers and dynamic pressures. The 
straps proved to be a simple and lightweight method of increasing the 
flutter capability of the corrugated panel. 
INSWTED PANELS 
For the surface areas of a hypersonic boost-glide vehicle where 
skin temperatures are too high for the superalloys, that is, approxi- 
mately 2,000' F, insulated panels are required. A typical insulated 
panel designed to operate in the temperature range from 2,000° F to 
2,700~ F is shown in figure 10. The panel consists of an airload- 
carrying, corrugated inner panel of superalloy, a layer of insulation, 
and a hard outer surface for protection of the insulation from high- 
velocity airstream erosion. 
This panel design is such that the erosion shield is secondary 
structure only. It transmits the local aerodynamic pressures through 
supporting clips to the superalloy corrugated inner panel. This design 
arrangement has been adopted due to a lack of a reliable structural 
material for load beaming in a 2,700° F environment. 
Insulation Properties 
Several promising insulations with various high-temperature capa- 
bilities are compared in figure 11. A measure of insulating efficiency 
as applied to airframe design is the factor kp; that is, the product 
of thermal conductivity times the density of the insulation. For high 
insulating efficiency, low values of kp are desired. The data pre- - 
sented as solid lines are based on test experience at the temperature 
indicated and represent the current limit of conductivity data. Testing 
of these insulations at higher temperatures is required to establish the 
insulating properties which are predicted by the dashed portion of the 4 
curves. The dashed curves do not extend beyond the maximum hot wall 
temperature to which the material is known to have been successfully 
submitted. It will be noted that there is a serious lack of data above 
2,000~ F, the temperature range currently of interest. The alumina- 
and zirconia-fiber insulations have shown promise for satisfactory per- 
formance at temperatures in the range from 2,000~ F to 3,000° F. The 
data are based on sea-level atmospheric pressure with the exception of 
the bottom curve which is included for comparison of altitude effect. 
Insulated Panel Testing 
Insulated panels incorporating various insulations, erosion shields, 
attachments, and asse&ly techniques have been fabricated and thermally 
tested at the Boeing Airplane Company. These insulated panels have 
included either a metal or a ceramic erosion shield. Some of the ceramic 
shields were reinforced by a wire grid. 
Testing to date has been limited to a maximum temperature of 2,0000 F. 
However, these tests, coupled with those of higher temperature evaluation 
of materials, have established the foundation for insulated panel designs 
to operate up to 2,700~ F. 
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The thermal response of certain types of insulated panels as deter- 
mined by testing is shown in figure 12. The outer surface of each panel 
was heated to the test temperature by radiant lamps. After heat flow 
had stabilized, the temperatures were measured at various locations. 
The lowest curve shows the characteristics of a panel which was partly 
insulated by the erosion shield. The erosion shield was made from 4- by 
6-inch tiles of foamed silicon carbide. The tiles were 118 inch thick, 
and pairs of tile were cemented together for a total thickness of 
114 inch. The upper curve shows the characteristics of a similar panel 
with less insulating thickness. These panels survived the test without 
damage, but the tiles are fragile and several were cracked during fabri- 
cation. 
The remaining data points show the characteristics of panels with 
noninsulating erosion shields. Four different insulations were tested 
in conjunction with this type of shield. Two insulations were load- 
carrying ty-pes and two were non-load-carrying types. 
The non-load-carrying types of insulation included Q-felt (silica 
fiber) at a density of 3 lb/cu ft and Fiberfrax (aluminum silicate) 
fibers at a density of 8 lb/cu ft. The load-carrying types included 
Fiberfrax fibers in a board form at a density of 20 lb/cu ft and a ceramic 
honeycomb in which cells were filled with Fiberfrax at a density of 
8 ~b/cu ft. 
The erosion shields on the load-carrying type of panels included 
metal, alumina, and alumina reinforced with wire grid. The alumina 
shielding broke apart during the test, but the wire-grid reinforcement 
was able to retain the pieces in place; however, the extensive cracking 
of alumina indicates a probable failure in reentry environment. All of 
the metal erosion shields survived the tests. 
Five different designs were used for supporting the erosion shield 
in the test panels: 
(1) A load-bearing board type of insulation for compression, and 
wires at 3-inch intervals for tension loads (A formed sheet-metal part 
in the center of the panel similar to those shown in figure 10 provided 
shear transfer . ) 
(2) Ceramic spacers at 3-inch intervals for compression and shear, 
and a wire through each spacer for tension. 
(3) Studs at 3-inch intervals, reaching through the insulation and 
carrying all types of load. 
(4) Formed sheet-metal parts similar to those shown in figure 10. 
  he spacing of posts in one test panel was less than that shown so that 
the posts along each inner panel corrugation were simply 112-inch strips 
of corrugation. In another panel these strips of corrugation were 
replaced by a continuous sheet of corrugations.) 
(5) Formed metal channels nested in pairs so that a space between 
the outer flanges supported the edges of erosion-shield panels. 
The wire tension members were sewn through the reinforcing grids 
in the reinforced alumina shield, and through small formed sheet-metal 
fittings on the metal shield parts. The studs were attached to the 
metal parts by speed nuts and to the ceramic shield by ceramic cementing 
of an imbedded head or sheet-metal fitting. The formed sheet-metal parts 
were attached by either spotwelding or riveting, depending on the sim- 
ilarity of the metals. 
All of these supporting schemes survived the tests without failure 
with the exception of the alumina erosion shields. The continuous cor- 
rugated sheet used for the inner support structure was found to be 
undesirable for two reasons. First, the thermal response was poor due 
to excessive heat paths which short circuited the insulation. Second, 
the free thermal growth of the shield was restrained by the relatively -, 
cool valleys of the corrugations. Resulting thermal stresses were found 
to cause cracking of the shield after several reentry heat-plus-load 
cycles . 
V 
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CONCLUDING REMARKS 
Development to date has shown that the design and fabrication of 
structurally sound external surface panels for use to 2,700° F on reentry 
vehicles are possible. For temperatures to 2,000' F, environmental 
testing of noninsulated panels has established the capability of these 
structures to survive the reentry environments. For temperatures between 
2,000° F and 2,700° F there are still questions to be answered; however, 
sufficient work has been accomplished to indicate that these questions 
will be resolved through a normal design-development program. 
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CURRENT STATUS OF REFRACTORY METALS FOR 
STRUCTURAL APPLICATIONS 
By T. Sgt. Jesse C.  Ingram, Jr., USAF 
Wright A i r  Development Division 
INTRODUCTION 
This paper i s  essent ial ly  a report  on applied research programs 
which cover the use of refractory materials a s  load-carrying primary 
s t ruc tura l  members. The Dyna-Soar gl ider  employs refractory materials 
i n  leading edges and heat-shield applications. In order t o  provide 
growth capabili ty i n  the Dyna-Soar glider,  higher temperature load- 
carrying structures would be desirable. This paper i s  a s ta tus  report 
on e f fo r t s  t o  achieve t h i s  goal. In recent months the Wright A i r  
Development Division (WADD) has been cognizant of an urgent need f o r  
immediate development i n  refractory materials f o r  both s t ruc tura l  and 
heat-shield applications and, since no one had r ea l ly  explored the 
s t a t e  of the a r t  i n  refractory metals s t ruc tura l  technology, it was 
decided tha t  f a i r l y  comprehensive programs i n  t h i s  area should be 
in i t i a t ed .  Figure 1 depicts a nominal t ra jec tory  including t ransient  
conditions f o r  a typica l  skip reentry mission. 
DISCUSSION 
WADD began a number of research and development e f fo r t s  including a 
contract with McDonnell Aircraft  Corporation f o r  the design, fabrication, 
and t e s t  of a representative, refractory metal, load-carrying, s t ruc tura l  
component capable of e f f ic ien t  operation i n  the temperature range of 
1,800° F t o  2,500° F, The General Electr ic  Company, Flight Propulsion 
Laboratory Division (Evendale, Ohio), was subsequently selected a s  the 
main subcontractor. There are  two other subcontractors, t ha t  i s ,  Hughes 
Tool Company ( ~ u l v e r  City, Calif .  ) , and Temco  a all as, Texas). This 
program was aimed a t  determining the s t a t e  of the a r t  and demonstrating 
the f e a s i b i l i t y  of a refractory metal structure.  
It is  widely known tha t  one of the primary requirements t o  produce 
a refractory metall ic end item, having high integri ty ,  i s  t o  begin with 
closely controlled extraction, refinement, melting, and ingot casting 
practices.  Even i f  the ore i s  extracted and refined carefully and a 
high puri ty  sponge or  other metall ic form i s  obtained many problems 
remain. An example of one of these problems i s  conversion of the 
metal t o  a powder with which t o  make ingots f o r  i'urther processing. A l l  
refractory metals have an a f f i n i t y  fo r  one or  more elements which 
adversely a f fec t  the base metal properties. A s  a ru l e  undesirable oxides, 
hydrides, ni t r ides ,  e tc . ,  may be formed and more often than not, it i s  
necessary t o  vacuum-arc melt the powder ingot ( b i l l e t )  t o  purify it. 
Naturally, the impurity problem does not end here. 
Another serious problem i s  segregation. Because of wide differences 
i n  r e s i s t iv i ty ,  conductivity, constituent melting points, and vapor 
pressures, intolerable differences i n  chemistry, density, etc., may exis t  
from section t o  section within the same ingot. This problem has not yet 
been overcome by powder metallurgy, but it i s  believed tha t  a properly 
conducted program on prealloying of powder can great ly  a l lev ia te  t h i s  
problem. Also, the undesirable large grain s i ze  tha t  i s  character is t ic  
of cast  ingots can be somewhat overcome, i n i t i a l l y ,  through powder 
metallurgy techniques. 
Next, before the ingot can be processed in to  bar fo r  machining, or  
s t i l l  further processed in to  sheet, the cast  structure must be broken 
down and the ingot p a r t i a l l y  homogenized by hot work. Here, again, 
problems are faced of an en t i re ly  different  nature. A s  has been the 
experience with Al, Mg, T i ,  and s tee l ,  i n  order t o  achieve the ultimate 
i n  physical and mechanical properties, hot work or  "hot processing" of 
the material  above the recrystal l izat ion temperature must be possible 
and should be s ta r ted  with the basic ingot. In  order t o  accomplish t h i s  
with a rc  cast  molybdenum (MO) , e f f i c i en t  controlled atmosphere furnaces 
capable of reaching and maintiaining equilibrium temperatures of 3,500° F 
t o  3 ,600~  F are  required. The best furnaces available w i l l  yield tem- 
peratures between 2,700° F and 2,900' F and the capacity of any such 
furnace i s  f a i r l y  small. I n  general, the higher capabili ty furnaces 
a re  smaller, cylindrical,  induction-heated apparatus and therefore are  
not very conducive t o  the processing of p la te  and sheet. 
After the ingot i s  pa r t i a l ly  warm or  hot-cold worked by extrusion 
and maybe by fur ther  swaging into sheet bar, the recrystal l izat ion tem- 
perature begins t o  lower. However, the problem of impurities s t i l l  ex is t s  
and now, i n  par t icular ,  oxidation and n i t r id ing  of the material may occur. 
Mo does not exhibit  a high degree of oxygen penetration since, a t  
the temperatures under consideration, the oxide product ( ~ 0 0 ~ )  i s  vola- 
t i l e  and, i n  processing, t h i s  problem could be overcome by e i ther  a good 
vacuum or  a reducing ahnosphere such as high-purity dry hydrogen. Cracked 
amnonia w i l l  severely n i t r ide  and embrittle Mo and commercially available 
argon contains suff ic ient  amounts of impurities t o  be quite deleterious. 
With niobium (~b), it i s  different  i n  tha t  the oxide product i s  both 
stable  and porous and, therefore, oxygen w i l l  continue t o  penetrate. 
Here, e i the r  a good vacuum o r  high-purity iner t  atmosphere i s  required. 
Now, when an attempt i s  made t o  r o l l  the sheet bar in to  sheet, 
especially thinner gages, the aforementioned problems are  magnified. 
There are essent ia l ly  no f a c i l i t i e s  available with necessary atmospheric 
control. An exception t o  t h i s  statement i s  the Iner t  Fabrication (INFAB) 
f a c i l i t y  a t  Universal Cyclops S tee l  which i s  sponsored by the Navy. This 
f a c i l i t y  i s  a self-contained room with a minimum amount of necessary 
processing equipment which w i l l  be operated i n  an atmosphere of argon 
under s l ight  pressure. A t  present, necessary, re l iab le ,  and adequate 
qual i ty  control i s  almost nonexistent. This i s  an area tha t  needs very 
close attention; with it many of our problems, both present and future,  
can be al leviated or  even eliminated. 
Consider joining for  a moment. (see f i g .  2. ) It is generally con- 
ceded tha t  Mo is very b r i t t l e  and, therefore, susceptible t o  fracture 
i n  the cast  s t a t e .  This property makes welding a problem and so f a r  
no welds, e i ther  fusion o r  resistance, have been seen tha t  did not 
exhibit severe grain growth and resul tant  br i t t le - type  fractures .  Nb 
i s  more amenable t o  welding, i f  i n  the pure s t a t e  or even alloyed with 
cer tain elements. However, when the alloys which are  most a t t r ac t ive  f o r  
the reentry temperatures involved are  considered, problems ar i se .  On 
the USAF contract with McDonnell Aircraft  Corporation the General Elec t r ic  
developed F48 a l loy  was chosen t o  fabricate  the end item which i s  a f i n  
and rudder with necessary hinge f i t t i n g s  and attachments but without a 
leading edge. A s  of today, it i s  highly questionable as  t o  whether it 
i s  possible t o  weld it successfully e i ther  by fusion or  resistance 
methods. It should be added, however, t ha t  a t  l e a s t  one of the experi- 
ments conducted by the General Elec t r ic  Company has shown promise i n  
spot welding the F48 alloy. With a th in  titanium f o i l  (about 1 mil) 
inserted between the two sheets and by closely controll ing the welding 
cycle, the notch sens i t iv i ty  around the shoulder of the nugget has been 
noticeably reduced. Weld shear values have been increased and fractures  
a re  apparently l e s s  b r i t t l e .  
Reasonable success has been real ized i n  r ivet ing both Mo and Nb. 
Marquardt Aircraft  has been r ivet ing and bolting Mo ramjet assemblies 
fo r  some time but, i n  general, the  d e t a i l  par t s  were not coated pr ior  
t o  assembly. In  fabricating the small t e s t  items under the McDonnell 
Aircraft  Corporation contract, it was deemed necessary t o  multiple coat 
i n  some cases because of the  configuration complexity. Figure 3 shows a 
W2 coated M & T ~  r i v e t  a f t e r  squeezing. This condition meant using 2 
coated r ive ts ,  i f  possible, and t h i s  has been done. Even though it i s  
s t i l l  essent ia l ly  a hand operation, Mo r i v e t s  can be manufactured easi ly ,  
coated with a W2 o r  Durak MG type coating, and squeezed successfully by 
torch heating t o  1,6000 F o r  s l igh t ly  above. Figure 4 shows some of the 
* 
more eas i ly  manufactured fasteners other than r ive ts .  Driving the r ive t s  
by impacting appears t o  be r i sky  at present. Many other fastener con- 
f igurat ions a re  being investigated and evaluated including blind-mechanical 
and explosive types. A l l  the  refractory metals which may be candidates 
'I 
f o r  s t ruc tura l  applications a t  present and i n  the  foreseeable future are  
suscepti3le t o  oxidation, which can be catastrophic, a t  the temperatures 
involved. Molybdenum, which i s  under serious consideration, reacts  
violent ly with oxygen above 1,500° F t o  1,6000 F; therefore, it must be 
protected. So f a r ,  the only work or  development i n  t h i s  area of any 
great  import has been the cementation pack process which has produced 
a d i s i l i c i d e  (or  var iat ion thereof) type of coating. This i s  the best  
of known available coatings f o r  Mo. However, even though t h i s  may be 
su i tab le  f o r  short-time applications such as  ramjet engines, it i s  not 
considered a t  t h i s  time t o  be uniform, en t i re ly  reproducible, or  wholly 
r e l i ab le  f o r  long-time, multiple-mission s t ruc tura l  applications. I n  
s t a t i c  oxidation t e s t s  ra ther  encouraging r e su l t s  have been realized 
a t  temperatures up t o  2 ,500~ F, but patching or  repairing any kind of A 
break o r  defect appears t o  be impossible. 
The potent ial  of Nb i s  somewhat more encouraging than Mo up t o  about 
2 ,500~  F, i n  tha t  the  oxide product i s  s table  and not vo la t i l e  and tha t  'E 
Nb i s  inherently more oxidation-resistant than Mo but it s t i l l  needs t o  
be protected. However, i f  a coating f a i l k e  occurs, the end product 
should not be as  catastrophic as  tha t  with Mo. Figure 5 i s  a time- 
temperature s t a t i c  oxidation comparison between Nb and Mo alloys.  From 
a r e l a t ive  viewpoint and under a given set; of conditions, alloyed Nb can 
be 100 times a s  oxidation-resistant a s  Mo. Incidentally, so fa r ,  alloying 
Mo has not enhanced i t s  oxidation resistance. Again, work on the McDonnell 
Aircraft  Corporation - General Elec t r ic  Company contract has proven a need 
f o r  a N b  coating, and a f a i r  amount of e f fo r t  has been expended i n  t h i s  
direct ion.  A t  present, it appears t h a t  an aluminum base cold s lur ry  dip, 
with subsequent heat treatment, may prove t o  be the best  f o r  t h i s  program 
which of necessity must be l imited i n  scope of coating development. 
A t  t h i s  point, it i s  appropriate t o  mention some more of the per- 
verse character is t ics  of promising coatings f o r  s t ruc tura l  applications 
which could possibly of fer  us the  needed protection. F i r s t ,  they are  
a l l  b r i t t l e ;  a t  room temperature t h e i r  impact value i s  essent ial ly  zero. 
Second, a s  a rule,  t h e i r  coefficient of expansion i s  very low, and, 
therefore, rad ica l ly  d i f fe rent  and usually incompatible with the sub- 
s t r a t e .  These two inherent character is t ics  generally cause, a t  one 
time o r  another, cracking, spalling, crazing, e tc .  The General Electr ic  
Company i s  investigating the poss ib i l i ty  of a glass-like material  f o r  
an overlay, on the Nb dip coating, which would become viscous a t  the n 
temperatures under consideration and, thereby, f i l l  and hea l  any cracks 
tha t  may have developed. 
-* Production problems should be pointed out which have been encountered 
i n  procurement. An order can be placed f o r  a l o t  of t h i n  gage (below 
0.020) material, having a given chemistry, exhibiting reasonable T bend 
and elongation character is t ics  a t  room temperature, and being f r e e  from 
0 
scales, s l ivers ,  laminations, gouges, e tc .  With present technology, the 
chemistry requirements would probably be met except f o r  a few undesirable 
segregations and possibly excessive amounts of contaminants. Thin-gage 
material  has been ordered with a promised delivery of 8 weeks and 
8 months l a t e r  the complete order has not been received. Figure 6 i s  
an ultrasonic t race recording of Mo sheet which has been fusion but t -  
welded. Notice the discontinuities i n  the weld zone and also the parent 
metal laminations. A t  present a l l  material  must be accepted on a best-  
e f for t s ,  consigned basis.  This year material  has been shipped as  "sup- 
posedly acceptable" and, i n  the M$Zr, more than a half  -dozen surface 
scales and s l ive r s  were evident i n  1 square foot .  Also, M$TI has 
been shipped a s  0.010 gage i n  which the thickness varied from 0.0065 a t  
one end t o  0.0105 a t  the other i n  a 10-inch by 28-inch piece. This i s  
not indicative of quality, quality control, reproducibili ty,  o r  assurance 
tha t  the material  needed can be obtained today. However, a s  the gage 
thickness increases, problems decrease. For gage thicknesses of 0.050 
up, e i ther  the M+i, Mo+!Zr, or  the  TZM a l loy  could be made available i n  
reasonable quantity and with reasonable quality,  provided tha t  necessary 
process control i s  exercised. Inspection techniques and/or establ ish-  
ment of acceptance standards and limits must s t i l l  be optimized f o r  these 
alloys.  
\ 
Another matter f o r  consideration i s  expected or calculated yield.  
The program a t  McDonnell - General Elec t r ic  was i n i t i a t e d  with material  
basic cost being estimated a t  approximately $60 per pound f o r  Mo sheet 
and $120 per pound for  Nb sheet. F i r s t ,  with the  more a t t r ac t ive  alloys,  
such a s  the N b  base ~ 4 8  and Mo base TZC, no more than a 10- t o  20-percent 
yield from the ingot t o  thin-gage material  has been real ized.  Second, 
i f  desired quality requirements were imposed, probably 90 percent of 
the y ie ld  would be rejected. Because of breakage, waste, rejections,  
etc. ,  our or ig ina l  cost estimates have increased by factors  of 5 f o r  
the thin-gage material  and the material  which i s  ult imately desired f o r  
fabrication in to  usable and r e l i ab le  s t ructures  has not been obtained. 
Figure 7 does show tha t  with careful processing techniques it i s  possible 
t o  hand fabricate  small detailed parts .  
CONCLUDING FZMAJXS 
For s t ruc tura l  applications other than heat shield and leading-edge 
elements, problems associated with ingot production, sheet qual i ty  control, 
available assembly, coating, and material  cost have been presented. 
Because of these problems our confidence i n  s t ruc tura l  applications of 
refractory materials i s  poor; however, it i s  hoped that ,  a t  the <onclusion 
of the McDonnell - General Electr ic  program i n  September, a sat isfactory 
t e s t  of component hardware w i l l  be accomplished and the program w i l l  have 91 
inaicated the steps which industry as  well  as  the USAF must take t o  assure 
r e l i ab le  e f f i c i en t  refractory s t ructures .  The creep and rupture properties 
shown i n  f igure 8 a re  a very r e a l  reason why these refractory metals are  
so a t t r ac t ive  fo r  elevated-temperature s t ruc tura l  and heat-shield 
applicpt ions. 
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HOT-GAS TESTS FOR DYNA-SOAR STRUCTURES AND 
MATERIALS DEW3LOF'MENT 
By E. L. Kaminsky and H. W .  Klopfenstein 
Boeing Airplane Company 
INTRODUCTION 
During Phase I of the Dyna-Soar study, a considerable number of 
hot-gas t e s t s  were performed f o r  purposes of developing materials and 
ful l -scale  s t ruc tu ra l  components intended f o r  application t o  the Dyna- 
Soar reentry gl ider .  The t e s t s  on ful l -scale  components were feasibili ' iy 
t e s t s ,  not proof t e s t s .  Proof tes t ing  of the Dyna-Soar vehicle w i l l  
take place during actual  f l i g h t  of the vehicle. Prior t o  actual  f l i g h t ,  
preliminary f l i g h t  t e s t s  l i k e  those of P i lo t less  Aircraft  Research 
Division (PARD, now Applied Materials and Physics ~ i v i s i o n )  of NASA and 
the Hyper Environmental Test System (HETS) of EMD, USAF, are  contemplated, 
but hot-gas t e s t s  i n  ground f a c i l i t i e s  w i l l  be used as  aids i n  the f i n a l  
choice of materials and s t ruc tura l  designs. Resorting t o  hot-gzs t e s t s  
means becoming involved i n  the problem of simulating, i n  a ground f a c i l i t y ,  
the reentry environment. This discussion 6eals primarily with -this simu- 
l a t i o n  problem; tha t  i s ,  with the types of t e s t s  performed, the degree 
of simulation obtained, the l imitat ions of the f a c i l i t i e s ,  and the 
r e su l t s  of the t e s t s .  The present investigation i s  r e s t r i c t ed  t s  t e s t s  
on ful l -scale  components. 
SYMBOLS 
l i f t  coeff ic ient  
specif ic  heat a t  constant pressure, ~ t u / ( l b )  (OF) 
heat-transfer coeff ic ient  , ~ t u / ( s ~  f t ) (sec ) (OF) 
mass, l b  
heat flux, ~ t u / ( s ~  f t ) (sec) 
S surface area, sq f t  
T temperature, OF 
'aw adiabatic wall temperature, OF 
Tw wall temperature, OF 
t time, sec 
W vehicle weight, l b  
E t o t a l  normal emissivity 
0 Stefan-Boltzmann constant, 0.4759 x 10-l2 ~ t u / ( s ~  f t ) (sec) (OR) 4 C 
DISCUSSION AND FESULTS 
A 
Calibration Tests 
The purpose of the hot-gas t e s t s  was t o  determine whether ful l -scale  
s t ruc tura l  components fabricated from various materials could survive 
exposure t o  t e s t  conditions intended t o  simulate the vehicle f l i g h t  
environment. In order to  i l l u s t r a t e  the nature of t h i s  environment, 
the conditions encountered by the nose cap of the Dyna-Soar gl ider  
during a typical  reentry a re  discussed herein. 
The heat f lux  shown by the dotted l i n e  i n  figure 1 is  anticipated 
fo r  the environment a t  the stagnation point on the gl ider  nose cap. The 
maximum value reached i s  178 Btu/(sq f t) (sec) , and the corresponding 
radiation-equilibrium temperature, based on an emissivity of 0.9, is  
4,060' F. The stagnation point i s  subjected t o  high heat fluxes f o r  
re la t ive ly  long periods of time. For example, the time of exposure t o  
heat fluxes i n  excess of 170 ~ t u / ( s ~  f t ) ( s e c )  i s  12 minutes; i n  excess 
of 160 Btu/(sq f t )  (sec) , 17 minutes; and i n  excess of 150 Btu/(sq f t )  (sec) , 
20 minutes. Maximum values of other f l i g h t  parameters, such as stagnation- 
point pressure, t o t a l  enthalpy of the stream, re la t ive  stream velocity, 
and stream mass-flaw ra te  f o r  the same reentry trajectory, are  tabulated 
i n  the second column of table  I. Complicating the problem i s  the presence 
of an oxidation and erosion environment. 
ad 
No present ground t e s t  f a c i l i t y  can duplicate a l l  f l i g h t  parameters 
simultaneously; consequently, the question arose concerning which param- 
e t e r s  should be simulated. Since some of the s t ruc tura l  components on 
the Dyna-Soar gl ider  are  radiation-cooled designs fabricated from P 
refractory metals, which oxidize catastrophically i f  protective coatings 
f a i l ,  and refractory nonmetals, which can f a i l  dqe t o  thermal s t resses ,  
oxidation, or  erosion, it was decided t h a t  the heat flux, maximum surface 
temperature of the component, amount of oxygen i n  the gas stream, and 
time of exposure t o  high temperature were the important parameters. The 
importance of the parameters f o r  these s t ruc tura l  components i s  i n  con- 
t r a s t  with those f o r  ablating components, f o r  example, where stagnation 
enthalpy i s  the most important quantity. In  order t o  eliminate scale 
e f fec ts ,  it was a l so  decided tha t  t e s t s  would be performed on ful l -scale  
components. 
The next problem t o  be resolved concerned the kind of t e s t  f a c i l i t y  
t o  be used. The prac t ica l  choices were ram j e t ,  rocket exhaust, or 
plasma j e t .  Early t e s t s  were conducted using ram-jet f a c i l i t i e s  fo r  both 
leading-edge and nose-cap tes t s ;  however, these f a c i l i t i e s  were incapable 
of producing the maximum design heat f lux  and stagnation terqperature of 
the nose cap. Also, the combustion products of the fue l  used did not 
provide simulation of gas chemistry. Rocket-motor f a c i l i t i e s  w i l l  simu- 
l a t e  maximum design heat f lux  and temperature. These f a c i l i t i e s  operate 
a t  pressures considerably higher than f l i g h t  values and have the same 
problem as ram je t s  with regard t o  gas chemistry. The gas-stabilized-arc 
plasma j e t  a t  Chicago Midway Laboratories (CML) of the University of 
Chicago was selected because it met a l l  requirements except time of 
exposure and because the f a c i l i t y  was available on a schedule demanded 
by the t e s t  program. The compromise adopted concerning time of exposure 
i s  i l l u s t r a t e d  by the so l id  l i ne  i n  Sigure 1 f o r  the nose cap. A single 
exposure i n  t h i s  f a c i l i t y  i s  l imited t o  2L minutes. Hence, the component 2 
being tested was f i r s t  heated t o  2,700' F i n  a furnace, swung in to  the gas 
1 stream f o r  2- minutes, returned t o  the furnace fo r  about 30 seconds while 2 
-the cathode on the a rc  uni t  was being changed, and then swung back in to  
the stream. This process w a s  repeated u n t i l  a t o t a l  of four 2L -minute 
2 
exposures had been run. A t  the end of the second exposure, the anode was 
replaced. The simulation of f l i g h t  environment conditions obtained i n  
the CML f a c i l i t y  i s  shown i n  table  I. Stagnation pressure and mass flow 
are higher than the corresponding values fo r  the vehicle, and enthalpy 
and stream velocity are  lower. The gas used i n  the f a c i l i t y  was nitrogen, 
but suf f ic ien t  a i r  was entrained t o  provide an ample supply of oxygen a t  
-the component. Stagnation-point heat f lux  and equilibrium temperature 
were simulated. 
I n  cal ibrat ing the CML t e s t  f a c i l i t y ,  two specimens f o r  each type of 
s t ruc tura l  component were used: a high-temperature specimen and a low- 
temperature specimen. The high-temperature specimen fo r  nose caps i s  
shown i n  figure 2. The specimen was fabricated from AGR graphite, and 
s l o t s  and grooves were machined in to  it t o  reduce heat flow b.j zonduction 
from the stagnation-point region. The base diameter of the specimen 
was smaller than t h a t  of the actual  cap, but the nose radius was f u l l  
scale.  The specimen location required f o r  simulation of heat f lux and 
radiation-equilibrium temperature was found by the following procedure: 
After being placed a t  a selected distance downstream from the o r i f i ce  of a 
1 the a rc  uni t ,  the specimen was subjected t o  a 2- -minute exposure i n  the 2 
plasma flow, and the a rc  uni t  was then turned of f .  A t  tha t  instant ,  the 
heat f lux  being emitted from the stagnation point of the specimen was 
measured by a recording radiation pyrometer, which had been calibrated 
previously. Measurements of heat f lux  were made a t  suf f ic ien t  specimen 
posit ions i n  the stream t o  es tab l i sh  where the design heat f lux  of 
178 ~ t u / ( s ~  f t ) (sec) occurred. Assuming tha t  the emissivity of the 
graphite specimen was 0.9, the radiation-equilibrium t e q e r a t u r e  of 
4,060' F is  computed from the formula 
The cal ibrat ion of the t e s t  setup with the high-temperature specimen ,a 
does not make available a means f o r  evaluating the e f fec t  of difference 
i n  emissivity of a component from the cal ibrat ion specimen, nor does it 
provide a means f o r  obtaining the heat f lux  a t  points other than the 
stagnation point. 
A low-temperature copper specimen, shown i n  figure 3, was used i n  
the second s tep of the calibration. Built  in to  the specimen were copper 
calorimeters, each containing a thermocouple. The specimen was f i r s t  
located i n  the apparatus a t  the posit ion occupied previously by the high- 
temperature specimen, and a Transite shield was placed between the speci- 
men and the a rc  unit .  The arc  uni t  was turned on and brought to  f u l l  
operating condition, and the Transite shield was removed. The temperature- 
time his tory fo r  the thermocouple i n  each calorimeter was then recorded, 
and the t e s t  continued u n t i l  incipient  melting of the specimen was 
detected. Since the specif ic  heat and mass of the copper calorimeter 
were known, it was possible t o  compute the net heat f lux  delivered t o  the 
calorimeter from the equation 
Since 
and since the emissivity of copper i s  well known, the convective heat 
flux, which is: 
can be computed. 
For convenience, the slope of the temperature-time curve was 
evaluated a t  a temperature of 800° F. The use of a number of calorimeters 
made it possible t o  obtain the heat-flux dis t r ibut ion over the specimen. 
From these t e s t s  performed on the cal ibrat ion specimens, two points 
were obtained f o r  the variation of heat f lux  with surface temperature a t  
the stagnation point shown i n  f igure 4. 
I f  it is assumed t h a t  the dependence of the heat-transfer coeffi-  
c ient  on the w a l l  temperature i s  weak, the heat f lux  is  a l inear  func- 
t i on  of the w a l l  temperature, and a s t r a igh t  l i n e  can be drawn connecting 
the two points mentioned previously. The l i n e  fo r  the nose-cap cal ibra-  
t ion  i n  the plasma j e t  is  shown i n  figure 4, and fo r  comparison a l i n e  i s  
also plot ted f o r  the vehicle with the assumption tha t  the heat f lux  i s  
constant. Plots of equation (1) f o r  various values of emissivity a re  
a l so  shown i n  this figure.  The intersect ion of an emissivity curve wit11 
the cal ibrat ion l i n e  represents the heat f lux  and radiation-equilibrium 
temperature f o r  the emissivity selected. With these curves, it was 
possible t o  estimate the actual  emissivity and temperature of a nose-cap 
material based on measured heat flux. F i r s t ,  the heat f lux  was measured 
by the radiation pyrometer. With this value as  an ordinate i n  f igure 4, 
a horizontal l i ne  w a s  drawn t o  the cal ibrat ion l ine ,  and the radiation- 
equilibrium temperature and emissivity determined. The intersect ion of 
the emissivity curve with the vehicle l i n e  represents what the heat f l u  
and temperature would be i n  f l i g h t .  
The comparison between computed heat-flux d is t r ibut ion  and the 
dis t r ibut ion measured on the low-temperature specimen i s  shown i n  f igure 3 .  
The discrepancy i s  pa r t ly  due t o  the variat ion of temperature through the 
cross section of the j e t  issuing from the arc  unit .  
Test Results 
Tests were performed a t  Chicago Midway Laboratories on ful l -scale  
nose caps and leading edges and on small, insulated skin panels and 
antenna-cover materials. The nose caps were provided under subcontract 
from Chance Vought Aircraft ,  Incorporated. The nose caps were constructed 
of hemispherical segments of ATJ graphite . Additional thermal capabi l i ty  
was provided i n  the t i p  through the use of zirconia rods. Incipient 
melting of the nose cap and oxidation and erosion of the graphite adapter 
occurred, but the nose-cap specimen survived the t e s t .  
The following summary of 6-inch-diameter leading-edge components 
tes ted  i n  the CML f a c i l i t y  includes the t e s t  conditions and resu l t s :  
1. A composite segment fabricated of phosphate-bonded chromia-alumina 
reinforced with molybdenum wire w a s  t es ted  under unknown environmental 
conditions since the radiat ion pyrometer was not connected during the 
t e s t .  A small, shallow crack formed i n  the component pa ra l l e l  t o  and 
about 2 inches from the stagnation l ine ,  but the component survived the 
t e s t .  
2. A flame-sprayed multilayer laminate of alumina and molybdenum was 
tes ted  a t  a recorded heat f lux  of 34 Btu/(sq f t ) ( s e c ) ,  and emissivity of 
0.4, and a radiation-equilibrium temperature of 3,150' F. The component 
smoked badly i n  the preheat furnace and delaminated i n  the plasma j e t .  
3. A circumferentially and longitudinally stiffened, welded 
columbium s h e l l  protected by Chromalloy N-1  coating wads tested a t  a 
recorded heat f lux  of 32 Btu/(sq f t ) ( s e c ) ,  an emissivity of 0.37, and a 2q 
radiation-equilibrium temperature of 3,2000 F. The outer layer of the 
coating melted and flowed. Three small holes approximately l/8 t o  
1/4 inch i n  diameter appeared near the stagnation l ine ,  possibly due t o  
impact of graphite against the specimen when a piece of the anode broke 
off i n  the a r c  uni t  and moved downstream. 
4. A circumferentially and longitudinally stiffened, welded 
33-percent-tantalum-columbium s h e l l  protected by Chromalloy N - 1  coating 
was tested a t  the same environmental conditions as those f o r  the previous 
specimen. Again, the outer layer  of the coating melted and flawed, but 
the intermediate layer remained in t ac t ,  and the substrate was protected. 
The component passed the t e s t .  
5. A circumferentially and longitudinally stiffened, welded 0.5- 
percent-titanium-molybdenum she l l  protected by Chromalloy W-2 coating 
-was t e s t ed  a t  a measured heat f lux  of 43 Btu/(sq f t ) ( s e c ) ,  an emissivity 
of 0.7, and a radiation-equilibrium temperature of 2,900' F. There was 
a s l i g h t  glassy discoloration of the surface, but the component passed 
the t e s t .  
6. A circumferentially and longitudinally stiffened, riveted 0.5- 
percent titanium-molybdenum s h e l l  protected by Chromalloy W-2 coating 
was tes ted  a t  the same environmental conditions as those f o r  the previous 
- 
specimen. The same glassy discoloration appeared, but the component 
passed the t e s t .  
'C, For a l l  of these leading-edge t e s t s ,  the component was preheated t o  
2,300' F before exposure t o  the plasma j e t .  
1 
In  addition t o  the CML t e s t s ,  preliminary evaluation t e s t s  were 
performed i n  a ram-jet exhaust by the Marquardt Aircraf t  Company on 
4-inch-diameter leading edges. Two designs were tested: a longitudinally 
s t i f fened 0.5-percent-titanium-molybdenum s h e l l  protected by Chromalloy 
W-2 coating and a phosphate-bonded alumina component reinforced with 
molybdenum wire mesh. The components were not preheated f o r  these t e s t s .  
The component, a t  room temperature, was swung into the exhaust gases of 
the ram-jet burner, held there approximately 20 minutes, and then swung 
out and allowed t o  cool t o  room temperature. On the typical  molybdenum 
specimen, the maximum temperature reached during the f i r s t  two t e s t s  was 
3,025O F, and the component was unaffected a f t e r  several t e s t  runs with 
a cumulative t e s t  time of 4 9  minutes a t  2 ,800~ F o r  higher. During the 
2 
f i r s t  t e s t  on the alumina component, the maximum temperature reached 
s l igh t ly  exceeded 3,000° F, and two ha i r l ine  cracks appeared during the 
cooling cycle. In  the second t e s t ,  the maximum temperature was 3,150' F. 
A s l i g h t  change i n  shape occurred i n  the hot tes t  area. The maximum 
* temperature reached during the t h i r d  t e s t  was about 3,200° F. There 
were no additional cracks and no fur ther  shrinkage. 
Tests on ful l -scale  graphite nose sections and molybdenum s k i r t s  
were conducted i n  the ram-jet f a c i l i t y  a t  Chance Vought Aircraft ,  
Incorporated. The graphite was sil iconized ATJ with and without a fur ther  
multilayer coating of molybdenum, zirconia, and alumina. Welded and 
riveted s k i r t  designs were tested. The molybdenum was chromized and a lso  
protected by the multilayer coating. In  general, the t e s t s  indicated 
unsatisfactory performance of both cap and s k i r t .  It w a s  not possible t o  
reach a stagnation-point temperature of 4,0000 F i n  the ram-jet f a c i l i t y .  
The multilayer coating f a i l e d  a t  the stagnation point and flaked off i n  
some regions of the s k i r t .  Baskd on the r e su l t s  of these t e s t s ,  the 
design of the nose was changed. The t i p  was subsequently constructed from 
zirconia rods inser ted into a sil iconized graphite nose as  described pre- 
vious,&y fo r  the CML t e s t s .  The coating on the molybdenum s k i r t  was 
changed t o  Chromalloy W-2. 
CONCLUSIONS 
1. Through the use of a gas-stabilized-arc plasma jkt, it i s  possible 
* t o  simulate, on ful l -scale  s t ruc tura l  components, the most severe heating 
conditions encountered during reentry of a hypersonic gl ider ,  but because 
3f the short  operating time of the plasma j e t ,  it was not possible t o  
simulate uninterrupted time of exposure t o  heating. 
C 
2. The plasma jet appears to be the only ground test facility which , 1 
can approximate the gas chemistry during heating. The ram jet and 
rocket exhaust can~ot provide this simulation. Also, the ram-jet and 
rocket-exhaust facilities are limited to lower enthalpies than plasma 
jets. 
3. The plasma-jet facilities provided partial correction for possiBle 
errors in predicting emissivity of test parts, Plasma-jet facilities with 
enthalpy equal to flight conditions can provide essentially complete cor- 
rection for errors in emissivity prediction. 
4. Although testing with a plasma jet is limited to relatively 
small components compared with radiant-heat-lam$ testing, it has the 
following advantages: 
(a) Radiant-heat facilities cannot simulate nose-cap 
temperatures. 
(b) Heat flux rather than controlled temperature is applied by 
plasma jet. 
4 
(c) It is possible to simulate environmental parameters such 
as oxidation and erosion with a distrihuted airload in a plasma jet. 
(d) It is possible to avoid off-design thermal gradients such 
as those which occur when part of a radiant-heat setup Sails. 
TABLE L 
COMPARISON O F  C M  L ENVIRONMENT 
WITH VEHICLE NOSE ENVIRONMENT 
STAGNATION POINT PRESSURE, L B / F T ~  
ENTHALPY OF STREAM, B T L ' / L B  
STREAM VELOCITY, FT /SEC 
2 
HEAT FLUX ( c=O.9), BTU/FT  SEC 
S T R E A M  M A S S  FLOW RATE, L B / F T ~ S E C  
STAGNATION POINT EQUILIBRIUM 
TEMPERATURE (c  =0.9), OF 
CHEMICAL SPECIES OF BOUNDARY 
LAYER 
C M L 
2,116 
2 , 3 0 0  
2 ,500 
1 7 8  
169 
4,O 6 0 
N &  AIR, 
PART. 
ATOMIC& 
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BOOSTER-STRUCTURE-MOD?FICATION STUDIES FOR 
WINGED DYNA-SOAR VEHICLES 
By R. M. Haynes, R. T. Boll, and M. T. Braun 
Boeing Airplane Company 
INTRODUCTION 
The u t i l i za t ion  of booster systems based on those u t i l i zed  i n  current 
ICBM' s (~n te rcon t inen ta l  Ba l l i s t i c  ~ i s s i l e s  ) fo r  boosting manned winged 
payloads t o  o rb i t a l  o r  near o rb i t a l  speeds requires modifications of the 
booster s t ructure and an increase i n  the engine deflection l i m i t s ,  o r  the 
addition of large s tab i l iz ing  f ins .  These changes and modifications a re  
required i n  par t  because of the addition of the l i f t i n g  surface on the 
f ront  of the booster and i n  par t  because of the design c r i t e r i a  which a re  
unique t o  manned winged Dyna-Soar type vehicles. 
This paper discusses some of the implications a s  t o  e f fec ts  of these 
items on the booster s t ruc tura l  requirements, touches on the aeroservo- 
e l a s t i c  s t a b i l i t y  character is t ics ,  and f i n a l l y  i l l u s t r a t e s  several poten- 
t i a l  load-reduction schemes which have been considered. 
SYMBOLS 
9 dynamic pressure, lb/sq f t  
C L ~  l i f t -curve slope, per deg 
S reference area, sq f t  
Peq equivalent end load, l b  
PUial ax ia l  load, l b  
Mb bending moment, in-lb 
R radius, in .  
R1 pitch-fin area ratio, S/S~ 
Z stiffness parameter, (u/%j2 
Ke pitch attitude gain, deg/deg 
K6 pitch rate gain, deg/deg/sec 
Ka control-surface gain, deg/deg 
L normalized body length 
a angle of attack, deg 
0 local pitch angle at booster-glider transition, deg 
6 local pitch rate at booster interstage, deg/sec 
CD frequency of first bending mode, radians/sec 
6~ thrust deflection from center line, deg 
Subscript : 
o nominal value representative of design value 
UNIQUE CRITERIA 
Four major unique criteria which have directly influenced struc- 
tural design and structural weight in the Dyna-Soar Phase Alpha studies 
are listed in figure 1. The significance of these criteria is explained 
as follows: 
(1) The criterion to provide at least neutral aerodynamic stability 
during first-stage boost reflects directly in the design and attachment 
problem of the stabilizing fin and also influences the aeroelastic 
behavior of the vehicle. 
(2) The influence of a factor of safety of 1.4 is somewhat obvious 
since the standard missile structural factor of safety is 1.25. 
(3) The third criterion, pilot safety from hazardous malfunction 
conditions, establishes that adequate time must be allowed for the pilot 
to escape from the booster before the occurrence of major structural 
failure due to engine or autopilot servo failures. 
1 (4) The 7' angle-of-attack capability during boost has been sekcted 
to provide a margin for pilot and control-system tolerance aL3 lag d~xing 
flight through the lower altitude wind profiles. 
PARAMETRIC STUDIES 
Application of these criteria to one of the Phase Alpha winged con- 
figurations, in conjunction with the usual design wind criteria, for 
example, wind shear-turbulence and ground wind, results in the design 
bending moments shown in figure 2. The requirement for 3' angle-of- 
attack capability is most severe when the aerodynamic loading is highest 
(maximum qCh) and actually results in the most critical loading condi- 
tion over most of the booster. 
The pilot-safety criterion, which requires that structural integ- 
rity following a malfunction be maintained for something on the order 
of 1 second, results in the condition shown in figure 2 as engines 
hard-over. The loads resulting from this condition are not critical 
for this particular configuration, but such is not always the case. 
In general, it may be assumed that storm turbulence and wind-shear 
conditions do not occur simultaneousiy. However, there is a distinct 
possibility of nonstorm turbulence in the vicinity of the tropopause, 
and the loads resulting from this turbulence must be combined in some 
manner with the wind-shear loads. The exact correlation between wind 
shear and gust loads is not known, but it is probably positive. The 
loads which would result from such turbulence were approximated by 
determining the response to a 12 ft/sec discrete gust. These loads 
were combined directly with the load response for flight through a 
synthetic l-percent wind-shear profile for Patrick Air Force Base. The 
resulting bending moments are not critical for this configuration. 
The ground-wind condition, which was based on a 60 ft/sec steady 
wind plus a 30 ft/sec gust, is critical on the aft end of the booster. 
/ 
The effect of variation in reentry-device weight is to change the 
relationship between the 9' condition and the wind-shear response. A 
comparison of the severity of the 5O trim condition at maximum qC& 
with that of the wind-shear-plus-gust condition is shown in figure 3. 
This comparison illustrates the point that for the range of reentry- 
device weight studied, the 5' trim condition is the critical condition. 
It should be pointed out, however, that this figure is based on an area 
of 250 square feet for the reentry device and that an increase in reentry- 
device area would cause an in the bending-moment ratio. That is, 
0 
the 5 trim condition becomes more severe relative to the wind-shear- 
plus-gust condition as the reentry-device area is increased. 
1 
The variation of booster loads during first-stage burn time for the 
5' trim and engines hard-over conditions is presented in figure 4 for a R 
winged reentry device. Equivalent end load Peq = Paxial + 
particular booster station is shown plotted against first-stage burn 
time for a reentry-device area of 330 square feet and weight of 
9,283 pounds. The 5' trim condition essentially increases with 
increasing dynamic pressure, reaching a maximum value at maximum qC~o, 
- 
and then decaying as burn time increases. The contribution of bending 1 
moment is illustrated by the difference between the axial-load-alone r 
L 
curve and the total-end-load curve. The end load due to engines hard- 1 
over increases with burn time, primarily as the axial load increases 
since the contribution due to bending moment is practically constant F 
with burn time. The end load due to ground wind is also shown for com- 
parison. As may be seen from figure 4, the critical condition varies 
from ground wind at time zero to the 5' trim condition, with the engines- 
hard-over condition becoming critical near first-stage burnout. The * 
design condition at this particular station is, of course, the 5' trim 
condition. A similar variation of equivalent end load is shown in fig- 
ure 5 for a ballistic reentry device with an area of 54.5 sq ft and a 
weight of 7,221 pounds. The condition of engines hard-over is seen to 
be critical throughout the range of first-stage burn time. A comparison 
of this figure with figure 4 illustrates .the effect of reentry-device 
area on booster design. 
It should be pointed out that the remainder of the parametric data 
presented is based on strength-designed boosters and, therefore, is based 
on a booster stiffness obtained from the design of a booster for the 
particular reentry-device area and weight for which the parameters SCL, 
and weight are being read. The data presented are based on the Titan 
Lot "J" ICBM modified to meet the appropriate strength requirements. The 
effect of reentry-device area and weight on booster maximum bending 
moments is further emphasized in figure 6. These data are based on the 
5' trim condition at maximum dynamic pressure. For the 9,000-pound 
reentry-device weight, an increase in SCL, from 1.20 to 15.0 increases 
the maximum bending moment by 1,320 percent. Since the value of SCL, 
of 1.20 is representative of a ballistic device, these increases in boos- 
ter bending moment emphasize again the effect that winged reentry devices 
have on booster design. The reduction in m a x i m  bending moment due to 
increasing the reentry-device weight is, of course, due to the increase 
in inertia relief. At a value of SCL, of 7.50, an increase of reentry- 
device weight from 6,000 pounds to 12,000 pounds decreases the maxirmun 
bending moment by 20 percent. 
The ef fec t  of these bending moments on the booster s t ruc tura l  mate- 
r i a l  required fo r  strength-designed boosters i s  shown i n  figure 7, where 
cross-sectional area i s  plotted agaimst body stat ion f o r  SCL, values 
of 1.2, 7.50, and 15.0. Once again, since the  value of 1.20 for  SCL, 
i s  representative of a b a l l i s t i c  device, the difference i n  area required 
between t h i s  curve and the other values of SCL, emphasizes the ef fec t  of 
winged reentry devices on booster design. It should also be noted tha t  
t h i s  difference increases toward the forward end of the booster. 
Because of f l e x i b i l i t y  i n  the structure, the angle of at tack a t  the 
reentry device w i l l  be greater than the angle of at tack a t  the vehicle 
center of gravity, and the angle of attack a t  the f i n s  w i l l  be l e s s  than 
the  angle of at tack a t  the vehicle center of gravity. The r a t i o  of the 
angle of attack a t  the reentry device t o  the angle of at tack a t  the  f i n s  
i s  a measure of the amount of s t ruc tura l  deformation present. The effects  
of the reentry device SCL, and weight on t h i s  f l e x i b i l i t y  r a t i o  a re  
shown i n  figure 8. This f l e x i b i l i t y  e f fec t  i s  d i rec t ly  related t o  the 
pitch-fin-area requirements, a s  i l l u s t r a t ed  i n  figure 9. Here the  ef fec t  
of the reentry device SCL, and weight a re  related t o  the pi tch f i n  SCh  
required fo r  neutral  aerodynamic s t a b i l i t y  a t  the maximum dynamic pressure 
5' trim condition. The ef fec ts  of s t ructural  deformation, which are  
included i n  these requirements r e su l t  i n  from 2 percent t o  73 percent 
more f i n  than would be required from rigid-body considerations. 
Conversion of the pitch-fin-area requirement from figure 9 and the 
structural-material-area requirements from figure 7 d i rec t ly  in to  wesght 
r e su l t s  i n  a s t ruc tura l  weight requirement as  a function of the reentry- 
device area ( f ig .  10) .  It i s  seen tha t  fo r  a 9,000-pound reentry device 
and an SCL, = 9.8 (representative of a 330-sq-ft g l ider ) ,  approxi- 
mately 65 percent of the weight added t o  the ICBM booster system i s  
d i rec t ly  at t r ibutable t o  the f i n s  and booster modification required for  
t h e i r  ins ta l la t ion .  This weight i s  a d i rec t  r e s u l t  of the requirement 
fo r  neutral  aerodynamic s t ab i l i ty .  Of the remaining 35 percent of 
added weight, which is necessary because of the  air loads resul t ing 
from the winged device on the f ront  of the booster, the contribution 
of the second stage is  the la rges t  and tha t  of the f i r s t  stage i s  the 
l eas t  . 
Comparing the data  f o r  other reentry-device weights with the 
9,000-pound data gives the r e su l t s  shown i n  f igure 11. The conclusions 
are, as would be expected from the trends shown previously ( f igs .  6, 7, 
and 9) ,  tha t  the heavier the  reentry device, the smaller the  s t ructural-  
weight penalty t o  the booster; and the  greater the  reentry-device area, 
the ~ z e a t e r  the structural-weight penalty t o  the booster. 
2 
The interaction between the elastic structure and the automatic con- 
trol system is always of some concern for flexible missiles. This prob- e 
lem is potentially intensified by the addition of the glider on the front 
of the booster and the attendant destabilizing effect of the wing. The 
rigorous treatment of this problem would require a very detailed analysis 
and an extensive knowledge of the structure and the flight control system 
of the configuration. Such an analysis was not suitable, nor warranted, 
for a study such as that conducted for Dyna-Soar Phase Alpha. However, 
a preliminary study of this problem was conducted for a 7,800-pound, 
330-square-foot glider on a modified Titan ICBM. Rigid-body pitch, 
rigid-body translation, and the first body-bending mode were considered 
as degrees of freedom. The system analyzed was assumed to have a thrust- 
vectoring control system governed by a simple linear control law expressed 
as follows: 
Nominal values of Ke and (1.0 and 0.5, respectively), which 
resulted in a rigid-body pitch frequency of 0.3 cps with approximately 
0.7 critical damping for the system with the nominal stability fins, were 
chosen. Figure 12 illustrates the effect of pitch-fin area ratio R1, 
as a function of booster-bending-stiffness parameter Z, on the aeroservo- 
elastic characteristics of the system. The nominal configuration is indi- 
cated. For small pitch-fin areas the system is unstable in the pitch mode, 
as illustrated by the area below the stable portion of the curve. As fin 
area is increased, the system first becomes stable and ultimately again 
becomes unstable in the first elastic mode. The pitch-fin area required 
to cause this modal instability is a function of the bending stiffness, 
as indicated. The nominal configuration is well within the stable region. 
However, this figure has illustrated only one effect. Adjustment of the 
attitude gain Kg can result in a considerable change in the stability 
characteristics, as illustrated in figure 13. The effect of fin area is 
reflected in the position of the stability boundary in this figure. For 
the configuration without stabilizing fins ( R ~  = 0) , it is apparent that, 
although unstable at the nominal gain and stiffness, the system can be 
gain stabilized. This effect is also apparent for the case where the 
pitch-fin area is twice the nominal value ( R ~  = 2). For R1 = 0.5 
and 1.0, gain changes do not affect the stability characteristics appre- 
ciably. As shown in figure 12 and again in figure 13, it is of signifi- 
nr! 
cance that a large static stability margin can result in a modal insta- 
bility. The approximate stability margins resulting from the tail  itch- 
fin) areas considered in this study are: 
*~ominal tail area = 425 sq ft. 
Figures 12 and 13 have shown to some extent how control gain, bending 
stiffness, and static stability (pitch-fin area) can influence the aero- 
servoelastic stability problem and, potentially, how they might influence 
a stiffness requirement for the vehicle. The structural-load response to 
atmospheric distwbances is not insensitive to these same parameters. 
Figure 14 indicates some of the trends in maximum bending-moment response 
to a wind-shear profile which results from variation of one of these 
parameters, with all others held at their nominal value. These trends , 
become particularly significant if wind-shear considerations are critical 
from the design-load standpoint. Fortunately, from the load analysis 
point of view, wind shear was not a critical condition for the Phase 
Alpha studies. 
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It has been shown previously in figures 4 and 5 that the booster 
loads associated with a forward-mounted lifting device are quite large 
in comparison with those incurred by a ballistic device. Consideration 
of the use of existing ICBM's as potential boosters for the Dyna-Soar 
glider has resulted in considerable thou@;ht as to how existing boosters 
could be utilized with a minimum of modification and the least possible 
loss in performance. Alleviation of the large glider-induced bending 
moments is potentially one means of minimizing this modification. 
Three different "forward flyingw schemes for load alleviation which 
have been investigated at Boeing are shown in figure 15. The first 
involves use of the existing glider elevons. Proper actuation and 
phasing of the glider elevons during boost reduces the net aerodynamic 
load on the glider and thereby also reduces the booster bending moments 
and the thrust force required for pitch trb. The second scheme requires 
the addition of a set of "flippers" just aft of the glider. These flip- 
pers serve essentially the same purpose as the elevons. That is, by 
proper actuation, the flipper load can be made to cancel the glider aero- 
dynamic load so that the booster bending moments are reduced. The third 
scheme requires the glider to be supported, free in pitch, at the glider 
center of gravity. Since the aerodynamic center of the glider is aft of 
&b 
the pivot point, the glider will seek a zero angle-of-attack position, 
so that the glider aerodynamic loads and the booster bending moments 
are reduced. 1 
Ln figure 16 the magnitude of bending-moment reduction which can % 
be achieved by one of these schemes is illustrated. The bending-moment 
response of a typical system with geared elevons to a sharp-edge-gust 
disturbance is shown as a function of the body-length ratio L/L,. A n  
elevon control gain Kg of 6.0 (that is, 6' of elevon angle per degree 
of engine thrust deflection) results in a 60-percent reduction in applied 
bending moment. Figure 17 illustrates, comparatively, the typical reduc- 
tions which can be achieved by each of these three schemes. Although 
the load distribution varies somewhat, the reductions are of the same 
order of magnitude. These results were obtained from preliminary dynamic 
analyses, and altho.ugh these systems appear to have promise as far as the 
required modification to the booster structure is concerned, additional 
work must be done to prove their full feasibility. Some other considera- 
tions which must be included in a complete feasibility study would be the 
loss in performance due to additional drag, the power-system requirements 
to drive the control surfaces, the complication of the aeroservoelastic 
problem, the weight penalties, and the decrease in total system ") 
reliability. 
It must be pointed out that reduction of bending moment can be 
carried past the point of no return. The data of figure 4 show that 
if the moment is reduced to the point where the total end load, at the 
maximum air load point (t = 65 seconds), is less than the total end load 
resulting at first-stage burnout (t = 136 seconds), the air load is no 
longer the critical design condition. It could very well be that the 
loads at first-stage burnout are in excess of those incurred in the 
ballistic missile application of the same booster. In such case, modi- 
fication of the missile is required anyway, and in essence, the price of 
adtnission m y  have already been paid. 
CONCLUDING REMARKS 
Results presented have shown that the addition of a winged reentry 
de~iee to an &sting ICBM can result in large structural weight penalties 
to the booster. Similarly, it has been shown that criteria unique to the 
particular system also have a significant influence on the final booster 
structwral weight. The influence of certain control-system and stability 
garmeters on aeroservoelastie stability has been illustrated. Several 
methods for load alleviation have been illustrated, and the structural , 
benefits and limitations of these methods have been described. 
tc%. 
At the present time the approach being used to handle the structural 
modification problem on the Dyna-Soar boost system is that of the simple 
straightforward approach of structur&l "beefup. " 
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DESIGN CONSIDERATIONS FOR THE TRANSPARENT VISION AREAS 
1 
IN ORBITAL GLIDE VEHICLES 
By Kennerly H. Digges 
Wright Air Development Division 
INTRODUCTION 
This paper presents a surnmary of the characteristics of three high- 
temperature glasses and indicates the considerations required in applying 
these materials to the design of transparent vision areas for orbital 
glide vehicles. The three glasses discussed are Corning Glass Works 
1723 alumino-silicate, 7900 96-percent silica, and 7940 fused silica. 
DISCUSSION 
General Characteristics of Glass 
For almost 5,000 years men have been using glass. Soda-lime glass, 
which is widely used in automobiles, aircraft, and home windows, has 
been in use for 500 years. With such a background to draw upon, one 
might expect structural design with glass to be a highly developed 
science. Unfortunately, it is closer to a black art. 
In order to understand a few of the idiosyncrasies peculiar to glass, 
some of its more interesting properties will be discussed. 
The atomic structure of glass is random. It lacks the uniform 
lattice structure which is characteristic of the individual crystals in 
most solids. There is evidence of some tendency for glasses to form 
crystals at and below an experimentally determined crystallization tem- 
perature. However, the viscosity of the material is sufficiently high 
throughout this temperature range to preclude crystal formation. Glass 
is therefore called a high-viscosity liquid. 
Because of its liquid-like structure, glass has no distinct melting 
point. Instead, its viscosity decreases continuously with increasing 
temperature. At ordinary temperatures, glass is so viscous that it may 
be considered an elastic material. Its modulus of elasticity, approxi- 
mately 10 million psi, is comparable to that of aluminum. It obeys 
Hook's law and the theories of elastic solids to the point of failure. 
At elevated temperatures, its characteristics are quite different. 
Such plastic properties as creep under load, a phenomenon completely 
unknown at low temperatures, may be observed. 
1 
The transformation from elastic behavior to plastic behavior takes 
4, 
place slowly over a wide temperature range. Throughout this transforma- 
tion range, the properties of glass are dependent upon both the tempera- 
ture and the time of exposure. Thus, glass may be used at temperatures 
well into the transformation range, provided the time is sufficiently 
short and the load is sufficiently low to maintain elastic behavior. 
L 
In order to provide reference temperatures to which the transforma- 1 
tion range and other properties may be related, a number of points on 1 
the smooth temperature-viscosity curve have been selected. Three of 2 
these points are of interest to engineers. These points are shown on 2 
the temperature-viscosity curve for soaa-lime glass in figure 1. 
The softening point defines the temperature at which the glass will - 
deform under its own weight. The viscosity at this temperature will 
8 range from 107.5 to 10 poises. Obviously, this establishes the absolute 
maximum exposure temperature for glass even for a short time and under 
no load. 
The annealing point defines the center of the transfomation range. 
The transfomation range extends for about 250° F above and below this 
point. The viscosity at the annealing point is 10'3 poises. 
The most important point to engineers is the strain point. This 
point defines the maximum practical service temperature for annealed 
glass. The viscosity at this point is 10 14*5 poises. 
Failure in glass always occurs as a result of the tensile components 
rather than the compressive or shear components of a force. The stress 
at failure depends significantly upon the condition of the surface and 
edges. Incipient cracks and flaws in the surface may introduce stress 
concentration of 100 to 1,000 times the average. Since the glass struc- 
ture does not permit stress relief through local yielding, the breaking 
stress is reduced by a proportionate factor. The average breaking stress 
for a severely sandblasted glass specimen may. be 2,000 psi or below. 
However, if the surface is properly treated and protected, strengths 
above 250,000 psi are not uncommon, It is apparent that tests of glass 
specimens indicate relative quality of the surface rather than the actual 
strength of the glass. 
Because of the wide scatter in breaking stresses for seemingly 
identical specimens, there has been considerable disagreement among 
engineers as to the design strength of glass. This problem has been 
resolved somewhat by the recent work of Matthew Kerper of the National 
Bureau of Standards. (see ref, 1. ) Working under Wright Air Development 
Division contract, Kerper has obtained repeatable results by applying 
bemi loading to sandblasted glass specimens. These results have provided 
excellent data upon which to base the design of glass for high-temperature 
applications. However, the difficulty of translating the characteristics 
of small specimens to full-scale designs still exists, and extensive 
testing of the final configuration is mandatory, 
The "notch sensitivity" and tensile weakness of glass can be mitigated 
somewhat by a strengthening process known as tempering. Tempering is 
accomplished by heating glass to the neighborhood of the softening point 
and then rapidly chilling the surface, The surface contracts and becomes 
rigid, leaving the interior semimolten. As the interior cools and shrinks, 
compressive stresses are induced at the surface. The resulting stress 
distribution is shown in figure 2. The tempering process may increase , 
the average breaking strength by a factor of 2L to %. 2 
Unfortunately, the maximum long-time temperature exposure for tempered 
glass is considerably below that of annealed glass. At the strain point, 
the tempering stresses will be essentially relieved in a period of 4 hours. 
Due to this slow stress release at temperatures approaching the strain 
point, the maximum long-time temperature exposure for tempered glass must 
be reduced to about 400° F below the strain point. 
In selecting a glass for the high-temperature applications of orbital 
glide vehicles, two factors are prime requisites. First, a low coeffi- 
cient of expansion is required to provide resistance to thermal shock 
and, second, a high strain point is required to provide strength at ele- 
vated temperatures. 
Themomechanical Properties of High-Temperature Glasses 
Figure 3 compares the expansion coefficients of three high-temperature 
glasses with that of soda-lime glass. The 96-percent-silica and fused- 
silica glasses have extremely low expansion coefficients and exhibit 
excellent thermal shock resistance. However, there is a paradox here. 
The expansion coefficient of these glasses is so low that it is almost 
impossible to strengthen them by tempering. This paradox is one of the 
reasons why the alumino-silicate glass is of interest. Its expansion 
coefficient is sufficiently high to allow tempering yet is low enough 
to provide considerable resistance to thermal shock. 
* 
The temperature limits of the four glasses are shown in figure 4. 
Since tempering of the high-silica glasses is not presently feasible, 
the tempered use range has been excluded for these glasses. The maximum 
long-time temperature of the annealed glasses i s  defined by the s t r a i n  
point. Use of the glass  above the s t r a in  point w i l l  depend upon the 
loading, temperature, and time of exposure. 
Figure 5 i l l u s t r a t e s  the e f fec t  of temperature and time on the a 
breaking strength of tempered and annealed a lmino-s i l ica te  g lass  ( re f .  1). 
In  the  annealed s ta te ,  a lmino-s i l ica te  glass  reaches i t s  maximum 
strength at approximately 50° C below the s t r a in  point. The increased 
strength elevated temperature i s  the r e su l t  of some s t r e s s  reduction 
through loca l  yielding permitted by the reduced viscosity.  The drop 
i n  strength i n  the 400' F t o  700' F range may be a t t r ibuted  t o  the I 
deleterious e f fec ts  of surface chemical a t tach which are  more inf luent ia l  1 
than the healing ef fec ts  of annealing. 1 
i: 
The curves fo r  tempered a lmino-s i l ica te  glass i n  figure 5 i l l u s -  C L
t r a t e  the influence of time and temperature on the loss  of temper. A 
short time exposure of 1 hour a t  l,lpO F causes only a 25-percent loss  
- 
i n  temper. A 500-hour exposure a t  1 , 1 5 0 ~  F r e su l t s  i n  almost complete 
loss  of temper. 
The center curves i n  figure 5 provide a comparison of the temperature- A 
strength properties of fused s i l i c a  with almino-si l icate .  Fused s i l i c a  
i s  extremely res i s tan t  t o  atmospheric chemical attack. Consequently, i t s  
strength increases continuously with increasing temperature t o  above 
1,700' F. The 500-hour exposure a t  temperature has l i t t l e  .influence on 
the strength of t h i s  glass  beiow 1 , 7 0 0 ~  F.. 
Design Applications 
A t  t h i s  point, the application of each high-temperature glass  I 
becomes apparent. Window designs f o r  o rb i t a l  gl ide vehicles w i l l  prob- 
ably require a composite of several glasses t o  u t i l i z e  the best proper- 
t i e s  of each material. The superior strength of tempered alumino- 
s i l i c a t e  may be used f o r  the cooler in te r ior  layers t o  withstand 
pressurization and s t ruc tura l  loads. The high-sil ica glasses may be 
used f o r  the outer layers  which require resistance t o  high temperature 
and thermal shock. 
The problem of attaching these materials t o  the vehicle frame now 
ar i ses .  Figure 6 compares the expansion coefficients of some metals 
proposed f o r  o r b i t a l  gl ide vehicles with those of the glasses. It may 
be noted t h a t  a frame of e i the r  0.5-percent titanium molybdenum, kovar, 
or  tungsten would be reasonably compatible with alumino-silicate glass.  
However, these metals have an expansion coefficient 10 times tha t  of the U 
high-si l ica  glasses. Any edge attachment f o r  the high-sil ica materials 
must be designed t o  compensate fo r  d i f f e ren t i a l  thermal expansion. Since 
re la t ive  movement and low clamping pressures a re  required, sealing 
between the glass  and frame a t  high temperatures w i l l  be d i f f i c u l t .  
4 
Figure 7 i l l u s t r a t e s  the type of glass configuration which might 
be used i n  o rb i t a l  gl ide vehicles. The maximum long-time temperature 
l i m i t  of the configuration i s  around 1 ,800~ F, the s t r a in  point of fused 
s i l i c a .  Short time exposures t o  2,400° F may be tolerated. However, a t  
these temperatures, the material  exhibits properties which vary with 
time, loading, and s ize  of specimen. The maxFmwn thermal l imi ts  can be 
determined only through tes t ing  the design configuration. I f ,  as  i n  
the Dyna-Soar windshield, the  maximum temperature i s  above the l imi t s  
of fused s i l i c a ,  a removable external heat shield i s  mandatory. 
The outer panels of high-sil ica glass  w i l l  be isolated a s  much as  
possible from s t ruc tura l  loads and vibrations. An inorganic cushion 
between the glass  edges and the frame w i l l  be required t o  permit re la -  
t i v e  movement and t o  provide some measure of sealing. 
Absolute sealing of the inner alumino-silicate panel may be accom- 
plished by bonding a metal l ic  f o i l  d i rec t ly  t o  the glass.  Compartment 
pressure loads may be transmitted through a heavier framing member which 
would back up the f o i l .  This attachment has been developed by Narmco, 
Inc., under Wright A i r  Development Division contract. (see r e f s .  2 
and 3. ) Its  temperature i s  limited by the bonding material  t o  600' F. 
A second higher temperature sea l  i s  presently under investigation. 
This sea l  consists of a fused bond between alumino-silicate glass  and 
sil iconized 0.5-percent titanium molybdenum. No deleterious e f fec ts  on 
t h i s  sea l  have been noted over the -90' F t o  +go00 F range. Investiga- 
t i o n  of the upper temperature l i m i t  is now underway. An upper tempera- 
tu re  of 1,200' F is anticipated. 
A th i rd  type of s e a l  fo r  the inner panel might be accomplished 
through the use of an interlayer.  This sea l  would be similar t o  the 
type used i n  current a i r c r a f t  and would be l imited by the inter layer  t o  
a temperature of approximately 350° F. 
No discussion of transparency design would be complete without a 
word about optics.  Two defini t ions r e l a t ive  t o  opt ica l  properties a re  
i l l u s t r a t e d  i n  f igu?e 8. The angle of incidence-is  the angle between 
the l i n e  of s ight  and a perpendicular t o  the glass  surface. The devia- 
t i o n  i s  the distance between the image and the point where the image 
appears when viewed through the  glass.  
A s  the angle of incidknce increases above 60°, the opt ica l  qua l i t ies  
of a panel deter iorate  rapidly. This point i s  i l l u s t r a t e d  i n  f igure 9 
( r e f .  4 ) .  It may be noted tha t  the deviation increases and the  l i g h t  
transmission decreases rapidly above 60'. The increase in deviation 
gives an indication of the relative difficulty of maintaicing optical 
quality at large angles of incidence? The decrease in light transmission 
points up another problem - that of maintaining visibility. Additional 
glass panels separated by air spaces will reduce the light transmission 
by a proportionate amount, Three panels each with 70-percent transmission 
would reduce the overall transmission to around 34 percent. 
The light transmission at large angles of incidence may be increased 
by the use of reflection-reducing coatings. However, a coating is not 
a panacea. Light transmission at nonoptimum angles of incidence and of 
nonoptimuin wavelengths will be reduced, Also, these coatings may reduce 
the temperature limit of the high-silica glass or may tend to glow at 
elevated temperatures. In view of the optical difficulties which arise, 
the angle of incidence should be kept below 60°, if possible. 
The need for transparent materials having higher temperature ranges 
is illustrated by the requirements for a shield on the Dyna-Soar wind- 
shield. There is a good possibility that future materials will extend 
the temperature range past the present limitations of fused silica. The 
most promising materials appear to be single crystals grown from metallic 
oxides. Aluminum oxide crystals, known as synthetic sapphire, are avail- 
able in small sizes. The materials laboratory at the Wright Air 
Development Division is currently evaluating this material. A tempera- 
ture extension into the 2,000° F range appears feasible. As crystal- 
growing techniques improve, larger and higher temperature transparent 
materials may be expected. 
CONCLUDING REMARKS 
Transparent areas for orbital glide vehicles will require a 
composite structure of several different glasses. The low-expansion 
high-silica glasses will provide heat shields for the alumino-silicate 
structural glasses. Edge attachments must be designed to isolate the 
glazing, compensate for differential expansion, and provide a seal 
between the glazing and the frame. The angle of incidence, number of 
glass panes, and type of glass coating must be chosen so that the optical 
quality of the overall transparency is maintained. The work of Kerper 
and Partain provides background data upon which to base the design of 
glass and edge attachments at elevated temperatures. However, due to 
the pecularities of the material, extensive testing of the design con- 
figuration is required. 
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INFORMATION, AND DISPLAY 
By Harold E. Bamford, Jr. 
Boeing Airplane Company 
Considerations of crew u t i l i z a t i o n  and crew s t a t i o n  design a r e  
placed i n  t he  context of t o t a l  system development. A model of the  
development process i s  presented i n  which t he  r e l a t i ons  i dea l l y  ex i s t ing  
between t h e  d i f f e r en t  phases a r e  c l a r i f i ed .  Specia l  a t t en t ion  i s  given 
-- t o  the  functions,  design, and crew performance phases a s  they r e l a t e  t o  
t he  development of cockpit indicator  displays.  
The objective of the  functions phase i s  t o  define t he  funct ional  
requirements of man and machine. The functions a l located t o  t h e  p i l o t  
cons t i tu te  t he  information output which i s  required of him. The parame- 
t e r s  of those functions a r e  h i s  input information requirements, and 
t h e i r  indicat ion i n  cockpit d isplays  i s  a funct ional  requirement of 
t he  machine. 
The de f in i t i on  of these  funct ional  requirements i s  accomplished 
through analysis  of the  system's mission, within t he  constra ints  of t he  
technological  and human resources which a r e  avai lable  f o r  t h e  accomplish- 
ment of t h a t  mission. The r e su l t i ng  performance specif icat ions  must 
a l so  be taken i n t o  account a s  they become avai lable .  Functions a r e  
defined on each of t h e  system's output var iables .  These functions a r e  
then a l located between man and machine, subsidiary functions being 
defined where necessary. Requirements a r e  es tabl ished separate ly  f o r  
each longi tudinal  segment of t h e  mission which exh ib i t s  a d i s t i n c t  
funct ional  organization. 
The object ive  of design i s  t o  specify equipment (e.g., indicator  
d isplays)  which w i l l  s a t i s f y  the  machine-allocated funct ional  require-  
ments developed i n  t h e  functions phase. The design spec i f ica t ions  a r e  
constrained i n  t h e  f i r s t  instance by t he  avai lable  human and technologi- 
c a l  resources, and subsequently by t h e  feedback of performance 
specif icat ions .  
r5. 
I n  t h e  crew performance phase there  i s  a synthesis  of equipment 
design specif icat ions  with t he  pi lo t -a l located funct ional  requirements. I 
The resulting specification of pilot performance is fed back to the 
design and functions phases, where account must be taken of the task's 
difficulty level. Excessive task difgiculty necessitates redesign of 
equipment and/or reallocation of functions between man and machine. 
The development process is thus seen to be an iterative one, continuing 
until functional requirements and design specifications combine to 
specify performance whose realization is feasible. 
Two general approaches to crew task definition are possible: simu- 
lation and rational synthesis. Simulation is particularly attractive 
because of the increase in confidence which must attend a demonstration 
of feasibility in simulated operation. Rational synthesis must also be 
employed, however, because of the impossibility of fully simulating 
operational conditions. 
INTRODUCTION 
In designing an aircraft cockpit, it used to be possible to rely 
upon a vast background of successful experience in the operational 
environment. Instrument systems which had proved themselves in earlier 
vehicles were simply taken over, with their indicator displays intact. 
Minor adaptations may have been necessitated by the somewhat more 
exacting requirements of the new vehicle. But little or no deliberate 
attention was paid to the pilot's role in the man-machine system, or 
to the implications of that role for equipment design. 
This approach to cockpit design was not systematic in the sense of 
proceeding from a clearcut statement of requirements to a system which 
would satisfy those requirements. But it worked. Whatever the require- 
ments were, they could usually be solved by minor adaptations of estab- 
lished techniques. This was true because the problems were but minor 
variations on familiar problems. 
But this casual approach to crew station design is not possible 
in the case of Dyna-Soar. The experience which served so well in the 
past simply does not apply to the problems of boost, orbit, reentry, 
and hypersonic glide. A systematic approach to the pilot's role and 
to cockpit design is indispensable if we are to deal competently with 
these problems. It is the purpose of this paper to describe such a 
systematic approach and to illustrate its application to Dyna-Soar. 
T3e diagram in figure 1 is an idealized model of the development 
process. It will serve to place considerations of crew utilization and 6 
crew station design within the context of total system developent. The 
boxes in the diagram represent phases which would ideally occur in the 
development of any complex man-machine system. The arrows connecting 
i 
them represent the relations which would ideally exist between the phases. 
Three of these developmental phases lie within the scope of the present 
paper. They are the functions, design, and crew performance phases. 
a. 
In the functions phase of system development, an analysis of the 
system's mission is carried out. The mission has previously been defined, 
as the diagram indicates, through operations research. The output of 
the functions phase is a set of functional requirements, allocated 
between the system's crew and the residual system. These requirements, 
represented in the diagram by hollow arrows, are defined and allocated 
subject to constraints imposed by the resources, both human and techno- 
logical, which are available for mission accomplishment. 
The functional requirements which are allocated to the residual 
system constitute the input to the design phase. The design output con- 
sists of specifications for equipment. These are represented in the 
diagram by solidblack arrows. The use of solid arrows to symbolize 
the. output of design, in contrast with the use of hollow arrows for its 
input, signifies that abstract functional requirements are given a con- 
crete interpretation in the design phase. As the diagram indicates, 
this interpretation is constrained by the available human and technolog- 
ical resources. 
Finally, in the crew performance phase, there is a synthesis of 
equipment design with the crew-allocated functional requirements. The 
result is a specification of the tasks to be performed by the crew. The 
performance specifications are represented in the diagram by striped 
arrows, since they are determined jointly by functional requirements 
and equipment specifications. As the diagram indicates, they are fed 
back to the functions and design phases, where their feasibility is 
evaluated. 
If the tasks to be performed by the crew are found upon evaluation 
to be excessively difficult, the functional requirements may be reallo- 
cated between crew and residual system, or the equipment may be rede- 
signed, or both. In any case, new crew performance specifications are 
defined and fed back to the functions and design phases for evaluation. 
This iterative process continues until all crew performance specifica- 
tions are found to be feasible. 
While this process is going on, a similar process leading to a 
feasible set of machine performance specifications is simultaneously 
going to completion. This complementary process is indicated at the 
top of the diagram. When both processes are complete, equipment speci- 
fications are released to production and crew performance specifications 
to training and organization. The ensuing events, which are indicated 
in the diagram, are beyond the scope of this paper. 
THE FUNCTIONS PHASE B 
I 
I n  considering the functions phase of system development, one point 
i s  worthy of emphasis. Functional requirements a re  abstract .  They are  JI 
not specifications of crew performance, nor do they specify equipment. 
Functional requirements allocated t o  the machine m y  be interpreted i n  
a var iety of designs. Similarly, there are  various ways t o  interpret  
crew-allocated functions as  crew performance. 
The mission which i s  analyzed i n  the functions phase i s  a gederal 
statement of what the system must be t o  achieve i t s  operational objec- 
t i ves  i n  i t s  operational environment. The functional requirements which 
are  defined i n  t h i s  phase are  the detailed logical  consequences of the 
mission and of the available resources. The mission which has been 
assumed as a point of departure f o r  our studies was defined i n  Phase I. 
As development proceeds, changes i n  t h i s  mission w i l l  be fed into the 
- 
functions phase. The functional requirements which have been defined 
w i l l  then be modified appropriately. 
The defini t ion and al locat ion of functional requirements, as  pre- *S 
viously mentioned, a re  subject t o  cer tain constraints.  These constraints 
a re  imposed by the resources which are  available, o r  expected t o  be 
available, f o r  the accomplishment of the system's mission. The major 
par t  of t h i s  symposium has been concerned with the resources of inanimate 
technology. But there i s  a different  c lass  of resources - the potent ial  
u t i l i t y  of the p i lo t .  Jus t  what i s  t h i s  potent ial  u t i l i t y ?  The p i l o t ' s  
contribution t o  mission accomplishment consists,  i n  general, of satisfying 
cer tain of the  system's functional requirements which may be allocated 
t o  him. 
Two steps are  involved i n  the  functions phase of system development: 
F i r s t ,  the required performance of the system must be specified and, 
second, the  responsibi l i ty  f o r  real iz ing the  required performance must 
be allocated between man and machine. 
Specification of Required Performance 
In order t o  specify the required performance of the system, a s e t  
of variables must be chosen. These variables a re  termed "outputs." 
The required value of each output can then be defined as  a function of 
one or  more parameters. The functions so defined, called "output 
functions," a re  the required performance of the system. The parameters, 
cal led "input parameters," const i tute  the system's requirement f o r  input 4 
information. 
'*a In order fo r  the required value of an output t o  be realized, two 
things are  necessary. F i r s t ,  the output must be programed - i.e.,  a 
ser ies  of decisions must be made as  t o  i t s  required value. And second, 
the decisions must be implemented - the values decided upon must be 
% brought about. These things a re  represented diagrammatically i n  f igure 2. 
In  tha t  figure, output functions a re  represented by double ve r t i ca l  l ines .  
Since the required value of an output i s  a function of one or  more param- 
eters ,  programing may be conceived as  a functional linkage between param- 
e t e r  and function. Such a linkage i s  diagramed on the  left-hand side 
of each function symbol. Thus, i f  required velocity i s  a function of 
actual  position, the programing of velocity i s  symbolized by the arrow 
linking actual  posit ion t o  required velocity. The implementation of a 
decision respecting the required value of an output i s  diagramed as  a 
functional linkage on the right-hand side of the function symbol. I n  
t h i s  case, a decision as t o  required velocity i s  implemented through 
an acceleration program. The implementation of decisions respecting 
% "  required acceleration i s  not represented i n  t h i s  figure.  
It w i l l  be noticed tha t  i n  the figure required acceleration i s  
linked on the l e f t  t o  both required and actual  velocity. This implies 
rn I t ha t  required acceleration i s  a function of both parameters. Decisions 
respecting required acceleration must be based on information as  t o  
both actual  and required velocity.  
The pattern of functional linkages between the various output func- 
t ions  of the system and t h e i r  input parameters i s  the basis  of the sys- 
tem's functional organization. Diagrams such as  these a re  of great 
u t i l i t y  i n  defining functional requirements and i n  al locat ing them 
between man and machine. Their useful interpretat ion,  however, demands 
tha t  they be supplemented by a more detai led statement of the  functions 
involved. The range and domain of each function, the form of each 
function's dependence upon i t s  parameters, and the allowable variation 
of each output about i t s  required value must a l l  be exp l i c i t l y  defined. 
In the analyt ical  work which has been completed t o  date, the required 
performance of the system has been specified with respect t o  15 outputs 
(fig.  3). O f  these, two define the vehicle 's  posit ion i n  space, three 
define i t s  velocity vector, f ive  a re  the fac tors  which control i t s  
acceleration vector, and f ive  a re  the changes or  r a t e s  of change of 
those factors .  The required value of each of these outputs has been 
expressed as  a function of one or  more input parameters. This has been 
done only for  normal, or  nonemergency, conditions. The analysls is 
presently being extended t o  the case i n  which one o r  more of the  out- 
puts of the system or  of i t s  subsystems is out of tolerance. 
Allocation of Functional Requirements 
A pat tern of re la t ions  such a s , a re  diagramed i n  figure 2 i s  the 
bas is  of the  system's functional organization. A complete diagram of 
tha t  organization, however, must a l so  represent the al locat ion between 
the  man and machine of the  responsibi l i ty  f o r  real iz ing the required 
outputs. It i s  a simple matter t o  incorporate t h i s  additional informa- 
t ion.  Functional linkages allocated t o  the p i l o t  f o r  real izat ion are  
represented i n  f igure 4 by broken arrows, while so l id  arrows symbolize 
those whose rea l iza t ion  i s  allocated t o  the machine. In  t h i s  f igure 
there appear a number of s ingle  ve r t i ca l  l ines .  These symbolize the 
outputs required of various subsystems i n  support of the system's out- 
put functions. Such required subsystem outputs are  referred t o  as  sub- 
s id iary  functions, o r  simply subfunctions. Subfunction symbols lying 
between so l id  and broken arrows represent man-machine interfaces.  An 
interface i s  a display indication if the so l id  arrow l i e s  on the l e f t  
of i t s  symbol, and a control action i f  the so l id  arrow i s  t o  the r ight .  
Besides the interfaces,  another kind of subfunction i s  represented i n  
figure 4. This i s  the interpretat ion which the p i l o t  must mdke of h i s  
sensory input. Such subfunctions as  these a re  implicit  responses 
required of the  p i lo t .  
Now what does t h i s  diagram t e l l  us? Briefly, it makes s i x  
statements: 
(1) Actual posit ion i s  indicated t o  the p i l o t  i n  a display. 
(2 )  The p i l o t  determines required velocity on the bas is  of tha t  
display indication. 
(3) Actual velocity i s  indicated t o  the p i l o t  i n  a display. 
(4 )  The p i l o t  reads tha t  display indication and in terpre ts  it as 
a sign of actual  velocity.  
( 5 )  The p i l o t  correlates actual  and required velocity and transmits 
the r e su l t  as  a control action. 
(6) The machine determines the  required acceleration on the basis  
of the p i l o t ' s  control action. 
This diagram i s  a comprehensive way of presenting the f'unctional organiza- 
t i on  of the  man-machine system. Once again, however, i t s  useful interpre- 
t a t ion  requires supplementary information. Besides the  detai led statements 
of the output functions there must be similar statements of the subsidiary * *  
functions. Over what range must a parameter be indicated, with what 
precision, and with what r a t e s  of change? With what precision must the 
p i l o t  read and i n t e rp re t  t he  indication,  and a s  a s ign of what? What 
must t h e  p i l o t  corre la te ,  how often,  and what i s  t h e  form of t he  
corre la t ion? 
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An i n i t i a l  a l loca t ion  has been made of t he  respons ib i l i ty  f o r  
r ea l i z ing  our f i f t e e n  output functions under nonemergency conditions. 
This t r i a l  a l loca t ion  was guided by a policy of maximum p i l o t  u t i l i z a -  
t i on .  Under t h i s  policy, any funct ional  requirement which i s  not c l ea r ly  
beyond human capab i l i ty  i s  a l located t o  t he  p i l o t .  The r e su l t i ng  func- 
t i o n a l  organization represents the  maximum work load which can be imposed 
upon t he  p i l o t  insofar  a s  t he  normal guidance and control  of t he  vehicle 
i s  concerned. Emergency operations and t he  management pf subsystems can 
of course increase h i s  workload above t h i s  l eve l .  This pol icy was adopted 
t o  e s t ab l i sh  a basel ine  from which p i l o t  u t i l i z a t i o n  can be reduced a s  
may appear des i rable  and feas ib le  i n  t he  ensuing s tudies .  
Segmentation of Mission 
I n  t h i s  discussion of the  system's funct ional  organization, the re  
i s  one question which must have occurred t o  a l l  of you. Doesn't t he  
funct ional  organization change during t he  course of t he  mission? It 
ce r t a in ly  does. For t h i s  reason it has been necessary t o  divide t he  
mission i n to  a s e r i e s  of longi tudinal  segments, each characterized by 
a pa r t i cu l a r  funct ional  organization. 
The process of segmentation i s  an i t e r a t i v e  one. It begins with a 
s e t  of t r i a l  segments. An attempt i s  made t o  define t h e  system's func- 
t i o n a l  organization i n  each. I f  analys is  d isc loses  a change i n  organi- 
za t ion during any of these,  it i s  immediately divided i n to  two o r  more 
new t r i a l  segments. Analysis may a l so  show two o r  more t r i a l  segments 
t o  have t he  same organization. Such tr ial  segments a r e  combined. This 
process continues u n t i l  a s e t  of mission segments i s  defined whose e le -  
ments taken s e r i a l l y  cons t i tu te  a restatement of t h e  system's mission. 
Like t he  ove ra l l  mission, each segment i s  characterized by ce r ta in  
object ives .  The i n i t i a l  conditions necessary f o r  t he  accomplishment of 
each segment must be among the  object ives  of t h e  segment which precedes 
it. To insure t h a t  t h i s  would be t he  case, t he  i n i t i a l  t r i a l  segments 
were defined i n  reverse order.  The proces,s began with the  vehicle 
sa fe ly  at  r e s t ,  i t s  mission completed, and worked backward t o  launch. 
The mission segments which f i n a l l y  resu l ted  a r e  presented i n  f igure  5. 
Their object ives  a r e  not given f o r  reasons of secur i ty .  Time does not 
permit any de ta i l ed  consideration of these  segments and t h e i r  funct ional  
organizations. However, a quick look a t  a t yp i ca l  organization diagram 
may be of i n t e r e s t .  Figure 6 i s  presented t o  i l l u s t r a t e  t h e  general  
appearance of these diagrams. The functions represented there a re  
defined i n  d e t a i l  i n  the  report from which t h i s  f igure was taken. 
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The Functional Requirements 
The mission has been divided in to  seven longitudinal segments, and 
the functional organization characterizing each segment has been dia- 
gramed. In  these diagrams are  indicated the al locat ion of functional 
requirements between man and machine. Jus t  what are  these requirements? 
In  a word, they are  fo r  information. An information output i s  required 
of the p i lo t ,  and he i n  turn requires input information of the machine. 
In  figure 4 the p i l o t ' s  information output i s  shown t o  be trans- 
mitted as  a control action. In  order t O  determine the required control 
action under the functional organization shown here, he must do two kinds 
of things. He must interpret  display indications, and he must correlate 
the interpretations.  One display indication i s  interpreted as a sign 
of required velocity, the other as  a sign of actual  velocity. The cor- 
re la t ion  of these interpretations,  transmitted t o  the machine as  a con- 
t r o l  action, selects  an acceleration which w i l l  tend t o  reduce t h e i r  
discrepancy. Correlation and interpretation, then, are  the functional 
requirements allocated t o  the p i lo t .  A f u l l  def ini t ion of these func- 
t i ona l  requirements would, a s  we have said, include a statement as t o  
the form of the relat ions between the required responses and t h e i r  
parameters, o r  independent variables, and the allowable variation of 
the responses about the i r  required values. 
If the p i lo t  i s  not able t o  determine the parameters of h i s  required 
responses with suff ic ient  precision, they must be indicated t o  him by 
the machine. Twenty-two functional requirements f o r  display indication 
are  symbolized i n  figure 6. These are  the requirements f o r  input infor- 
mation which must b,e sa t i s f i ed  by the machine under the functional 
organization diagramed here. Once again, t h e i r  f u l l  def ini t ion must 
include a statement as  t o  the range of the required display indications 
and the allowable error  of indication. 
THE DESIGN PHASE 
The functional requirements f o r  display indication are among the 
inputs t o  the design phase. They are  the only such inputs which w i l l  
be considered i n  t h i s  paper. 
The design phase, l i k e  the functions phase, i s  constrained by the 
available resources. The sensing, computing, and indicating technologies 
impose prac t ica l  l imi ts  on the displays which can be specified. Further n 
l im i t s  a r e  imposed by the a b i l i t y  of a man t o  read a display indication 
within given tolerances of time and e r ror .  Subject t o  these constraints,  
displays a r e  designed so a s  t o  f a c i f i t a t e  the p i l o t ' s  required responses 
of interpret ing and correlating.  
The outputs of the  design phase, a s  f a r  as  t h i s  paper i s  concerned, 
a r e  specif icat ions  f o r  indicator displays.  Displays are  designed t o  
s a t i s f y  the given functional requirements subject t o  the given con- 
s t r a i n t s .  The concern of t h i s  paper, l e t  it be noted, i s  with indicator 
displays, not with indicators.  By t h i s  i s  meant t ha t  these specifica- 
t i ons  are f o r  what the  p i l o t  ac tua l ly  sees, and not f o r  the  mechanism 
of the  indicator,  which i s  hidden from him. 
In  the design phase, display specif icat ions  were developed i n  three 
s teps .  F i r s t ,  the  functional requirements were summarized. Second, a 
panel  concept was defined t o  integrate  the  functional requirements. 
And th i rd ,  the  panel concept was elaborated i n  concrete de t a i l .  
I n  the  seven functional organization diagrams t o  emerge from the  
functions phase, there  a r e  denoted no l e s s  than 95 different  requirements 
f o r  display indication. For each of these a summary sheet was prepared. 
On t h a t  sheet was entered the  parameter t o  be indicated, i t s  maximum 
expected r a t e  of change, and the required range of indication.  This 
information was then supplemented on each summary sheet with data  
respecting the  responses required of the  p i l o t  - viz. ,  h i s  interpreta-  
t i ons  and correlations.  Error tolerances were associated with each 
required response.  h he reading tolerances a r e  implic i t  i n  the  allow- 
able e r ror  of in te rpre ta t ion . )  These summary sheets contain a complete 
statement of the  functional requirements f o r  display indication; but 
although there  were 95 d i s t i n c t  requirements, many of them were so nearly 
iden t ica l  t h a t  they could be considered the same requirement. Accordingly, 
the  summary sheets were collected in to  essen t ia l ly  homogeneous c lus te rs .  
I n  t h i s  way, the  number of functional requirements was reduced t o  some 
twenty, a much more manageable number. 
The integrat ion of these requirements in to  an organic panel concept 
came next. I n  the  def in i t ion  of t h a t  concept these things were considered: 
(1)  The presentation t o  the  p i l o t  of h i s  required input information. 
This, of course, i s  the functional requirement t o  be sa t i s f i ed .  
(2)  The f a c i l i t a t i o n  of the  p i l o t ' s  required responses of interpre- 
t a t i o n  and correlation.  The demands upon the  p i l o t  f o r  these responses 
must not exceed h i s  a b i l i t y  t o  make them within the  given e r ro r  t o l e r -  
fa ances. The d i f f i c u l t y  of h i s  t ask  i s  importantly influenced by the 
organization of the  instrument panel. 
( 3 )  The s t a t e  of the instrumentation a r t .  This consideration i s  
recognizable as  the technological resources which constrain the design 
phase of development . 4 
The general concept which was defined and adopted f o r  fur ther  elaboration 
i s  depicted i n  figure 7. The information needed by the p i lo t  can be 
acquired from the displays denoted i n  tha t  figure.  
It i s  interest ing tha t  so complex a welter of requirements fo r  
display indication can be sa t i s f i ed  by an instrument panel so simple i n  
conception. The design of such a panel i s  possible only on the basis  
of the  exact functional requirements f o r  display indication. Such a 
basis allows the conception of an uncluttered, s tarkly functional panel. 
The individual displays were designed and arranged so as  t o  f a c i l i -  
t a t e  the required interpretations and correlations. And the demands 
imposed by the display specifications upon the s t a t e  of the a r t  have been 
held t o  a minimum. 
The th i rd  and f i n a l  step was elaboration of the panel concept. In  
t h i s  s tep exact specifications were defined f o r  the panel and f o r  the 
individual displays. The dimensions and operating character is t ics  of 
the displays were specified. The scales and indices were designed i n  
de ta i l ,  and the use of color t o  f a c i l i t a t e  interpretat ion,  par t icular ly 
i n  check reading, was explored. 
In  presenting these specifications,  great a t tent ion i s  being given 
t o  t h e i r  rationale.  The method by which they were developed lends 
i t s e l f  t o  such documentation. The indication of any parameter on t h i s  
instrument panel i s  jus t i f ied  by reference t o  the functional require- 
ments which are  thereby sa t i s f ied .  The part icular  form of the display 
i n  which it i s  indicated and the re la t ion  between tha t  display and the 
r e s t  of the panel a re  jus t i f ied  as  attempts t o  f a c i l i t a t e  the responses 
required of the p i lo t .  Along with the specifications fo r  indicator 
displays, suggestions f o r  the instrumentation of those displays a re  
being prepared. These suggestions include possible data sources and 
possible indicator mechanisms. 
THE CREW PERFORMANCE PHASE 
As noted i n  figure 1, it i s  i n  the crew performance phase tha t  
functional requirements join with equipment design t o  define the p i l o t ' s  
task. It w i l l  be clear  from what has been said tha t  both inputs a re  
required t o  specify the performance required of the p i lo t .  For given 
functional requirements h i s  task w i l l  vary with the design of the 
indicator  displays with which he i s  provided. And a given instrument 
panel may be used t o  s a t i s f y  a va r i e ty  of funct ional  requirements. 
Since both inputs a r e  needed t?, specify t he  p i l o t ' s  task,  it i s  
a l so  c l ea r  t h a t  a de f in i t i ve  statement t h a t  t h e  t a sk  is  f ea s ib l e  cannot 
be made on t he  b a s i s  of e i t h e r  input alone. J u s t  a s  t he  p i l o t ' s  t a sk  
changes with var ia t ion  i n  e i t h e r  h i s  funct ional  requirements o r  h i s  
displays,  so does t h e  d i f f i c u l t y  of t h a t  t a sk .  It i s  f o r  t h i s  reason 
t h a t  h i s  performance spec i f ica t ions  a r e  fed  back t o  t h e  functions and 
design phases. 
These specif icat ions  provide t h e  ba s i s  f o r  modifying t he  o r ig ina l  
design specif icat ions  and t he  funct ional  requirements o r ig ina l l y  a l l o -  
cated t o  the  p i l o t .  I f  t he  i n i t i a l  performance spec i f ica t ions  a r e  not 
feas ib le  - i . e . ,  i f  t h e i r  demands exceed t he  avai lable  human resources - 
they must be modified. And the  performance required of t h e  p i l o t  can 
be modified only by modifying e i t h e r  h i s  funct ional  requirements o r  t he  
design of h i s  equipment. 
Two general approaches t o  t he  de f in i t i on  of performance requirements 
a r e  avai lable :  r a t i ona l  synthesis  and simulation. There a r e  advantages 
and disadvantages t o  each method. 
The method of r a t i ona l  synthesis  may a l so  be ca l led  t he  armchair 
method. It assumes various forms. For example, a de ta i l ed  s e r i e s  of 
concrete in te rac t ions  of man and machine may be specified.  These con- 
s i s t  ch ie f ly  of t he  actuation of controls  and t he  discrimination of 
d isplay indications.  The equipment and operat ional  conditions a r e  
examined t o  determine whether these  in te rac t ions  a r e  feas ib le ,  given 
t he  nature of t he  crew member. I n  t h i s  form the  armchair method has 
been ca l led  "task analysis .  " Being independent of t h e  laboratory, it 
can be ca r r ied  out quickly and i s  useful  f o r  rough est imates of a t a s k ' s  
f e a s i b i l i t y .  It does not o f ten  lend i t s e l f  t o  exact statements, however, 
and does not insp i re  g rea t  confidence when applied t o  complex systems 
of any novelty. 
Simulation of t he  man-machine system, on t he  other  hand, permits 
t he  study of a concrete analog of t he  system t o  which inference i s  made. 
Although t h i s  method i s  comparatively slow, being dependent on apparatus, 
it does lend i t s e l f  t o  exact measurements. I n  t h i s  method t he  performance 
required of t he  p i l o t  i s  demonstrated physically a s  t h e  behavior of t h e  
experimental subject  i n  a successful  simulated operation. And the  con- 
fidence i n  the  f e a s i b i l i t y  of t he  p i l o t ' s  t a sk  which i s  inspired by such 
a demonstration i s  l imi ted only by t he  f i d e l i t y  of simulation. This 
t* f i d e l i t y  i s  of course not perfect .  Indeed, the re  i s  no p r a c t i c a l  way 
of simulating ce r t a in  of t he  s t r e s se s  which t he  operat ional  system must 
be expected t o  encounter. About t h e  only way of dealing with t h i s  
b. 
problem i s  t o  supplement the method of simulation with ra t iona l  synthesis. I# 
The f e a s i b i l i t y  of the p i l o t ' s  task i s  demonstrated i n  operations simu- 
la ted  under favorable conditions. Estimates are  then made of the extent 
t o  which h i s  performance w i l l  be degraded under operational s t r e s s .  The 
paper by Euclid C. Holleman deals with some of the empirical bases upon a. 
which estimates of t h i s  kind may be made. 
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UTILIZATION OF TKE PIXIT DURING BOOST PHASE 
OF TKE STEP P MISSION 
By Euclid C .  Holleman 
F l igh t  Research Center 
SUMMARY 
Some of t he  capab i l i t i e s  of t he  human p i l o t  f o r  control l ing t h e  
Step I Dyna-Soar launch have been assessed by requiring t he  p i l o t  t o  
control  the  simulated launch. The p i l o t i ng  t a sk  was wel l  within t h e  
capab i l i ty  of t he  human p i l o t .  With only rudimentary presentation,  t he  
p i l o t  could control  t h e  launch t o  wi thin  acceptable l i m i t s  of t he  desi red 
veloci ty  and a l t i t u d e .  As t he  primary con t ro l le r  of t h e  launch, it i s  
believed t h a t  the  p i l o t  can add mater ia l ly  t o  t h e  r e l i a b i l i t y  and f l e x i -  
b i l i t y  of t h e  launch. 
INTRODUCTION 
The r o l e  of the  p i l o t  i n  t he  launch of a multistaged vehicle with 
o r b i t a l  capab i l i ty  has been examined extensively during t h e  past  year 
( f o r  example, r e f .  1). Generally, these  s tudies  used launch simulations 
i n  which t he  pi lo t ,  presentation,  control ler ,  and analog computer formed 
a closed-loop system. I n  one study t he  e f f e c t s  of t he  launch-acceleration 
environment on the  performance of t he  p i l o t  was investigated,  and t h e  
human centrifuge w a s  used t o  c lose  t h e  launch-acceleration loops i n  
normal and longi tudinal  accelera t ion.  The r e s u l t s  of these  s tud ies  were 
general ly  encouraging and showed t h a t  t he  use of t h e  p i l o t  a s  the  primary 
con t ro l le r  of t he  launch of multistaged vehicles holds promise. 
It i s  t he  purpose of t h i s  paper t o  indicate  some of t he  capab i l i t i e s  
of t he  p i l o t  f o r  control l ing t h e  Step I Dyna-Soar launch based on a 
fixed-base s iau la t ion  program and on t h e  r e s u l t s  of previous investiga- 
t i ons  a t  t h e  F l igh t  Research Center. 
SYMBOLS 
t 
% longitudinal acceleration, g uni t s  
g acceleration due t o  gravity, f t /sec2 
h a l t i tude ,  f t  
Ah a l t i t ude  error ,  f t  
IY vehicle moment of ine r t i a  i n  pitch, slug-ft  
2 
q dynamic pressure, lb/sq f t  
range, nautical miles 
reference area, sq f t  
r e l a t ive  velocity, f t / sec  
velocity error,  f t / sec  
angle of attack, deg 
fl ight-path angle, deg 
fl ight-path error,  deg 
s t ab i l i ze r  posit ion (x-l'j), deg 
nozzle posit ion ( Dyna-Soar ) , deg 
damping r a t i o  
vehicle undamped natural  frequency, 
LAUNCH SIMULATIONS 
I n  f igure 1 i s  shown the nominal Step I Dyna-Soar mission, The 
two-stage launch t o  a velocity of 19,000 f t / sec  with a range capabili ty 
f o r  the l i f t i n g  gl ider  of 3,000 t o  4,000 miles i s  shown. This study d 
investigated primarily the boost phase of the mission but did consider 
br ie f ly  the e f f ec t s  tha t  pi lot ing er rors  a t  burnout would have on the 
range capabili ty of the gl ider .  
Control, presentation, and guidance similar t o  t h a t  which proved 
sat isfactory during previous launch programs was used t o  enable the 
p i l o t  t o  control the desired boost t ra jectory.  For p i l o t ' s  control, the 
Flight Research Center's three-axis controller was used by v i r tue  of i t s  
d 
generally sat isfactpry performance during previous fixed-base and centr i -  
fuge investigations. The previous paper by Brent Y. Creer, Harald A. 
Smedal, and Rodney C.  Wingrove showed tha t  more conventional controllers,  
f o r  instance, a two-axis controller with toe pedals, would have been 
sat isfactory a t  the leve l  of acceleration (about 5g) expected f o r  t h i s  
vehicle. It w a s  determined during the  Flight Research Center's centri-  
fuge boost program tha t  longitudinal staging accelerations up t o  gg had 
very l i t t l e  e f fec t  on the a b i l i t y  of the p i l o t  t o  perform the boost 
control task. In fac t ,  a t  t h i s  l eve l  of acceleration the p i l o t s  e s t i -  
mated tha t  only 30 t o  40 percent of t h e i r  physical e f f o r t  was required for  
the control task. There was some loss  i n  peripheral vision due t o  the 
norm1 component of the acceleration environment, but ac tua l  data show 
no deterioration i n  performance a t  t h i s  acceleration level.  Since the 
Dyna-Soar launch i s  not expected t o  require an acceleration higher than 
6g, l i t t l e  e f fec t  of the acceleration environment on the p i l o t ' s  per- 
formance would be expected. However, a good support system, such as  
- the molded seat  used during the centrifuge program ( r e f .  1)) is v i t a l  
f o r  the p i l o t ' s  comfort and f o r  f ixing the pi lot-control ler  posi t ion 
during aecelerat  ion. 
For the present study, no new presentation concepts were developed. 
Rather, known required quant i t ies  were presented t o  the  p i l o t  on con- 
ventional instruments as  i s  shown i n  f igure 2. Primary control quan- 
t i t i e s  were angle of attack, angle of sideslip,  angle of bank, a l t i tude ,  
and velocity. No vernier rockets were used f o r  control of f i n a l  velocity, 
but a sensit ive presentation of the  f i n a l  thousand f e e t  per second proved 
useful f o r  indicating when t o  cut off thrus t .  Other useful  quant i t ies  
were pi tch a t t i tude ,  pi tch and yaw program errors ,  and remaining burning 
time. A stage warning l igh t  was useful, especially f o r  controlling 
vehicles with unstable aerodynamics. A card of the desired a t t i tude-  
a l t i t ude  provided a l te rna te  guidance. 
RESULTS AND DISCUSSION 
Figure 3 shows a typica l  pi loted launch from the fixed-base Step I 
simulation. The performance quant i t ies  a re  shown i n  the upper half  of 
the figure,  and the control quant i t ies  a re  shown i n  the lower ha l f .  The 
.p control task was i n i t i a t e d  20 seconds a f t e r  ground launch with the 
vehicle a t  an i n i t i a l  angle of 8 7 O .  I n  order t o  accelerate the 9,000- 
pound gl ider  t o  the desired end conditions of about h = 250,000 f e e t  
and V = 19,000 ft /sec,  two stages of about 3g each were required. 
*( 
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Typical mass and aeroQnamic characteristics for the finned vehicle 
were assumed. For this launch the vehicle longitudinal stability was 
statically stable for the first sta!ge and unstable for the second stage; 
however, several levels of stability - both stable and unstable - were 
q 
investigated. Representative characteristics for the lateral and direc- 
tional modes were assumed, but primary emphasis was placed on the longi- 
tudinal modes of motion. Titan ( ~ o t  J) missile weight and inertia 
characteristics were used (table I), as were the Titan nozzle-deflection 
and rate limitations. 
For primary guidance, flight-path error was presented to the pilot. 
This error was controlled by controlling angle of attack through nozzle 
angle. Shown also in figure 3 is the vehicle first-stage structural 
limit of aq = 3,750 considered during the study. Only small values 
of a were required to correct flight-path error during the first stage, 
but considerably higher values were required during the second stage 
where aerodynamic lift was small. Of interest also was the absence of 8 
disturbances during staging where a limit of aq = 350 was used. 
Reference 1 has also shown that a control problem could exist at 
staging for vehicles of this type. Figure 4 orients the assumed Dyna- - 
Soar vehicle aerodynamic characteristics in pitch relative to previous 
investigations. The crosshatched region shows the scope of previous 
investigations of static stability and damping. Included is the piloted 
controllability limit for zero-time thrust delay between stages. 
Indicated are points investigated in considerable detail under the 
acceleration environment during the Flight Research Center's centrifuge 
program and the two levels of damping at which the piloting controllability 
limits were verified during closed-loop centri'fuge operation. Shown also 
in figure 4 are the first- and second-stage Dyna-Soar longitudinal aero- 
dynamic characteristics representing the basic unaugmented configuration. 
The Dyna-Soar vehicle appears to be easily controllable, but lightly 
damped. With reference to figure 3, which illustrates the control task 
with the basic configuration, it can be seen that the control motions 
are characterized by small precisely timed inputs. The pilots comnented 
that even stable static stability is not appreciated without damping. 
For staging, the "f ire-in-the-hole" technique (or firing of the 
second stage before separation of the first stage) proposed for the 
Dyna-Soar vehicle proved very beneficial during thrust delays, but 
second-stage unstable aerodynamics can result in a control problem if 
staging occurs at an cngle of attack. 
Figure 5 shows the results of an investigation of the control of 8 
the second stage of the Dyna-Soar vehicle. Shown is the ratio of angle- 
of-attack excursions to the staging angle of attack for various levels 
of second-stage instability. These data indicated that for the basic 
level of instability (w,2 = -2 2/sec2), an excursion in a of C1 
+ approximately 2.5O can be expected f o r  each degree of staging angle of 
attack. Staging up t o  about 1 . 5 O  could be tolerated t o  r e s t r i c t  the a 
excursions t o  the assumed aq l i m i t .  However, it was re la t ive ly  easy 
t o  control staging angle of a t tack t o  low values. 
s 
In order t o  determine the e f fec t  of vehicle aerodynamic characteris- 
t i c s  on the p i l o t ' s  performance, launches were made at  several levels  of 
vehicle s t a b i l i t y  and damping. The performance of one p i l o t  i s  summarized 
i n  figurk 6, which shows a typica l  launch a s  a function of velocity and 
a l t i tude .  Also indicated i n  t h i s  f igure i s  the  spread i n  a l t i t ude  and 
velocity a t  f i r s t  staging and a lso  a t  the f i n a l  cutoff velocity of 
19,000 f t / sec .  Shown i n  the l e f t  inset  i s  a typica l  s e t  of second-stage 
end veloci t ies  and a l t i tudes  f o r  the basic vehicle and two other leve ls  
of vehicle s t a b i l i t y  and damping. No variat ion i n  performance with 
s t a b i l i t y  or damping w a s  indicated. However, it was indicated tha t  the  
p i lo t  can control the f i n a l  velocity and a l t i t ude  f o r  t h i s  mission with 
the simple presentation used t o  within about 20 t o  30 f t / sec  i n  velocity 
and 3,000 t o  4,000 fee t  i n  a l t i tude .  
a 
The a b i l i t y  of the p i lo t  t o  adjust  t o  more demanding control tasks 
during the launch was investigated by unexpectedly f a i l i n g  augmentation 
loops and guidance during the launch. The r e su l t s  of these simulated 
emergencies a re  shown i n  the other inse ts  a s  f i n a l  incremental a l t i t ude  
and velocity about the desired quantity. It can be seen i n  f igure 6 
tha t  the p i lo t  has the capabili ty of performing t h i s  launch control task 
even with limited presentation. 
A heading change has been proposed during the Dyna-Soar launch t o  
avoid dropping the f i r s t - s tage  booster i n  a r e s t r i c t ed  area. To determine 
the e f fec t  t h a t  t h i s  more complex p i lo t ing  task might have on the  p i l o t ' s  
performance, heading changes of lo0 and 20° were made during the second 
stage. 
A comparison of the p i l o t ' s  performance with and without the heading- 
change task i s  shown i n  f igure 7. Also shown i s  the  variat ion i n  a l t i t ude  
and velocity f o r  the two tasks.  It i s  apparent t h a t  the  addition of 
heading-change task had l i t t l e  e f fec t  on the a b i l i t y  of the p i l o t  t o  con- 
t r o l  the vehicle burnout a l t i t ude  and velocity. Figure 8 shows the e f fec t  
of pi lot ing er rors  i n  velocity and heading a t  burnout on the range capa- 
b i l i t y  of the l i f t i n g  gl ider .  The crosshatched region shows the range 
resul t ing from errors  i n  velocity of 50 f t / sec  and i n  heading of 2'. 
It can be seen tha t  the expected p i lo t ing  er rors  a re  insignificant com- 
pared t o  the maneuvering envelope of the vehicle f o r  the 19,000 f t / sec  
mission. 
& 
Since the North American X-15 i s  a rocket-powered vehicle and i s  
designed t o  be pi loted t o  250,000 fee t ,  a br ief  comparison w i l l  be 
drawn between the pi lot ing requirements f o r  the  X-15 design a l t i t ude  
a 
B 
mission and the pi loted Dyna-Soar' launch. Typical Launches a re  compared 
i n  f igure 9. Shown i n  t h i s  f igure  a re  the longitudinal acceleration, 
velocity, a l t i tude ,  angle of attack', and p i l o t  ' s control position. 
The launch acce erat ions during boost a re  qui te  similar and the 5 pi lo t ing  tasks a r e  suni lar  once the X-15 i s  rotated t o  the proper 
a t t i t ude  angle of 31°. The X-15 launch requires constant pi tch a t t i t ude  
t o  burnout, whereas the Dyna-Soar ideal ly  requires constant angle of 
a t tack  ( zero). 
Pi lot ing the X-15 during the launch would serve t o  delineate the I 
pi lo t ing  problems of the 'Dyna-Soar vehicle. Based on simulator investi-  1 
gations of the control task and of the e f f ec t s  of acceleration environ- 1 C
ments, both control tasks appear t o  be well within the capabili ty of the c 
human p i l o t .  4 
* 
CONC WDING * REMP;RKS 
td 
In summary, it appears tha t  the human p i l o t  i s  capable of control- 
l i ng  the launch of the unaugmented Dyna-Soar vehicle. The launch accel- 
erat ion environment anticipated w i l l  have a negligible e f fec t  on the 
performance of the p i l o t .  With augmented damping, some negative s tab i l -  
i t y  could be controlled by the p i l o t .  With only rudimentary presentation, 
the p i lo t  can control the vehicle t o  within acceptable l imi ts  of the 
desired velocity and a l t i tude .  The inclusion of the turn task had 
l i t t l e  e f fec t  on the p i l o t ' s  control of f i n a l  a l t i t ude  and velocity. 
A s  the  primary controller of the launch, it i s  believed that the p i lo t  
can add materially t o  the r e l i a b i l i t y  and f l e x i b i l i t y  of the launch 
maneuver. 
REFERENCE 
1. Holleman, Euclid C., Armstrong, Neil A . ,  and Andrews, William H.: 
Ut i l iza t ion  of the P i lo t  i n  the Launch and Injection of a btulti- 
stage Orbi tal  Vehicle. Paper No. 60-16, Ins t .  Aero. Sci., 
Jan. 25-27, 1960. 
TABU 1.- TITAN MISSIU CHARACTERISTICS 
Stage I ( a t  launch): 
. . . . . . . . . . . . . . . . . . . . . . . .  Weight. lb 232. 400 
. . . . . . . . . . . . . . . . .  Thrust a t  sea level. l b  300. 000 
. . . . . . . . . . . . . . . . . . . . . . .  Iy. slug-ft2 3.310. 000 
Controlarm. f t  . . . . . . . . . . . . . . . . . . . . .  42 
Burning time. set.................... 138 5 
Stage 11: 
. . . . . . . . . . . . . . . . . . . . . . . .  Weight. lb 54. 500 
~ h r u s t .  ~b . . . . . . . . . . . . . . . . . . . . . . . .  80. 000 
Iy. slug-ft2 . . . . . . . . . . . . . . . . . . . . . . .  221. 000 
Control a r m .  f t  . . . . . . . . . . . . . . . . . . . . .  21 
. . . . . . . . . . . . . . . . . . . . . . .  Burning time. 157 5 
Glider : 
. . . . . . . . . . . . . . . . . . . . . . . .  Weight. l b  
. . . . . . . . . . . . . . . . . . . . .  Wing area. sq f t  
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PILOT FACTORS INFLUENCIJYG DYNA-SOAR GLIDER DESIGN 
By Robert L. Campbell and Herbert G. Shepler 
Boeing Airplane Company 
I 
INTRODUCTION 
One of t he  object ives  of t he  Dyna-Soar program i s  p i lo ted  explora- 
t i o n  of the  hypersonic reen t ry  regime. From an engineering standpoint, 
t he  end r e s u l t s  of p i lo ted  Dyna-Soar f l i g h t  a r e  a weight and volume 
increase over t h a t  which would be required f o r  nonpiloted f l i g h t .  The 
weight and volume requirements f o r  p i lo ted  f l i g h t  a r e  compensated f o r  
primarily i n  two ways: 
(1) The increase i n  mission r e l i a b i l i t y  due t o  para l l e l ing  p i l o t  
and equipment functions and 
(2)  The very important, but  nonquant i t a t i v e ,  aspects dealing with 
assessment of s i tua t ions ,  a l t e rna t i ve  react ion capabi l i ty ,  
and reasoning capab i l i ty  beyond t h a t  of any known machine. 
DISCUSSION 
Some of the  fac tors  which influence t h e  design of the  Dyna-Soar 
reen t ry  g l i de r  due t o  p i lo ted  f l i g h t  a r e  breathable atmosphere, protec- 
t i v e  devices and survival  equipment, v is ion requirements, heat-sink 
temperature, temperature tolerance,  g tolerance,  and design margins. 
A l l  of these  f ac to r s  ex i s t  f o r  present p i lo ted  vehicles; however, each 
represents  specia l  design considerations due t o  the  environments of 
the  Dyna-Soar vehicle.  The atmosphere f o r  breathing must be ca r r ied  
wi thin  t he  g l i de r  since t he  f l i g h t  a l t i t u d e s  a r e  above those where out- 
s ide  a i r  can be used. High accelera t ions  create  t h e  need f o r  protect ive  
devices. Survival equipment i s  needed f o r  emergency conditions, pa r t i c -  
u l a r l y  water landings. Direct-vision capab i l i ty  creates  a problem i n  
t he  use of high-temperature transparent  materials .  Heat-sink tempera- 
t u r e  and temperature to lerances  a r e  important from a weight-saving stand- 
point .  In  general,  design margins a re  increased over those which would 
be used f o r  unmanned f l i g h t .  Some of these  a r e  t h e  1.4 f ac to r  (1.25 f o r  
& 
unmanned vehicles)  applied t o  t he  booster s t ruc ture  and t he  10 percent 
reserve capacity f o r  a l l  expendables. 
There has been much discussion of t h e  Dyna-Soar p i l o t ' s  functions 
and u t i l i z a t i o n .  This paper presents some of the  measures taken t o  
provide t he  capab i l i ty  t o  perform thoge functions and a review of some 
of t he  t e s t s  conducted t o  ve r i fy  t he  adequacy of t he  provisions f o r  t he  
p i l o t .  
Figure 1 i s  a sketch of t h a t  por t ion of t he  Dyna-Soar vehicle which 
i s  spec i f i c a l l y  concerned with t he  p i l o t .  The g l i de r  height and width 
i n  t h i s  a rea  a r e  determined by t he  requirements f o r  t he  p i l o t .  The 
cockpit volume i s  based on a 75 percen t i l e  man ( t h i s  would be a man 
70.7 inches t a l l ) .  The weight associated with t he  p i l o t  and h i s  vent i -  L 
l a t ed  pressure s u i t  i s  194 pounds (162 f o r  t h e  man and 32 f o r  t h e  s u i t ) .  1 
No assessment has been made i n  t h i s  paper f o r  s t r u c t u r a l  weight due t o  1 
pi lo ted  f l i g h t  because it has been assumed t h a t  t h i s  compartment would 2 
be used f o r  addi t ional  payload equipment f o r  unmanned f l i g h t s .  Cooling 5 
provisions f o r  equipment i n  unmanned f l i g h t  would be provided from the  
environmental control  system provided f o r  t h e  a f t  equipment bay. The B 
automatic landing system i s  shown a s  a reference weight f o r  unmanned 
f l i g h t .  
The requirement f o r  a breathable atmosphere i s  not unique t o  t he  
Dyna-Soar vehicle.  Submarines and high-al t i tude balloons have had t o  
carry  t he  atmosphere f o r  breathing.  Weight t rade  s tudies  have resu l ted  
i n  providing t he  breathable atmosphere f o r  t h e  Dyna-Soar g l i de r  through 
the  storage of a cryogenic ( l i qu id )  mixture of oxygen and nitrogen which 
i s  the  f i r s t  appl icat ion of t h i s  technique. Results  of t e s t s  (unpublished) 
have shown t h a t  removal of the  mixture from the  storage container a s  a 
l i qu id  and then vaporized maintains a constant p a r t i a l  pressure of oxygen 
i n  the  discharge. Where the  mixture i s  taken off  t h e  top a s  a vapor, 
t h e  discharge i s  f i r s t  nitrogen r i c h  and then becomes oxygen r i c h  a s  the  
quanti ty i n  t he  tank decreases with time. 
An emergency atmosphere i s  provided f o r  t he  p i l o t  i n  t he  event of 
malfunction of the  normal supply. The supply i s  su f f i c i en t  t o  cover 
the  longest time period f o r  escape which occurs a t  t h e  end of the  
second-stage boost. After  landing, the re  i s  su f f i c i en t  emergency atmos- 
phere f o r  a 72-hour breathihg demand. 
The survival  k i t  includes those items necessary f o r  a 72-hour period 
a f t e r  landing i n  t he  emergency mode. Other items shown i n  f igure  1 a r e  
the  sonic insula t ion,  instrument panel, windows, and communications and 
e lec t ron ic  equipment. Some of t h i s  equipment i s  discussed subsequently. 
P i lo ted  f l i g h t  has always created the  need f o r  escape; t he  Dyna- 
Soar reentry  g l i de r  i s  no exception. Figure 2 shows a few of t he  con- 
s iderat ions  leading up t o  the  se lec t ion  of t he  Dyna-Soar escape system. 
This f igure  indicates  how the  weight var ies  with p i l o t  sa fe ty  when 
several  types of escape systems a r e  considered. It can be seen t h a t  t he  
weight increases sharply with increased p i l o t  s a f e ty  systems. The selec- 
t i o n  of t he  forward sect ion of t he  yehicle a s  t he  escape system was 
based upon maximum p i l o t  s a f e ty  throughout t h e  complete f l i g h t  regime. 
The p a r t s  of t he  f l i g h t  regime of i n t e r e s t  f o r  escape system design and 
se lec t ion  a r e  o f f  t he  launch pad, t he  high q region of boost, the  end 
of boost, during weightless f l i g h t ,  during reentry ,  and t he  landing 
phase. Escape from anywhere i n  t h e  f l i g h t  p r o f i l e  d ic ta ted  t he  se lec-  
t i o n  of t h e  system. However sens i t ive  the  subject  of p i l o t  losses  may 
be, the re  always remains t he  engineering t rade  between vehicle perform- 
ance a s  affected by weight and t he  degree of p i l o t  sa fe ty  afforded. A s  
long a s  requirements e x i s t  f o r  escape throughout t he  complete p ro f i l e ,  
o r  even throughout t he  complete boost p r o f i l e  o r  t he  reen t ry  mode, t h e  
escape system appears t o  be somewhat complex and heavy. It i s  d i f f i c u l t  
t o  generate spec i f i c  numbers of losses  per thousand missions without the  
bene f i t  of many ac tua l  f l i g h t s .  Data such a s  these  a r e  used t o  estab- 
l i s h  t rends  upon which design decisions can be based. 
The weight of t h e  equipment provided t o  accomplish escape i s  pre- 
sented i n  t h e  following tab le :  
0 
. . . . . .  capsule t r im surface, l b  t. . . . . . . . . . . . . . .  86 
Capsule parachute, l b  . . . . . . . . . . . . . . . . . . . . . .  196 
Escape rocket and separation provisions, l b  . . . . . . . . . . .  222 
Capsule reac t ion  control  system, l b  . . . . . . . . . . . . . . .  138 
Battery, inver te r ,  e t c . ,  l b  . . . . . . . . . . . . . . . . . . .  60 
E l e c t r o n i c a p p a r a t u s , l b .  . . . . . . . . . . . . . . . . . . . .  27 
The capsule t r i m  surfaces a s s i s t  i n  producing the  proper angle of a t t a ck  
a f t e r  capsule separation. Both a decelera t ion parachute and a c lu s t e r  
of th ree  recovery parachutes a r e  used. The escape rocket appl ies  a 
25,000-pound th rus t  f o r  1 second t o  t he  capsule a f t e r  separation.  ,The 
react ion control  system can be used f o r  capsule o r ien ta t ion  f o r  reentry,  
f o r  s t a b i l i t y  augmentation, and f o r  maintaining proper a t t i t u d e  i n  con- 
junction with the  t r i m  surfaces.  The ba t t e ry  and other  e lec t ron ic  and 
e l e c t r i c a l  equipment supply power and control  during emergency conditions. 
These items t o t a l  729 pounds. 
Figure 3 shows a p a r t i a l  inboard p r o f i l e  wherein the  escape provi- 
s ions  have been combined with t he  equipment provided f o r  normal f l i g h t  
t o  give a t o t a l  weight of about 1,400 pounds due t o  p i l o t ed  f l i g h t .  
This t o t a l  weight i s  about e igh t  times g rea te r  than t he  weight of t he  
p i l o t  alone. The normal-cooling-system weight i s  l e s s  than t h e  emergency- 
cooling-system weight because t he  emergency cooling system must cool 
those e lec t ron ic  devices necessary f o r  p i l o t  escape, whereas t h e  normal 
cooling system i s  only chargeable t o  p i l o t  cooling. 
Protective devices which are  peculiar t o  the p i lo t  include the .I 
seat and r e s t r a in t  devices, the vent i la ted pressure su i t ,  and the sonic 
insulat ion covering the inside surfape of the capsule walls. It has 
been estimated tha t  the noise l eve l  inside the p i l o t ' s  compartment may 
be a s  high as  140 decibels during boost. The helmet w i l l  reduce t h i s  
leve l  by a minimum of 20 decibels. The allowable l eve l  i s  about 
135 decibels f o r  10 seconds. One of the ear ly  tasks w i l l  be t o  obtain 
more def in i t ive  data on noise levels  through t e s t s .  The p i l o t ' s  seat 
i s  positioned forward during the boost phase and 10' back during 
f ree  f l i g h t .  The peak acceleration during the Titan-Centaur boost i s  
about 7g and i s  reached about 3 minutes a f t e r  take-off. The p i lo t  can I 
e a s i ly  withstand the boost-acceleration profi le .  1 
1 
The design of the Dyna-Soar gl ider  i s  not affected by solar  radia- L ,-
t ion .  Ultraviolet  rays are  absorbed strongly by the glass  i n  the side I: 
windows. Visible l i gh t  w i l l  be handled by sui table  diffusers .  The 
planned apogee (300 nautical miles) i s  well below the strong Van Allen 
. P 
radiat ion b e l t .  The gl ider  w i l l  experience a maximum of about 100 m i l l i -  
roentgens per week. The allowable value established by the Atomic Energy 
Commission i s  about 300 milliroentgens per week. The principal, hazard 
of the nuclei par t ic les  i s  when they s t ab i l i ze  by suddenly giving off 
i- 
t h e i r  energy i n  a smal4 amount of t i ssue ,  which creates an intense 
ionization f o r  1 or  2 centimeters of t i ssue  depth. The probabili ty of 
h i t s  by such par t ic les  i s  extremely low fo r  the Dyna-Soar mission. 
The extreme temperature environment encountered during the reentry 
phase d ic ta tes  the requirements fo r  cooling systems fo r  both the p i lo t  
and equipment. One of the most important parameters i n  environmental 
control systems i s  the temperature t o  which heat i s  transferred which 
i s  called the  heat-sink temperature. It i s  axiomatic t o  environmental- 
control engineers tha t  the weight cost fo r  cooling systems decreases as 
the heat-sink temperature i s  raised. Thus, it i s  possible t o  get  a 
150' I? heat-sink-temperature cooling system f o r  l e s s  weight than a 0' F 
heat-sink-temperature cooling system f o r  the same heat re ject ion.  The 
curve on the left-hand side of f igure 4 shows t h i s  trend of decreasing 
cooling-system weight as  heat-sink temperature f o r  equipment i s  increased. 
The curve presented i s  not f o r  one par t icu lar  cooling system but may 
represent several systems a t  different  par t s  of the curve. On the r ight-  
hand side of f igure 4 are  shown the temperature l imitat ions f o r  man a s  a 
function of time. It can be seen tha t ,  as the effect ive temperature 
surrounding the p i l o t  i s  increased, the time duration of h i s  tolerance 
t o  t h i s  temperature decreases. The effect ive temperature includes the 
e f f ec t s  of wall radiant temperature and ambient gas temperature! The 
curves f o r  man are  plot ted fo r  specif ic  values of humidity and pressure 
and would s h i f t  as  these parameters change. The s ignif icant  feature of 4 
these curves i s  t ha t  the weight penalty f o r  cooling the man may be 
higher on a long time basis  than tha t  fo r  equipment but man can stand 
higher temperatures f o r  short time periods than most electronic equipment. %" 
For the ma-Soar  gl ider ,  t h i s  feature i s  very important since water 
i s  used as a heat sink. During the l a t e r  stages of the reentry a t  low 
a l t i tude ,  the heat-sink temperaturearises and the equipment temperature 
r i s e s  accordingly. It i s  necessary t o  shut off the equipment a t  touch- 
down i n  order t o  prevent overheating of the equipment. The p i l o t  
experiences the same heat-sink-temperature r i s e  but h i s  capabi l i ty  f o r  
withstanding high temperatures f o r  short time periods allows fo r  a 
system design which does not require extra provisions or  special  opera- 
t i ona l  techniques. 
Some of the t e s t  work which ass i s ted  i n  the design of the Dyna- 
Soar vehicle fo r  pi loted f l i g h t  included vision capability, reaction- 
control simulation, cockpit-characteristics simulation, and centrifuge 
t e s t s  simulating the boost phase of f l i gh t .  
Vision i s  one of the ground ru les  f o r  pi loted f l i g h t .  The degree 
and type of vision provided w i l l  vary with the mission requirements, 
but a l l  w i l l  agree tha t  d i rec t  vision i s  the best  way t o  do the job. 
Since the weight per square foot of window i s  about f ive  times the 
weight per square foot of capsule wall, it i s  necessary i n  the design 
stages t o  make careful trades between window area and p i lo t  vision 
requirements. The forward window on the vehicle i s  covered during most 
of the reentry because the materials cannot withstand the temperatures. 
The side windows are  not subjected t o  as high temperatures and are  not 
covered. Figure 5 shows a North American F-86 airplane used i n  checking 
out the capabili ty of the p i lo t  t o  use the s ide and forward windows 
of the Dyna-Soar vehicle. The canopy was covered over except f o r  the 
portions simulating the  windows on the Dyna-Soar vehicle. The p i l o t  
was positioned i n  the cockpit with respect t o  these windows a s  he would 
be i n  the Dyna-Soar cockpit. This was one of the ways i n  which d i rec t  
p i lo t  contact with proposed designs was used t o  select  a configuration. 
Figure 6 shows the a l t i t ude  and ground t rack of the vehicle during a 
360° landing approach. This i s  just  one of several landing techniques 
being evaluated. This par t icu lar  pattern is  more c r i t i c a l  f o r  sizing 
the side window than others and was used t o  s i ze  the  present s ide windows. 
Present e f fo r t s  have been directed toward increasing side-vision capa- 
b i l i t y  along with a reduction i n  the weight of the window. 
The centrifuge a t  Johnsville, Pa,, was used extensively t o  check 
the p i l o t ' s  capabi l i ty  t o  withstand the accelerations experienced duri-fig 
the boost phase of the Dyna-Soar f l i g h t .  There a re  two major d i f fe r -  
ences between pi loted f l i g h t  i n  the  Dyna-Soar gl ider  and i n  other a i r -  
c raf t .  These differences are  the operation i n  a high-acceleration f i e l d  
and the high degree of accuracy required i n  controll ing pitch of the 
vehicle during boost i n  order t o  establ ish a successful orb i t .  
Figure 7 shows a comparison between the theore t ica l  boost accelera- 
t i o n  of a four-stage solid-propellant ICBM booster, which consisted of 
c lus ters  of the Minuteman booster, and the capabi l i ty  of the centrifuge. 
It can be seen tha t  the maximum acceleration at ta ined was'about 8g a t  
the end of the second-stage boost. ,The t o t a l  boost period was about 
300 seconds, 60 seconds of which were a coast period between the third-  
and fourth-stage boost. Later developments i n  the Dyna-Soar program 
resulted i n  the consideration of e i the r  the Atlas-Centaur o r  the Titan- 
Centaur booster i n  place of the clustered Minuteman booster. The boost- 
prof i le  accelerations f o r  the Titan-Centaur are  shown f o r  comparative 
purposes. It can be seen t h a t  selection of t h i s  booster would r e su l t  
i n  lower magnitudes of accelerations but a longer duration of boost. 
The maximum value of acceleration would be about 7g and the t o t a l  boost 
period would be about 500 seconds. Either of the boost prof i les  shown 
would be well within the tolerance l i m i t s  f o r  a p i lo t .  Onset accelera- 
t ions a re  also within human tolerances. 
Four p i lo t s  were used i n  a t o t a l  of 100 runs i n  the centrifuge. 
The cockpit was f i t t e d  with a proper seat and a three-axis side-stick 
controller developed fo r  the gl ider .  Variables were wind shear, accel- 
eration, and uneven stage termination. The tracking task was a closed- 
loop simulation of the vehicle dynamics. Figure 8 shows the r e su l t  of 
a tracking exercise on the centrifuge. The four-stage boost prof i le  
was used. The ID-249 A/AW cross point indicator was used by the p i lo t  
t o  attempt t o  follow the theore t ica l  boost prof i le  shown. Tolerances 
on h i s  track were the lower l i m i t s  of gl ider  capabili ty and the upper 
l i m i t  which was the recovery ceil ing. Approximately 12 t o  14 runs had 
t o  be made by each p i lo t  before h i s  proficiency was up t o  tha t  indicated 
by t h i s  curve which was representative of the runs being made a f t e r  
20 t r i a l s .  The run was considered a success if a t  the end of boost the 
p i l o t ' s  track equaled the theore t ica l  t rack which establishes successful 
o rb i t  a t  the a l t i t ude  and speed shown. 
Another simulator was used t o  obtain p i l o t  reactions t o  other 
portions of the mission prof i le .  This was a six-degree-of-freedom 
cockpit character is t ics  simulator which was used f o r  simulating orb i t ,  
reentry,  and glide t o  Mach 1.5 f l i g h t .  Some of the cockpit instruments 
used were the side-stick controller and indicators f o r  horizontal  and 
ve r t i ca l  s i tuat ion,  range-to-go, i n e r t i a l  a l t i t ude  and velocity, and 
vehicle temperatur.e . 
A reaction control simulator was constructed t o  check out various 
methods of controll ing the vehicle during o r b i t a l  f l i g h t .  Figure 9 
i s  a photograph of t h i s  simulator which u t i l i zed  a large a i r  bearing 
fo r  almost f r i c t ion les s  support. Small nozzles located on the extremi- 
t i e s  of the simulator discharged nitrogen gas t o  provide the thrust  
necessary t o  move the simulator. 
Most of the foregoing discussion has been directed toward those 
factors  which d i r ec t ly  influence the design of the Dyna-Soar vehicle 
due t o  p i lo ted  f l i g h t .  The p i l o t s  of ex i s t ing  f l i g h t  vehicles have 
added t o  t he  ove ra l l  r e l i a b i l i t y  of mission success and t he  Dyna-Soar 
i s  no exception. Figure 10 shows i p  a qua l i t a t i ve  manner t h a t  t he  
p i l o t  contributes s i gn i f i c an t l y  t o  t he  attainment of a successful  m i s -  
s ion.  The f igure  presents the  weight increase a s  a function of f a i l u r e s  
(abor ts)  per 1,000 missions. The p l o t  does not take i n t o  account t he  
boost phase of f l i g h t .  The sol id- l ine  curve includes various combina- 
t i ons  of t he  following systems : f l i g h t  control ,  guidance, secondary 
power, and environmental control .  A t  28 f a i l u r e s  per 1,000 missions, 
it has been assumed t h a t  the re  i s  no redundancy i n  these  systems. A s  
systems a r e  dualized, t he  weight increases wi th  an at tendant decrease 
i n  mission f a i l u r e s .  The so l id - l ine  curve assumes no e f f e c t  on mission 
success due t o  the  p i l o t .  The dashed-line curves show the  e f f e c t  on 
mission success when the  p i l o t  can a c t  t o  various degrees i n  p a r a l l e l  
with these  subsystems. The percentage f igures  ind ica te  t he  degree t o  
which the  p i l o t  is  i n  p a r a l l e l  with these  subsystems. The p i l o t  cannot 
a c t  completely i n  p a r a l l e l  with any of these  systems but  he does have a 
p a r t i a l  pa ra l l e l ing  capabil i ty.  Although a p i l o t  t a sk  and subsystem 
capabi l i ty  analysis  has not been made at  t h i s  time, it i s  f e l t  t h a t  the  
Dyna-Soar p i l o t  w i l l  be able  t o  contribute t o  increased mission success 
through proper in tegrat ion of man and machine. 
CONCLUDING RENARKS 
Some of t he  fac tors  which have influenced p i l o t ed  f l i g h t  of t he  
Dyna-Soar g l i de r  have been discussed. Because of t h e  design, the  p i l o t  
can contribute -to mission success and w i l l  not be adversely a f fec ted  
by the  mission p r o f i l e  environments. The attainment of t h e  Dyna-Soar 
goals cannot be met without man and t he  p r i ce  i n  weight i s  small com- 
pared with the  achievement of t he  Dyna-Soar system objectives.  
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SECONDARY POWER AND ENVIRO'NMENTAL CONTROL FOR DYNA-SOAR 
By Earl M. Donnen 
Boeing Airplane Company 
INTRODUCTION 
Secondary power is the term applied to all nonpropulsive power used 
on the Dyna-Soar flight vehicle. It includes electrical power needed 
for electrical and electronic equipment, power for moving aerodynamic 
control surfaces while the vehicle is within the atmosphere, and power 
for attitude control while the vehicle is at altitudes where aerodynamic 
control surfaces are ineffective. The term environmental control is 
applied to the provision of properly controlled cooling, heating, pres- 
surization, and atmosphere necessary for the efficient operation of the 
pilot and the airborne equipment. This discussion will be limited to 
secondary power and environmental control as applied to (1) the glider 
portion of the airborne vehicle, and (2) the normal systems as con- 
trasted to emergency systems. 
SYMBOLS 
I ~ P  specific impulse, sec 
P1 pressure upstream of nozzle, lb/sq in. 
p2 pressure at nozzle exhaust, lb/sq in. 
Y ratio of specific heats 
SFC specific fuel consumption, lb fuel/lb thrustlhr 
TI ... Tg local temperature, ?F 
SECONDARY POWER 
The selection of the main power source is of primary interest in 
secondary power. Since all energy must be carried aboard the vehicle, 
weight and volume requirements must be considered on the basis of total 
energy requirements for the design missions as well as peak-load and 
transient-load requirements. A total'power requirement of 35 horsepower 
hours is typical of a 2-hour Dyna-Soar flight. Peak horsepower require- 
ments for aerodynamic controls might be as high as 16 horsepower, and 
electrical requirements as high as 9 kilowatts at various times during 
the flight. The peak hydraulic loads will occur during the reentry 
phase, and the highest electrical loads are expected prior to reentry. 
The types of power sources considered for Dyna-Soar Mere: (1) open- 
cycle propellant prime movers, (2) batteries, (3) solar cells, (4) fuel 
cells, (5) thermionic devices, (6) thermoelectric devices, and (7) 
nuclear devices. Only the open-cycle propellant prime mover (usually 
termed an accessory power unit, or APU, when associated with its driven 
equipment) and batteries of various types were found to be applicable to 
the Dyna-Soar missions and time scale. 
A typical monopropellant APU system is shown in f m e  1. Here, 
two hydrazine-fueled prime movers, usually turbines, each drive an a-c 
generator, a hydraulic pump, a fuel pump, and a cooling-system blower. 
Only one APU is loaded. The other is run at no-load as a standby unit. 
Thus, a-c electrical power is provided directly from the generator, d-c 
power being furnished through a transformer rectifier unit. In this 
particular representation, dual prime movers are supplied from a single 
fuel system. This same system supplies fuel for the reaction-control 
gas generator. System integration is represented by the use of the 
turbine exhaust heat to keep the reaction-control gas generator heated, 
and use of the fuel as heat sink for part of the hydraulic-system 
cooling load. Water heat exchangers cool the gas from the blower before 
it is distributed to cool the electronic equipment as well as to remove 
that hydraulic oil heat which is above the heat-sink capacity of the 
hydrazine. 
A battery system for Dyna-Soar is not illustrated. However, in a 
typical system, a multiple-cell battery supplies d-c power directly to 
the equipment and a-c power through a static inverter. Hydraulic-pump 
and cooling-blower power is provided by electric motors. Power for the 
reaction controls must be provided from a separate system. 
The results of a weight-trade study of battery and hydrazine APU 
systems are shown in figure 2. The effect of mission duration on the 
two systems for the given power level is very apparent. For mission 
times greater than approximately 30 minutes, the APU system offers a 
significant weight advantage, even when dual APU prime movers are com- 
pared with a single battery. The basic weight, or 100 percent point, is 
that for a dual APU system on a 2-hour flight. For the s m e  flight, 
the battery system is approximately 140 percent of the hydrazine APU 
system weight. Additional significance of the weight-time difference 
is realized when the design objective of a &-hour flight is considered. 
At this point the battery system is over 200 percent of the hydrazine 
system weight. For this particular illustration, two-stage turbines, 
each with a specific fuel consmptio~ of 5.0 lb/hp/hr, and a second- 
ary type, silver-oxide-zinc battery rated at 22 lb/kw-hr (including 
case and mounting provisions) were used. These values are considered 
to be representative of equipment which will meet performance, timing, 
and reliability requirements for Dyna-Soar. The selection of these 
systems was based on battery and APU investigations which will not be 
discussed here. 
In general, the lower the specific fuel consumption of an APU sys- 
tem, the lower the system weight. For that reason alone, a hydrogen- 
oxygen bipropellant APU system deserves special consideration. Because 
of the much higher energy content of the hydrogen-oxygen fuel, the 
specific fuel consumption obtainable may be 30 to 40 percent of that 
for hydrazine. In addition, if liquid or very cold hydrogen is used, 
its heat-sink capability (approximately 2,000 ~tu/lb) may be used rather 
than that of water to absorb waste heat from the power-generating and 
power-using equipment, as well as aerodynamic heat. A typical system 
using cold hydrogen and oxygen is illustrated in figure 3. This system 
is very similar to the hydrazine-fueled system; the main differences 
are the use of bipropellants instead of a monopropellant, the replace- 
ment of water heat, exchangers with hydrogen heat exchangers, and the 
control of fuel flow to satisfy both power and cooling demands. ,This 
last difference will require careful system analysis and design to 
prevent interacting effects between the power and cooling control loops. 
The largest drawback to the use of liquid hydrogen is the large 
heavy tank required because of the low-density extremely cold fluid 
involved. A development holding much promise for lighter weight and 
simpler storage is the storage of hydrogen in insulated thin-wall tanks 
at pressures above critical pressure and at temperatures initially 
below critical temperature. A vacuum-jacketed Dewar type tank is not 
required. The hydrogen temperature is increased by heat transfer into 
the storage tank from ambient air and/or by the controlled addition of 
heat from electric heaters. The heat input is so controlled that, as 
fluid is withdrawn, the remaining hydrogen is maintained at a constant 
pressure. The critical pressure of hydrogen is about 13 atmospheres. 
Therefore, to be conservative, the hydrogen is stored well above criti- 
cal pressure at approximately 20 atmospheres (300 lb/sq in. abs) . 
Theoretically, the fluid, which can be called "supercritical," stays 
as a homogeneous material and will have no liquid-vapor interface. A 
small fan might be used within the tank to handle any temperature 
stratification. Thus, the fluid should be expellable in a predictable 
ha, and consistent condition. Not only does this type of tankage allow 
controlled expulsion of the flu dense storage as well. A tank 
volume not much greater than th red for liquid storage should 
r e s u l t .  This system should be almost as simple as a high-pressure 
ambient-temperature gaseous storage system and be just  as controllable. 
I n  addition, the system has a heat-stnk capabili ty almost as great  as 
tha t  f o r  l iquid storage but does not have the complexity of a helium 
pressurizing medium and/or a pump system. 
A weight comparison of the hydrogen-oxygen system, using super- 
c r i t i c a l  storage, and the hydrazine system indicates tha t ,  f o r  a 2-hour 
typica l  mission, weight savings of approximately 180 pounds can be 
achieved when the savings i n  the secondary power system and i n  the equip- 
ment cooling system are  considered. The crew compartment cooling sys- 
tem i s  not included. Although the oxygen i s  required only f o r  power L 
generation, if it is stored as a l iquid  or  i n  a "supercrit ical" s t a t e ,  1 
some heat-sink capacity i s  provided. This heat-sink capabili ty i s  1 
re l a t ive ly  s m a l l ,  however, and has not been considered i n  the weight 2 
comparison given. 6 
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ENVIRONMENTAZt CONTROL 
The two main considerations f o r  environmental control a re  the p i l o t  
and the equipment. The p i l o t  must be provided with a breathable atmos- 
phere controlled t o  pressures and temperatures which w i l l  allow him t o  
perform ef f ic ien t ly .  No l e s s  important i s  the provision of a pres- 
surized atmosphere and a temperature-controlled environment f o r  the 
equipment - upon whose sa t i s fac tory  operation the p i l o t  and vehicle a re  
so dependent. 
In figure 4 is shown a block diagram of one approach t o  crew com- 
partment environmental control. It represents an atmosphere supply 
carr ied i n  vacuum-jacketed and insulated tanks a s  a mixture of l iquid 
oxygen and l iquid nitrogen. This mixture i s  i n  the r a t i o  of 40 percent 
oxygen and 60 percent nitrogen by weight. In  a t o t a l  pressure of 
7.35 pounds per square inch absolute (18,000 f e e t ) ,  the oxygen p a r t i a l  
pressure w i l l  be 2.6 pounds per square inch absolute (5,000 f e e t ) .  
This mixture i s  expelled from the tanks as a l iquid and i s  passed through 
cold-plate cooled electronic equipment where it cools the equipment and 
i s  changed t o  a gas i n  the process. The proper r a t i o  of oxygen and 
nitrogen i n  the gas is thils assured. A s  breathable atmosphere, it i s  
ducted through essent ia l ly  two loops - one i s  through the p i l o t ' s  
pressure or vent i la t ion suit and the other i s  through the cabin. The 
pressure s u i t  is  not required under normal system operation but i s  
included as a precaution against cabin decompression. A blower circu- 
l a t e s  the air through the equipment and around the compartment. A 
d 
water-boiler heat exchanger is in the circuit to remove heat. A back- 
pressure control on an overboard steam vent regulates the water boiling 
temperature. In addition, carbon dbxids and water absorbers are shown, 
since a very low leakage cabin is assumed. Most of the external heat 
is removed in the water-wall panels on the outside of the pressure shell. 
This provides a near isothermal boundary around the compartment. The 
water-wick wall panel is discussed more thoroughly in a subsequent 
section. 
In figure 5 is shown a block diagram of the equipment-compartment 
environmental control. Liquid nitrogen is vaporized to provide an atmoe- 
phere pressurized to 10 pounds per square inch gage in an open-cycie 
low-leakage rate system. One blower, driven by an APU, circulates the 
nitrogen through the equipment and around the compartment. The other 
blower is unloaded to reduce power consumption. The heat picked up 
from the equipment and that which enters through the exterior insula- 
tion is removed by a water-boiler heat exchanger. A combination of 
water-boiler and hydrazine heat exchanger is used to cool the hydraulic- 
syst.em oil as it returns from the control-surface actuators and before 
it enters the hydraulic pump. The water boiling temperature is regulated 
by a simple orifice in the overboard vent line; therefore, temperature 
actually varies somewhat with load on the boiler. An investigation of 
the equipment-compartment cylindrical pressure shell indicated little 
structural weight penalty in pressurizing to 30 pounds per square inch 
gage. However, 10 pounds per square inch gage is used as a favorable 
compromise of compartment leakage rate, blower power required, and 
cooling effectiveness. The use of hydrogen as a heat sink instead of 
water is an alternate approach for equipment cooling which was discussed 
in the section on secondary power. 
In order to determine the environmental control systems as illus- 
trated in figures 4 and 5, pilot and equipment requirements are deter- 
mined and system design approaches studied. For the pilot, the partial 
pressure of oxygen required, breathing requirements, pressure- or 
ventilation-suit requirements, allowable temperature range for ambient 
air and cabin wall surfaces, pressurization requirements, moSsture and 
carbon dioxide concentration limitations, and potential fire hazard 
are among the more important items to be determined. For the equipment, 
cooling, pressurization, and temperature range allowable are determined. 
In addition, an analysis to determine the air temperatures which will 
surround the crew and equipment compartments is made for the range of 
flight conditions contemplated. The temperature range and rate of 
change of temperature have considerable effect on the selection of the 
environmental control system and a par-bicularly significant effect on 
the thermal insulation needed for the compartments. 
The more important of the crew-compartment studies are studies of 
8 (1) system cycle, that is, open as compared with closed, (2) cryogenic 
ccctling as compared with cryogenic plus water cooling, (3) wall cooling L 
as compared with no wall cooling, (4) internal wall cooling as compared 
with external wall cooling, (5) cabin atmosphere and pressure, (6) crew.== 
compartment humidity, and (7) crew-compartment carbon dioxide. 
The determining factor in the selection of the type of cycle to be 
used for the crew-compartment environmental control system is the com- 
partment leakage rate. The minimum system weight for either open or 
closed system occurs at a leakage rate of 0.15 to 0.27 pounds per minute. 
At lower leakage rates, the controls required for humidity, carbon 
dioxide, and partial pressure of oxygen increase the weight. At higher 
leakage rates, the penalty is due to the greater atmosphere supply which L 
must be carried. 1 1 
The primary factors in the study of cryogenic cooling as compared 2 
with cryogenic and water cooling are leakage rates and heat load. Water 6 
has approximately five times the heat sink of an equal weight of oxygen 
*r 
and nitrogen mixture. The heat loads which can be carried by the cryo- 
genic mixture will depend on the flow rate to meet leakage requirements. 
A study of heat transfer through the cabin walls will determine 
the necessity of removing heat at the walls to keep the inside wall and 
compartment temperature at tolerable levels for the pilot and equipment. 
If wall cooling is necessary, several approaches can be used; for 
example, (1) cabin air can be circulated through wall panels and then 
through a water-boiler heat exchanger for cooling, (2) internally or 
externally located panels can be filled with water, or (3) water can 
be circulated through wall panels or tubing. Careful consideration 
particularly must be given not only to the heat-removing capability and 
weight, but also to the reliability. 
Cabin atmosphere and pressure level are determined primarily from 
consideration of human factors, structural weight, and fire hazard. 
Similar studies are made for equipment-compartment environmental 
control. Without the pilot's requirements to consider, however, the 
results are often very different, particularly in regard to atmosphere 
composition, temperature, and pressure level. 
EFFECT OF UTILIZATION SYSTESIS 
The secondary power and environmental control systems perform 
essentially service functions; that is, they exist only to enable other 
systems, such as flight control, communications, guidance, and data 
acquisition, to perform their assigned jobs. Because of this service 
role ,  t h e i r  s ize and cost, i n  addition t o  the efficiency of t h e i r  par- 
t i cu la r  design, are  great ly  dependent upon the demands of the ut iz iza-  
t i o n  systems and upon the efficiency with which the u t i l i za t ion  equip- 
ment makes use of these services. The following are  a few examples. 
These examples actual ly  represent good "horse-sense" design considera- 
t i on  but i l l u s t r a t e  the point and a re  too frequently given inadequate 
at tent ion.  
(1) The f l i g h t  control system requires tha t  hydraulic f l u i d  be 
provided at  flow ra tes  and pressures which w i l l  actuate the control 
surfaces t o  meet vehicle s t a b i l i t y  and control requirements. I f ,  how- 
ever, hydraulic power i s  requested which represents maximum control 
surface r a t e  and hinge moment at  highest "qtl conditions and f o r  maximum 
"g" maneuver and i s  represented as a continuous demand on the hydraulic 
system, even though not actual ly  required, the hydraulic system ins ta l led  
t o  meet t h i s  demand would be considerably oversized f o r  actual  f l i g h t  
requirements. Not only would the hydraulic pumps, transmission l ines ,  
accumulators, reservoirs, and the control-surface actuators b e  overly 
large, but a l so  a larger  APU and f u e l  system, a larger  heat exchanger, 
and more water f o r  cooling would be required. A l l  t h i s  i s  i n  addition 
t o  s t ruc tura l  provisions f o r  the greater than necessary volume and 
weight which r e su l t .  
(2)  I n  electronic  equipment, emphasis i s  usually given t o  compact 
packaging and e f f i c i en t  arrangement of components f o r  electronic reasons. 
Too often, however, the benefi ts  of t h i s  packaging are  l o s t  t o  the vehi- 
c l e  because of prohibitively high cooling requirements. To be more 
specific,  cer tain items of e lectronic  equipment can be adequately cooled 
with an airflow r a t e  of 4 pounds per minute per kilowatt a t  an i n l e t  
temperature of 70° F.  Other equipment of the same type requires as high 
as 10 t o  12 pounds per minute per kilowatt at 70° F. This requirement 
naturally i s  ref lected back into blower, heat exchanger, and ducting 
s ize  as  well  as  additional f u e l  t o  provide fo r  additional power. A 
detailed check of some of these packaging practices has shown tha t  
cooling requirements can be great ly  reduced by simple rearrangement of 
components with the aim of more e f f i c i en t  heat t ransfer  and s t i l l  not 
impair the performance of the component. 
(3 )  Other items which can unfavorably a f fec t  the overal l  vehicle 
i n  terms of excessive secondary-power and environmental-control provi- 
sions a re  (a )  excessively close frequency and voltage control f o r  
e l e c t r i c a l  supply system, (b) too low temperature and too high pressure- 
drop requirements of e lectronic  kquipment, and (c)  greater than needed 
a t t i t ude  resolution f o r  reaction control at  high a l t i tude .  
On a conventional j e t  airplane (such as the Boeing B-52 or  the 
Boeing 707) where secondary power i s  extracted from the main engines 
(e i ther  by a shaft  or  by compressor bleed a i r )  and pressurized a i r  f o r  
breathing and cooling are  also extracted from the engine by bleed air 
or  by ram air, the preceding considerations are  a l so  valid.  However, 
the penalty of additional power extracted from the main engines, addi- 
t i ona l  ram a i r ,  and additional weight i s  a minor reduction i n  range. 
The e f fec t  of added secondary power and environmental-control weight 
has added significance on Dyna-Soar, however, where weight is the deter- 
mining fac tor  i n  whether the vehicle can be boosted in to  the desired 
f l i g h t  t ra jec tory  with a given booster. 
DENELOPMENT TESTS 
Two development t e s t s  of special  i n t e re s t  i n  secondary power and 
environmental control f o r  Dyna-Soar are (1) a hot-gas system f o r  reac- 
t ion  controls, i n  which hydrazine is decomposed i n  a central ly  located 
gas generator, and (2) passive water-wick panels f o r  providing a heat 
bar r ie r  around crew and equipment compartments. Both of these develop- 
ments are  of a feasible  or  exploratory nature and are  not developments 
of completed f l i g h t  hardware . 
HOT-GAS SYSTEM 
Development studies of reaction-control-system requirements indi- 
cated the need f o r  a system with very rapid response character is t ics .  
These requirements, i n  conjunction with vehicle considerations f o r  low 
weight, low f u e l  consumption, and compatibility with the high tempera- 
ture  environment associated with a radiation-cooled structure,  pointed 
up the at t ract iveness  of a hot-gas reaction control system. The 
f e a s i b i l i t y  of an on-off gas type of reaction control system w a s  demon- 
s t ra ted  on a three-degree-of-freedom f l i g h t  simulator. Compressed 
nitrogen gas was used f o r  these t e s t s ,  pending the development of a 
hot-gas supply system. A cent ra l  hot-gas system using a monopropellant 
showed promise of meeting the basic requirements with a minimum weight 
penalty. 
The purpose of these hot-gas development t e s t s  was twofold: (1) 
t o  establ ish the f e a s i b i l i t y  of maintaining hot-gas supply pressure 
and temperature under simulated operating conditions using hydrazine 
and (2) t o  obtain gas-supply-system design parameters fo r  future system 
designs. 
An operational mockup of a hot-gas reaction control system was s e t  
up. (see f i g .  6. ) It i n i t i a l l y  contained a pressurized f u e l  supply, 
a gas generator, r e l i e f  valve, and three combination on-off valves and 
thrust  nozzles; t ha t  is, one nozzle each f o r  pitch, yaw, and r o l l .  A 
volume of dis t r ibut ion piping equivalent t o  tha t  required f o r  supplying 
gas t o  an additional 3 nozzles was provided. A fuel-metering valve was 
l a t e r  added t o  provide a constant syptem gas pressure regardless of 
demand. The injector  f o r  the gas generator i n  t h i s  system mockup was 
water-cooled. This cooling prevented the heat "soak-back" from the gas 
generator from causing premature decomposition of the hydrazine i n  the 
f u e l  l i n e .  The equipment used does not represent f l i g h t  hardware but 
rather  development hardware f o r  demonstrating f e a s i b i l i t y  of approach. 
Tests i n  which the valves were cycled manually f o r  various reac- 
t i on  j e t  pulse lengths and a lso  i n  which the valves were cycled auto- 
matically i n  conjunction with a computer program which simulated f l i g h t  
operation conditions were made. Computer studies of the reaction con- 
t r o l  system have shown tha t  "thrust" demand w i l l  be short i n  re la t ion  
t o  "no thrust" demand. Since the gas system w i l l  thus be dead-ended 
fo r  a large percentage of time, the temperature of the gas a t  the nozzle 
w i l l  be considerably l e s s  than at the gas generator. Low ambient tem- 
peratures a t  the nozzle plus the dissociation of the ammonia i n  the 
gas reduce the temperature. In  order t o  pursue the e f fec t  of tempera- 
ture  reduction on specif ic  impulse, t e s t s  were made with insulated piping 
a t  a regulated gas-generator pressure of 160 pounds per square inch 
gage. Under f u l l  flow condition, t h i s  pressure represented a nozzle 
i n l e t  pressure averaging 120 pounds per square inch gage. Oscillograph 
t races  of pressure show t h i s  drop from a system pressure of 160 pounds 
per square inch gage t o  120 pounds per square inch gage t o  be almost 
instantaneous with the valve opening. I n  figure 7, the average nozzle- 
exhaust temperatqe a f t e r  system warm-up i s  plot ted against duty cycle. 
Pulse durations of 0.020 and 0.400 second were used. Good agreement 
of temperature data  w a s  obtained f o r  the same duty cycle f o r  d i f -  
fe rent  pulse durations. Duty cycles are  not expected t o  approach the 
40 percent mark except fo r  a br ief  period required f o r  vehicle s t a b i l i -  
zation at separation from the booster, and f o r  a br ief  period f o r  
orienting the vehicle f o r  reentry. A duty cycle of l e s s  than 1 percent 
would be typica l  of most of the high-altitude f l i g h t s .  
Figure 8 i l l u s t r a t e s  the e f f ec t  of the previous temperature data  
on the effect ive specif ic  impulse Isp a t  the nozzle. Since reduced 
specif ic  impulse means more f u e l  f o r  a given t o t a l  impulse, it seems 
t o  indicate tha t  adequate consideration of temperature drop i n  a system 
must be given along with duty cycle t o  minimize f u e l  requirements f o r  
various f l igh t s .  However, as shown i n  figure 9, when the same basic 
data  a re  plot ted i n  terms of specif ic  f u e l  consumption (SEC), or  pounds 
of f u e l  used per pound of thrust  i n  one hour of operation, a somewhat 
d i f fe rent  impression i s  obtained. For the longer duty cycles, higher 
temperatures at the nozzle and, therefore, higher effect ive ISP are  
maintained. For the shorter duty cycles, the temperature a t  the nozzle 
and the effect ive Isp are reduced. A t  these shorter duty cycles, 
the difference i n  SFC is  so s m a l l  as :o make questionable the payment 
of the weight penalty f o r  duct insulation. This curve also i l l u s t r a t e s  
the des i r ab i l i t y  of a short  duty cycle t o  achieve minimum f u e l  consump- 
t ion .  
I n  addition t o  design data  obtained, the important conclusions which 
were reached as a r e su l t  of t h i s  tes t ing  were: 
(1) A cent ra l  hot-gas system using hydrazine is technically 
feasible  
(2) The hydrazine-gas generator can be operated i n  a se l f -  
sustaining manner f o r  substant ial  periods of time with no gas being 
exhausted from the system. The operation i s  self-sustaining without 
the use of oxidizers or external  heat 
I 
( 3 )  A simple fuel-metering system t o  maintain a constant system 
gas pressure can be b u i l t  as  f l i g h t  hardware 
(4) A hot-gas valve with adequately f a s t  response time can be b u i l t  
as f l i g h t  hardware 
( 5 )  Careful consideration must be given t o  fuel-in jector cooling, 
or  possibly the elimination of the need f o r  inject ion cooling, i n  the 
design of f l i g h t  hardware. 
WATER WICK PANELS 
I f ,  fo r  a par t icular  vehicle design, it i s  determined tha t  cooling 
of a cabin or  equipment compartment w a l l  i s  necessary, it i s  desirable 
tha t  the cooling means be a passive system, tha t  is,  be independent of 
pumps, blowers, or other active devices. For p i l o t  protection i n  par t ic-  
ular ,  it i s  necessary tha t  the wall  cooling be a l so  independent of 
cabin pressurization. One promising approach t o  sat isfying t h i s  require- 
ment i s  the use of the water wick panel. 
In  f igure 10 are  i l l u s t r a t ed  two approaches t o  the water wick 
panels - each intended t o  serve as a nonstructural heat ba r r i e r  between 
the outer skin and the cabin. The f i r s t  is  the tube-type panel where 
a water-absorbent or wicking material  i s  placed i n  tubes and the tubes 
are  f i l l e d  with water. The tubes are  placed next t o  the cabin she l l  with 
a layer of aluminum f o i l  next t o  the tubes and 2 inches of insulation 
on the outside of the f o i l .  The insulation i s  held i n  place with a 
th in  sheet of s t ee l .  The steam exhaust i s  collected i n  a manifold and 
vented overboard. In a f l i g h t  configuration, the back pressure would 
t w  be regulated t o  control the boiling point a t  high a l t i t ude  t o  approxi- 
mately 70° F. 
1 
An e a r l i e r  tube panel configuration did not include the aluminum 
* f o i l  over the tubes. However, a computer analysis showed t h a t  an 
appreciable amount of heat would flow around the tubes and cause severe 
temperature gradients i n  the cabin pressure she l l .  The addition of the 
f o i l  causes a short  which shunts the heat through the water-filled tubes 
and pract ical ly  eliminates the temperature gradient i n  the pressure 
she l l .  A t  the same time, the percentage of aerodynamic heat allowed t o  
flow t o  the cabin i s  reduced from approximately 30 percent t o  2 percent. 
The second configuration shown i s  termed a vapor-cooled insulation 
type. I n  t h i s  configuration, the wicking material  i s  held against the 
pressure she l l  by a semipermeable membrane. This membrane w i l l  pass 
water vapor but not water at  the design operation conditions. The 
water vapor passes through the insulation layer and out through the 
perforated s t e e l  retention sheet. The steam i s  vented overboard from 
the space between the outside skin and the panel. 
V Several materials were tested f o r  s u i t a b i l i t y  as  a wick. One of 
the be t t e r  materials i s  f ibe r  glass  i n  a mat of unbonded "B" f ibe r s .  
Figure 11 i l l u s t r a t e s  the water-retention capabi l i ty  of three samples 
of varying height. The s ignif icant  point of these data  i s  tha t ,  fo r  
t h i s  material, the prac t ica l  water wicking l i m i t  i s  approximately 
8 inches. The average wetness r a t io ,  or pounds of water per pound of 
wick, drops off rapidly above t h i s  wick height. 
Another important consideration i n  choice of wick height is the 
water-retention a b i l i t y  of the wick under acceleration loads. Centri- 
fuge t e s t s  of a saturated wick showed tha t  water retention i s  markedly 
affected above an acceleration of kg. Individual panel design must, 
therefore, account f o r  boost accelerations and provide panel s izes  
which w i l l  permit the wicking action t o  red is t r ibute  the water i n  a 
reasonable time. More tes t ing  w i l l  be required t o  establ ish the 
specific s izes  required. 
The next i l l u s t r a t ion  ( f ig .  12) shows the t e s t  r e su l t s  at 
140,000 f e e t  of a vapor-cooled-insulation type of panel. Heat lamps 
were used t o  ra i se  the temperature of the perforated s t e e l  shield t o  
1 ,600~ F.  The temperatures a t  various points through the panel at i t s  
center are plotted against time. The wick material  reached 100° F i n  
53 minutes when the water had been almost expended. In figure 12 i s  
shown the temperature dis t r ibut ion i n  the water wick a t  140,000 f e e t  
over a 12-inch by 18-inch panel. The significance of wick height i s  
again i l l u s t r a t ed .  Those temperatures measured i n  the lower half of 
the panel are  considerably lower than those measured a t  the  top of 
the panel because the water-retention capability of the wick is reduced - a  
at these upper locations, as previously shown in figure 11. 
4 
The exhausting of steam through the insulation has two main advan- 
tages: (1) the weight of a steam-collecting manifold is eliminated, 
and (2) the superheating of the steam as it passes through the insula- 
tion lowers the insulation temperature and, therefore, reduces the 
insulation conductivity. An analysis indicates that approximately 
20 percent less water is required for a given heat input because of the 
vapor-cooled insulation. 
Tests were made at sea level to establish the feasibility of the 
tube-type panels. Test panels were constructed with two rows of 
8-inch water tubes. Heat lamps were used to raise the temperature of 
the outside steel sheet to 2,000° F. (see fig. 13. ) After 22 minutes 
of operation, the temperature on the inside surface of the acoustical 
insulation had not exceeded 105' F, even though the water boiled at 
212O F, as compared with 70° F to 80' F boiling temperature at high Ci 
altitude. 
There are other approaches to the application of water to passively %s 
cooled panels. However, these tests firmly establish that the water- 
wick configurations described here are feasible designs directly appli- 
cable to Dyna-Soar. 
CONCLUDING REMARKS 
Feasible systems and two significant developments in secondary 
power and environment control for the Dyna-Soar vehicle have been 
presented. Additional studies and developments along with the latest 
vehicle requirements will establish the actual systems configurations. 
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CONTRIBUTIONS OF FREE-FLTGHT MODEL TESTING TO THE 
DEVELOPMENT OF BOOST-GLIDE VEHICUS 
By Tung-Sheng Liu 
Wright Air Development Division 
INTRODUCTION 
During the last fifteen years, with the advancement of the ballistic 
missiles, rocket-boosted test vehicles using mostly solid propellants 
have achieved great capabilities. The primary purpose of the develop- 
ment of these rocket-powered test vehicles was for vertical probes. At 
the present time these test vehicles have attained a capability of 
probing into great altitudes, several thousands of miles up, at veloc- 
ities beyond the earth-orbiting velocity. In combination with other 
available missile boosters, solid or liquid, these test vehicles can 
probe into the deep space at velocities exceeding the earth escape 
velocity. 
In the development of lifting boost-glide and reentry vehicles, it 
is desirable to conduct some free-flight tests with these test vehicles. 
The question has often been asked what can be gained by these tests that 
can not be obtained from other ground experiments or tests. It is the 
purpose of this paper to critically examine the capability of presently 
available test vehicles, their major contributions to the development 
of lift boost-glide reentry vehicles, and the problems remaining to be 
solved before free-flight tests can be reasonably assured of success. 
CAPABILITY OF AVAILABLF: TEST ROCKETS 
Table I shows the capability of presently available rocket-powered 
test vehicles, their maximum payload and maximum attainable velocity. 
These rocket-powered test vehicles were primarily developed for probing 
the geophysical and gasdynamic environments. The requirements here are 
simply velocity, altitude, and reasonable payload capability for instru- 
mentation. Their trajectories are mostly near vertical ballistic tra- 
jectories except those for the "over the top" firings at the NASA 
Wallops Station. But the requirement for lifting boost-glide testing 
is for a small reentry angle or near horizontal attitude at burnout for 
larger payloads. The NASA Scout and the Air Force Hyper Environment 
Testing System (609~) are designed for this mission. The 609~ and the 
Scout can send a payload of about 150 pounds into a 300-mile orbit and 
can carry much heavier payloads at suQorbita1 velocities. Figure 1 
shows the Scout or the 609~ payload capability superimposed on a fasliliar 
flight corridor chart. It is seen that the Scout or the 609~ vehicle is 
able to reach the critical heating region within the corridor at veloc- 
ities between 18,000 and. 22,000 feet per second with a substantial pay- 
load. The X-15 and X-17 capabilities are also indicated for comparison. 
The X-17 points are, of course, the maximum velocity at those altitudes 
on its ballistic trajectory. It is important to note that the major 
modification to the basic Scout is for the strengthening of the rocket 
casing and interstages and the stabilization of the last stages com- 
patible with winged lifting reentry models. 
LIMITATIONS OF GROUND TEST FACILITIES 
Much of the present lifting reentry glider design is based on theo- 
retical analyses and extrapolations which necessitate the employment of 
certain assumptions. Whenever there are assumptions, there are uncer- 
tainties. These uncertainties must be cleared up and the assumptions 
must be verified by experiments before a sound design can be achieved. 
E.'lany experiments in the hypersonic regime have been conducted in ground . 
facilities but these ground test facilities have limitations. 
Present hypersonic wind tunnels are often limited in the Mach num- 
ber and Reynolds number ranges due to the nozzle construction and physi- 
cal plant. Bhock tube, shock tunnel, and arc-heated tunnels all have 
similar limitations. Their temperature and pressure environments are 
quite satisfactory but the true environments encountered in actual 
flight are rarely simulated simultaneously. The chemical state of the 
gas in a test facility before and after the shock wave is beyond the 
control of the facility operators. Furthermore, the ground facilities 
are usually small; they can accommodate only small-scale models. This 
not only creates serious scaling problems but the data obtainable are 
also limited. It is therefore concluded that the present hypersonic 
ground test facilities can furnish some qualitative information or trends 
but are certainly not sufficient to produce truely simulated design data 
for the entire Mach and Reynolds number ranges. In figure 1 it was 
shown that a free-flight test vehicle can boost a model to the desired 
velocity and altitude and that the model will fly under the exact envi- 
ronments along its own glide path. 
DATA FROM FREE-FLIGHT MODEL TESTS 
1 
From free-flight model tests the following data are obtained: 
tracking and accelerometer, pressure and skin friction, heat transfer 
and temperature, control effectiveness, survival of structures and 
materials, and the effectiveness of the cooling methods - namely, radia- 
tion, internal radiation, internal fluid cooling, film cooling, and 
ablation. It should be pointed out that these tests should not be 
treated as scaled model tests in the usual manner because of the model 
scaling problems involved. They provide local information on flow con- 
ditions and verification of theoretical predictions and design concepts. 
C3NTRIBUTIONS OF FREE-FLIGHT MODEL TESTS 
The contribution of free-flight model tests can be described in 
two categories: (1) The comparison of different configurations and 
design concepts derived from the overall performances and (2) The 
increase of the degree of confidence of analytical methods from the 
local data. The comparative testing will result in a better selection 
of configuration and design concept, whereas the local data will aid 
in the removal of the uncertainties in the establishment of a reliable 
analytical design procedure as to the chemical state of the gas, the 
low density effects, and the interference effects. 
Figure 2 shows the estimated region of flow conditions from theo- 
retical studies made at the Flight Science Laboratory, AVCO, and the 
Wright Air Development Division Aircraft Laboratory. The dividing 
boundaries lie in the most critical region of the equilibrium flight 
corridor of a lifting reentry vehicle. If any confirmation of these 
theoretical studies can be obtained in determining more accurately the 
state of the flow, these tests will contribute greatly to the develop- 
ment of boost-glide reentry vehicles through the removal of many of the 
uncertainties. Even when the exterior configuration is decided, this 
information is still needed to finalize the detailed design. 
PROBLEMS 
Free-flight model testing still has some unsolved problems. The 
ground tracking and model-survival information can be obtained without- 
data transmission. But, it is certainly most desirable to have both 
telemetered data and recovered records for all other information. The 
ionized sheath is known to cause considerable attenuation on standard 
telemetering. However, many programs are in progress for the development 
in this area of means to overcome this difficulty and the Atlantic missile 
range already has higher frequency equipment in operation. 
Model scaling is a basic problem in the theory of dynamic similitude. 
The NASA, the University of Minnesota, and other laboratories have studied 
this problem for some time. The general conclusion is to recommend to 
test full scale especially when some structural data are desired. If 
the objectives of a free-flight test are aimed at the verification of 
a design method or the comparison of design concepts and configurations, 
the model scaling difficulty becomes of secondary importance since the 
primary objective is to compare the test data with the design method of 
the test model itself without reference to any prototype vehicles. Con- 
sequently, the real problem is the design of the experiments. One must 
efficiently design the model, the sensors, and the instrumentation to 
give maximum useful information within the capability of the test vehicle. 
CONCLUDING RENARKS 
Test vehicles such as the Scout and system 609~ are available now 
at relatively low cost. It is even more economical by incorporating 
many experiments in a single firing. The application of these test 
vehicles yielding information to verify the design analyses, structural 
concepts, and material application would contribute greatly towards 
better design as well as to the progress of present and future genera- 
tions of lifting hypervelocity and reentry vehicles. 
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DYNA-SOAR STEP I PLIGIEC TEST PROGRAM 
By Lt. Col. Harold G. Russell, USA??, and B. Liyle Schofield 
Air Force Flight Test Center 
and Thomas F. Baker 
Flight Research Center 
- 
INTRODUCTION 
The objectives of the Dyna-Soar project have been stated to be the 
development of a piloted, maneuverable, hypersonic glider capable of a 
controlled landing following reentry from orbital flight. The Step I 
flight-test objectives of Dyna-Soar, as shown in figure 1, are twofold: 
exploration of the flight regime of the glider and development of satis- 
factory subsystems and vehicle. 
Development and verification of the operational concepts and 
requirements for a Dyna-Soar type vehicle are significantly important 
from military, astronautical, and possibly commercial standpoints. 
Verification of the vehicle and subsystems design and modification and 
development of the hardware as problems arise is the historic role of 
flight testing and constitutes a primary objective of the Dyna-Soar 
flight-test program. 
The cost, effort, and complexity of conducting ground-launched 
flights of the Dyna-Soar will be nearly an order of magnitude higher 
than those on previous airplanes, including the North American X-15. 
As a consequence, the nuuiber of flights that can be expended in devel- 
oping a satisfactory vehicle and in exploring the flight regirnes must 
be held to the absolute minimum. 
FLIGHT REGIME 
The general configuration contemplated for Dyna-Soar was described 
in a previous paper by R. L. Rotelli as being a winged glider with a 
hypersonic lift-drag ratio on the order of 2. The flight envelope of 
the Dyna-Soar glider is shown in figure 2 in terms of altitude and veloc- 
ity. The equilibrium glide corridor is the primary regime to be explored 
during the flight tests, although some semiballistic flights above the 
corridor will be performed. The booster currently planned for Step I 
of the Dyna-Soar program is a modified Titan ICBM which will limit the 
maximum Step I velocity to about 19,000 feet per second. For comparison, 
the design flight envelope of the X-15 is shown at the left in figure 2, 
and the nominal reentry trajectory of the Project Mercury capsule is 
indicated by the heavy line. 
Within its relatively limited envelope, the X-15 will provide very 
valuable information on aerodynamic heating, flight control at high 
altitude, atmospheric reentry, piloting techniques, and terminal guid- 
ance. Project Mercury experience in utilizing an ICBM for boosting a 
manned vehicle, developing man's capabilities in a space environment, 
operating a global range, and developing recovery techniques will, like- 
wise, be of much value. As may be seen, however, the flight regime of 
the Dyna-Soar is a tremendous extension of the X-15 envelope and there 
is a basic conceptual difference between the lifting-vehicle Dyna-Soar 
glider and the ballistic-vehicle Project Mercury capsule. Additionally, 
as the flight regime extends to higher velocities, the capabilities of 
wind tunnels and rocket models to support the uesign and development of 
the vehicle become substantially reduced. To reiterate, exploration of 
the hypersonic-glide corridor is the primary objective of the Dyna-Soar 
flight test. 
DATA OBJECTIVES 
The general flight-test areas of interest and the data objectives 
are shown in figure 3. In each area, onboard instrumentation will pros 
vide data by which the conduct of the flight and operation of the 
systems may be monitored to either confirm the design or provide informa- 
tion to correct deficiencies. 
The aerodyaamics area is perhaps the most important in that it 
encompasses aerodynamic heating, flow characteristics, performance, and 
stability and control. Adequate aerodynamic-heating information for 
progressive conduct of the flight test can be obtained from a knowledge 
of the temperatures that exist throughout the skin and airframe during 
the flight, the flight conditions, and the structurd properties (fig. 4). 
A large number of temperature sensors will be located to provide for 
determination of experimental heat-transfer characteristics and verifica- 
tion of the structural design. 
Detailed analysis of experimental heat-transfer data requires a 
knowledge of free-stream and local-flow conditions and local gas prop- 
erties. Use of the nondimensional heat-transfer coefficient, Stanton 
number ST, is convenient in comparing experimental results and theory 
and is given in the following expression: 
J 
where 
h heat-transfer coefficient 
P density 
C~ specific heat of fluid 
V free-stream velocity 
Re Reynolds number 
pr Prandtl number 
Ts stagnation temperature 
Tw wall temperature 
& Mach number 
a angle of attack 
Some measurements of both free-stream local-flow characteristics 
pertinent to heat-transfer analysis are planned for a few specific loca- 
tions. As shown in figure 5, the required free-stream data consist of 
total pressure PT, total temperature TT, angle of attack a, and angle 
of sideslip $. 
Local-flow conditions will be determined primarily from surface- 
pressure measurements, together with such measurements of surface and 
boundary-layer temperatures, boundary-layer pressures, dissociation, 
and gas composition as are possible. The extent of the flow- 
characteristics measurements obtained during Dyna-Soar flight tests and 
the quality of information that can be attained depend to a large extent 
on successful development of both transducers and flight-measuring 
techniques. 
Acquisition of accurate performance data is essential to the con- 
duct of the Dyna-Soar flight program 8;nd can only be obtained during 
flight of the full-scale glider. Performance measurements during 
gliding flight require vehicle velocities, accelerations and attitudes, a 
and a measure of the atmospheric environment. Ground-tracking trajectory 
information will be utilized as backup for onboard data. 
Aerodynamic stability and control considerations are virtually 
inseparable from the vehicle's flight-control and guidance systems. 
These aseas are considered under the general heading "Flight Controls" 
in figure 6. The flight-controls test objectives are determination of 
stability derivatives and control effectiveness parameters throughout 
the flight corridor. Such information is essential for the flight- 
program buildup discussed subsequently and also is of general research 
interest. Also, development of an adequate flight-control system is 
mandatory, and full-scale flight testing is required for final develop- 
ment and evaluation. A description of the flight-control system envi- 
sioned for the ma-Soar was presented in a previous paper by Alan H. 
Lee and Leroy J. Mason. The automatic and redundant features of the 
primary flight-control system, the guidance and navigation system, and 
cockpit-display equipment will require development in the course of 
the flight-test program. 
One of the basic concepts of the Dyna-Soar flight-control system 
is to provide for maximum pilot utilization. Also of considerable 
interest is the determination of desirable handling qualities of hyper- 
sonic vehicles. The information gained from the Dyna-Soar flight-test 
program will be directly applicable to the verification of man's role 
and capabilities in piloting space and reentry vehicles and in the 
establishment of design guidelines for hypersonic handling qualities. 
The data requirements in the area of flight controls for the Dyna- 
Soar flight-test program will be much like those of the X-13. Basically, 
L it is necessary to establish the flight conditions, determine the con- 
trol motions, and measure the vehicle response. The analysis procedure 
to be used for data evaluation will take various forms. Where possible, 
as with the trim evaluation, analysis will be made directly from the 
flight records. For maneuvering or dynamic analyses, where changes in 
flight conditions are appreciable or glider response is altered by 
spurious control inputs, a data-matching procedure utilizing analog 
computer synthesis methods will be used. It is anticipated that the 
X-15 flight-research program will develop new techniques and methods 
in this area of stability analysis which can be utilized in the Dyna- 
Soar program. 
In the areas of dynamics, loads, structures, and materials, the 
objective, and subsequent contribution, of the Dyna-Soar flight-test 
program is primarily one of demonstration. The usual accelerations, 
noise measurements, and strains required to verify the integrity of the 
vehicle will be obtained. Additionally, some measure of the distortion 
of the external shape of the glider will be made. The structural and 
aerodynamic measurements, when analyzed together, will provide useful 
design information on aerodynamic and heating loads. 
The human-factor aspects of reentry from orbital and near-orbital 
speeds and altitudes will continue to be of importance. Reentry flight 
times during Step I testing will require up to 30 minutes, wherein 
longitudinal decelerations of from 0.3g to 2.0g will be experienced. 
Physiological effects of decelerations, time, and cockpit environment 
on pilot operation of the glider during reentry will be studied. 
Development of reliable and efficient subsystems, such as environ- 
mental control and secondary power, and demonstration of their opera- 
tion in the Dyna-Soar flight environment is no less an objective than 
exploration of the flight corridor. Adequate monitoring sensors will 
be included in the instrumentation package to assure acquisition of 
significant subsystem operating data. 
The areas of military applications and geophysical research are 
additional flight-test objectives. The suitability of the Dyna-Soar 
type vehicle for military applications will be determined during the 
course of exploring its flight corridor, as will its suitability as a 
platform for conducting geophysical experiments. 
FLIGHT-TEST PROCEDURE 
The flight-test procedure to be utilized in developing the Dyna- 
Soar I and in exploring the hypersonic flight regime has been developed 
to stay within cost limitations but, at the same time, maintain a high 
degree of confidence in extending the flight envelope. The resulting 
flight-test program (fig. 7) consists of manned air-launch flights 
covering the subsonic and supersonic flight regimes, unmanned ground- 
launch flights for investigation of conditions from launch to hypersonic 
speeds, and the nzain test-program objective - manned exploration of the 
hypersonic flight corridor. 
The air-launch phase of the test program, utilizing the Boeing B-52 
for air drop, will provide the first opportunity to evaluate the test 
article under actual flight conditions. There are several important 
objectives (fig. 8) which must be accomplished during this phase before "- 
the test program can proceed to the manned ground-launch tests. 
The first of these objectives is systems checkout and demonstra- 
tion. Some systems development, including data-acquisition systems, 
will be most easily accomplished durlng the air-launch flights. Aero- 
dynamic and structural verification, including investigation of sta- 
bility and control characteristics, will be accomplished throughout the 
attainable speed and lift-coefficient range. Another objective is 
pilot familiarization with the low-speed flight and landing character- 
istics of the Dyna-Soar, together with the development of optimum 
approach and landing techniques. The maximum velocity that can be 
achieved during the air-launch phase utilizing a rocket-boosted glider 
is uncertain. Attainment of a supersonic Mach number of about 7 is 
highly desirable, but, because of technical and economic factors, the 
maximum feasible velocity for the air-launch phase may be a Mach number 
of about 2. 
The unmanned ground-launch test phase will be conducted on the 
Atlantic Missile Range, with launch from Cape Canaveral. Although 
there will have been approximately 40 Titan firings prior to this time, 
modifications for Dyna-Soar - such as the addition of first-stage sta- 
bilizing fins, structural beef-up, and any booster-subsystems changes - 
will require flight testing. The prime requirements of unmanned tests 
are demonstration of the booster-glider combination and glider separa- 
tion from the booster. Some assessment of the reliability of both the 
first and second stages of the booster is necessary before the manned 
portion of the test program can be initiated, and each of the unmanned 
test flights will be carried through ignition and separation of the 
second stage. Escape system tests will also be accomplished during 
this phase. 
The third and major phase of the flight-test program consists of 
a manned systematic expansion of the Dyna-Soar flight envelope, with 
launch at Cape Canaveral down the Atlantic Missile Range utilizing down- 
range islands as intermediate landing sites. Improved landing strips, 
8 to 10,000 feet in length, have been specified as landing-site runway 
requirements. The locations of the landing sites must be compatible 
with the glider range and maneuverability, desired burnout velocities, 
and test objectives. A summary of the results of the landing-site study 
is shown in figure 9. The limits of injection velocity for each landing 
site are determined from the lift coefficient (or lift-drag ratio), 
angle of bank, and the permissible launch azimuths of Cape Canaveral. 
The first manned ground-launch flight has been planned for an 
injection velocity of approximately 9,000 feet per second. Selection 
of this speed was dictated by economic and geographical considerations 
as well as the knowledge that flight environment up to speeds of approxi- 
mately 7,000 feet per second will have already been investigated during 
the X-15 program. The landing sites which would permit the most com- 
prehensive coverage of injection velocities from 9,000 feet per second 
L to approximately 19,000 feet per second are Mayaguana, Santa Lucia, 
and Fortaleza, Brazil. 
4 
The test-flight tracks down the Atlantic Missile Range for maximum 
4 
and minimum burnout velocities with landings at Mayaguana, Santa Lucia, 
and Fortaleza are indicated in figure 10. It should be noted that all 
the possible landing sites lie at approximately 130' azimuth from Cape 
Canaveral, but, since a maximum launch azimuth of 110' must be observed 
during boost, turning flight must be performed to arrive at the high 
key point over each of the landing sites. 
The step-by-step expansion of the hypersonic flight regime during 
the manned test phase will provide a reasonable degree of confidence in 
exploring the unknown flight regime and attainment of test results. 
This test phase will commence with a glidyr injection at an optimum lift 
coefficient and a velocity of approximately 9,000 feet per second. Each 
I >  successive flight in the speed range above 9,000 feet per second is a 
moderate extension in both speed and lift coefficient over the previous 
flights. Data obtained from each flight will be analyzed sufficiently 
to reveal possible danger areas so that they may be cautiously approached 
4x or avoided during follow-on test missions. 
A typical flight for the systematic exapnsion of the Dyna-Soar 
flight envelope is presented in figure 11. The clear area denotes that 
portion of the flight envelope which has previously been explored, and 
the grey area denotes the unexplored regions of flight. The cross- 
hatched areas indicate the portion of the flight envelope which will be 
expanded by this particular test mission. It should be noted that the 
vehicle injection takes place at a mid lift coefficient and that the lift 
coefficient is increased as velocity decreases. A similar technique 
will be utilized for investigation of the lower lift coefficients. 
Testing at any particular lift coefficient and velocity combination 
will be a moderate extension in speed or lift coefficient, or both, over 
a previous test mission. Once the flight envelope has been extended, 
the remainder of the flight will be devoted to both data fill-in and 
energy-management requirements for arrival over the landing site. 
The test flight outlined in figure 11 was simulated on an analog 
computer, and a time history of pertinent trajectory parameters is pre- 
sented in figure 12. Although the simulation was limited, in that it 
was only a three-degree-of-freedom point mass simulation, it does pro- 
vide an insight into the times which will be available for flight 
testing. As can be noted, something less than 5 minutes is available 
for testing during the flight-envelope expansion, while the remainder 
a 
of the flight will provide for data fill-in and energy management. 
Extensive use of six-degree-of-freedom f l i g h t  simulation i s  a pre- 
requis i te  t o  a l l  Dyna-Soar f l i g h t  planning. It is d s o  necessary tha t  
the p i l o t  f l y  each proposed mission 6n the simulator, including the 
higher probabili ty boost-abort s i tuat ions.  A l l  f l i g h t s  w i l l  be planned 
t o  allow maximum assurance of a successful landing of the g l ider  i n  case m 
of a boost abort. 
CONCLUDING REMARKS 
I 
In  summary, the Dyna-Soar f l i gh t - t e s t  program w i l l  consist of three 1 
phases: (1) air-launched t e s t s  using a powered gl ider  t o  checkout and 1 
demonstrate the operating character is t ics  of the vehicle; (2)  unmanned r L 
ground-launched t e s t s  t o  demonstrate the in tegr i ty  of the booster- ( 
glider  combination; and ( 3 )  the major phase, ground-launched manned 
exploration of the hypersonic f l i g h t  regime. b 
Development and verif icat ion of the  Dyna-Soar design and i ts  opera- 
t i ona l  concepts and requirements w i l l  be accomplished during the f l ight -  
t e s t  program which w i l l  be conducted as a joint  operation by an A i r  
.id 
Force - NASA - contractor team. This program w i l l  provide aerodynamic 
data from the reentry f l i g h t  corridor, w i l l  ver i fy  the design require- 
ments of reentry vehicles, and define t h e i r  operational capabi l i t ies  
i n  t h i s  f l i g h t  regime. These resu l t s ,  which must be timely fo r  proper 
mi l i ta ry  exploitation of the aerospace medium, w i l l  provide valuable 
contributions t o  other astronautical ventures. 
It i s  readi ly admitted tha t  there are  many unknowns t o  be dis-  
covered i n  t h i s  program. One thing is  certain, however, t h i s  w i l l  be 
one of the  greatest  tes t ing  e f fo r t s  that the  f r ee  world has ever known. 
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INSTR-ATION AND COMMLfNICATIONS CONSIDEBATIONS 
FOR DYNA-SOAR 
By Gerald M. Truszynski 
Flight Research Center 
and Paul 0. Lindf ors  
Air Force Fl ight  Test Center 
INTRODUCTION 
The Dyna-Soar vehicle, when considered i n  terms of the regime of 
f l i g h t  t o  be traversed and the length of t e s t  time available at extreme 
veloci t ies  while s t i l l  within the atmosphere, becomes a research f a c i l i t y  
of unique value. Many of the f l i g h t  conditions t o  be encountered are  
extremely d i f f i c u l t  t o  duplicate sa t i s f ac to r i ly  i n  ground t e s t  f a c i l i t i e s  
and, as a consequence, the vehicle i t s e l f  becomes a primary means of 
obtaining the inf~rmat ion  required i n  validating hy-personic aerodynamic 
theory and the correctness of the vehicle' design approach. 
I 
The previous paper by Harold G. Russell, B. Lyle Schofield, and 
Thomas F. Baker, has indicated a number of areas wherein research inves- 
t iga t ions  w i l l  be conducted during f l i g h t  t e s t s  of the Dyna-Soar glider. 
This paper discusses some of the measurements required i n  conducting the 
investigations, the possible general approaches t o  be taken i n  obtaining 
these measurements, and the system planned f o r  the main data  acquisition. 
Finally, the electromagnetic transmission problem i s  discussed as it 
d i rec t ly  a f fec ts  the Dyna-Soar Step I t e s t s .  
DISCUSSION 
Some of the  measurements required t o  conduct the desired investiga- 
t ions with the Dyna-Soar vehicle and the general approach which w i l l  be 
taken i n  obtaining these measurements are  shown i n  figures 1 and 2. 
Many of the measurements can be obtained by the extension of techniques 
presently i n  use, and, although a number of ins ta l la t ion  problems con- 
cerned with loca l  in te rna l  environmental conditions i n  various par t s  of 
the vehicle, such as low pressure, acceleration levels,  and high struc- 
t u r a l  temperatures, w i l l  be encountered, it is  f e l t  t ha t  these problems 
can be adequately solved during the course of development of the spe- 
c i f i c  vehicle. However, some measurements - those noted i n  f igure 2 - 
present d i f f i c u l t i e s  mainly because of the external environmental con- 
di t ions surrounding the Dyna-Soar vehicle at  hypersonic velocity and 
extreme a l t i tudes .  
The measurement of skin and in terna l  s t ruc tu ra l  temperatures is 
required f o r  ver if icat ion of the s t ruc tura l  and thermal design approaches 
and t o  obtain heat-transfer dat8 f o r  the vehicle. Thermocouple materials 
capable of withstanding a temperature environment of the order of 
3,500° F are  available which w i l l  be suf f ic ien t  fo r  a l l  but a few of the  
very forward locations on the vehicle. These materials consist of 
iridium-rhodium sensing wire and u t i l i z e  magnesium oxide and beryllium 
oxide insulating material, a l l  enclosed i n  a metal sheath capable of 
withstanding the loca l  temperature environments. Platinum sheathing 
w i l l  be required a t  the higher temperature locations. Thermocouples 
u t i l i z ing  these materials have, with a proper preconditioning procedure, 
provided temperature measurements t o  3,500° F and have maintained ca l i -  
bration through repeated exposures t o  these temperatures. For tempera- 
tures  above 3,500° F and as a means of rapidly viewing broad s t ruc tura l  
areas, the adaptation of infrared detection methods t o  the measurement 
of temperature appears feasible  and w i l l  be investigated fo r  specif ic  
application t o  the Dyna-Soar vehicle. 
The area of measurement encompassing s t a t i c  s t ruc tura l  s t r a ins  on 
the Dyna-Soar vehicle i s  one which presents formidable temperature 
problems, par t icular ly i f  these measurements a re  t o  be made during the 
en t i re  f l i g h t  regime. Weldable-type s t r a i n  gages are  available which 
allow s t a t i c  s t r a i n  measurements t o  the order of 8000 F. However, even 
i n  t h i s  temperature range, careful consideration must be given t o  the 
problem of compensation of the gage outputs fo r  the e f fec ts  of thermal 
expansion of the airframe i f  reasonable accuracy is t o  be obtained. 
Studies indicate tha t  temperature levels  above 1 , 0 0 0 ~  F w i l l  ex i s t  during 
portions of the f l i g h t  t ra jec tory  on s t ruc tura l  members where s t r a i n  
measurements would be desirable. The outlook fo r  s t a t i c  s t r a i n  measure- 
ments above 800' F i s  pessimistic unless sui table  developments can be 
realized i n  the near future.  Dynamic s t r a i n  measurements appear t o  be 
feasible  t o  the order of 1 , 5 0 0 ~  F fo r  short  time &rations. 
The measurement of angles of a t tack and s ides l ip  is a very important 
requirement, both for  proper control of the vehicle i n  the f l i g h t  corri-  
dor and fo r  interpretat ion of the f l i g h t  data. These quantit ies can be 
derived from the s tab le  platform and associated computer t o  be ins ta l led  
in  the vehicle t o  perform the energy management and navigation function. 
However, an aerodynamic means of measurement is f e l t  t o  be extremely 
important, both as the  primary approach t o  assure measurement of t h i s  
basic parameter and as a means of evaluating the platform's capabili ty 
during the buildup f l igh t s .  On the X-15 research airplane, t h i s  
measurement is obtained through the use of a null-seeking servo nose 
sphere. Figure 3 i l l u s t r a t e s  t h i s  par t icular  device, which is con- 
s t ructed of Inconel and incorporates in te rna l  l iqu id  nitrogen cooling. 
The device has sa t i s f ac to r i ly  underbne thermal shock t e s t s  t o  a stag- 
nation temperature of 3 ,400~ F and an impact pressure of 2,000 pounds 
per square foot.  Investigations indicate tha t  flow problems would not 
l i m i t  the  use of t h i s  approach t o  the measurement of flow angles at  
hypersonic velocity and tha t  suf f ic ien t  s ens i t iv i ty  of the d i f f e ren t i a l  
pressure obtained i s  maintained through the operational a l t i t ude  and 
velocity range of the Dyna-Soar vehicle. The primary problem of 
extending t h i s  technique t o  higher veloci t ies  is, of course, t ha t  of 
maintaining s t ruc tura l  in tegr i ty  at the  elevated temperatures which w i l l  
be encountered. It appears tha t  a sui table  design, u t i l i z ing  a ceramic 
nose-cap material such as beryllium oxide or alumina and cooled through 
the use of expendable coolant, may be possible f o r  the  Dyna-Soar vehicle 
even a t  the extreme f l i g h t  conditions. In any event, the use of a servo 
nose sphere i s  desirable through as high a velocity range as possible 
during the buildup f l igh t s .  
Surface pressure dis t r ibut ion w i l l  be measured by u t i l i z ing  two 
types of transducers; t h i s  procedure was necessitated by the  extreme 
variation of the range of pressure encountered during the a l t i t ude  
excursions of the Dyna-Soar. The range, l imitations,  and problem areas 
for  these measurements a re  shown i n  the following table:  
Standard transducers can be u t i l i zed  down t o  the order of 10 t o  20 m i l -  
l imeters of mercury f u l l  scale. Below t h i s  pressure range and down t o  
the order of loW3 millimeters of mercury f u l l  scale, which corresponds 
t o  the static-pressure l eve l  a t  260,000 feet ,  a heat-conducting trans- 
ducer can be ut i l ized.  This type has been constructed in.  thermocouple, 
thermistor, and wire-resistance, o r  Pirani configurations. Figure 4 
6 i l l u s t r a t e s  a small Pirani gage which has been used by the  National 
Aeronautics and Space Administration f o r  low-range pressure measure- 
ments i n  hypersonic tunnels and are  adaptable t o  f ~ l i g h t  use. The 
in terna l  volume of t h i s  instrument i s  extremely small and in t e rna l  
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l ag  is of the order of 0.25 second a t  pressure levels  of 2 millimeters 
of mercury. The s t ruc tura l  temperature levels  t o  be encountered on the 
vehicle w i l l  require the  ins t a l l a t ion  "of pressure transducers i n  a 
protected environment and the use of tubing leading from the measure- 
ment o r i f i c e  t o  the  transducer; under these conditions, lag w i l l  be 
experienced. Representative values f o r  these lag factors  i n  a typica l  
Dyna-Soar in s t a l l a t ion  are  about 5 seconds a t  pressure levels  of 
0 .1  millimeter of mercury and about 7 seconds at pressure levels  of 
0.01 millimeter of mercury. These lag  values are  not considered t o  be 
unduly r e s t r i c t i v e  i n  terms of the investigations contemplated. 
The use of heat-conducting, extremely low-range pressure trans- 
ducers, however, presents some specialized problems. Their pr inciple  
of operation requires a knowledge of the specif ic  heat of the gas of 
which the  pressure is  being measured; hence, i f  large variations i n  the 
real-gas properties are  experienced, the calibration w i l l  be affected. 
Also, at  pressure levels  where the  mean f r ee  path becomes of the order 
of the s i ze  of the measuring apparatus, pressure equilibrium is not 
established and temperature measurements of the environment a t  the  
o r i f i c e  &d transducer locations must be made so tha t  proper corrections 
can be applied. Finally, outgassing problems at extremely low-pressure 
levels  w i l l  require a c r i t i c a l  monitoring of a l l  materials used i n  the 
pressure-measurement subsystem. 
The measurement of shock-layer ionization levels  is  extremely 
desirable i n  order t o  correlate  the  analyt ical  investigations of the 
problem of electromagnetic transmission through an ionized layer.  
Flush-mounted ionization probes can probably be ins ta l led  t o  provide 
some information on the ionization l eve l  d i rec t ly  at the a i r c r a f t  surface. 
Experimental determination of the degree of ionization within t h i s  layer 
is  a more desirable measurement, but the problem of design of a probe 
which w i l l  withstand near-stagnation temperature and a lso  minimize the 
e f fec t  of the probe i t s e l f  on the desired measurement remains t o  be 
solved. The Dyna-Soar vehicle does, however, provide a good means fo r  
the investigation of the overal l  e f fec ts  of the ionized shock layer on 
the various communication systems i n  terms of t o t a l  attenuation, noise, 
antenna breakdown and mismatch, and s ignal  d is tor t ion  and refraction. 
Multifrequency transmitting and receiving equipment properly instru- 
mented f o r  measurements of these e f fec ts  w i l l  be ins ta l led  t o  perform 
research t e s t s  i n  t h i s  specif ic  area of in te res t .  
The range of f l i g h t  la t i tudes  traversed by the Dyna-Soar vehicle 
and the duration of f l i g h t  a t  extreme a l t i tudes  while s t i l l  within the 
atmosphere make it a valuable means of obtaining a variety of geophysical 
measurements such as atmospheric density, composition, and lower iono- 
spheric properties. Equipment i s  under development by the A i r  Force 
Cambridge Research Center (AFCRC) t o  obtain these measurements and w i l l  be 
integrated in the ma-Soar  vehicle as par t  of the overal lkesearch program. 3 
The number of areas of developmental and research in t e res t  t o  be 
investigated with the Dyna-Soar vehicle, coupled with the  r e l a t ive ly  
small number of f l i g h t s  contemplated, demands a maximum return of 
recorded data fo r  each f l i g h t .  For the program presently planned, the 
instrumentation system must be capable of recording on the order of 
800 individual channels of information. Most of the parameters t o  be 
recorded are  quasi-static i n  nature, although a requirement ex i s t s  f o r  
a small number of high-frequency information channels f o r  specialized 
purposes. 
It is  planned t o  use a dual data-acquisition system i n  the Dyna-Soar 
vehicle: a pulse code modulation (PCM) system as the main high-capacity 
data system, and a frequency modulation (FM-FM) system t o  provide the  
required high-frequency capabili ty.  (see f i g  . 7. ) Both systems w i l l  
record on a single onboard magnetic tape which w i l l  be the  primmy 
recording medium. A l l  information w i l l  a l so  be telemetered t o  the ground 
t o  provide f o r  real-time monitoring: of cer tain c r i t i c a l  vehicle and p i l o t  
reaction quantit ies and fo r  data assurance i n  the event of loss  of the 
vehicle during the  boost or recovery phases of the f l i g h t .  
Since much of the data t o  be acquired on Dyna-Soar f l i g h t s  w i l l  be 
u t i l i zed  f o r  research purposes, t h e  accuracy provided by the  instrumen- 
ta t ion  system is  af importance. The pulse code modulation system, by 
analog-to-digital conversion of a l l  data at t h e i r  source, provides 
higher data-acquisition accuracy by eliminating many intermediate 
modulation-demodulation l inks found i n  other conventional tape systems. 
In addition, the d i g i t a l  form of the data minimizes degradation during 
the subsequent processing cycle. I n  order t o  s a t i s f y  the multitude of 
data requirements, the instrumentation system must be f lex ib le  and 
eas i ly  modified t o  meet specif ic  requirements on each f l igh t .  The PCM 
system w i l l  be designed with v e r s a t i l i t y  as one of the prime c r i t e r i a  
t o  allow fo r  rapid and re la t ive ly  simple expansion or contraction of the  
number of parameters sampled and the  sampling rates ,  or both. 
The problem of electromagnetic transmission through the ionized 
shock layer surrounding the Dyna-Soar vehicle a f fec ts  three primary 
functions: (1) voice communications t o  and from the  vehicle, (2)  trans- 
mission of research and operational information from the vehicle t o  the 
ground through the telemetry system, and (3) tracking the  vehicle with 
precision ground radar equipment u t i l i z ing  a beacon transponder. 
Although the vehicle i t s e l f  provides the best means of performing 
detailed investigations of the problem over broad frequency ranges, the 
immediate problem fo r  the  Dyna-Soar i s  the determination of the f r e -  
quencies of transmission which w i l l  allow sat isfactory conduct of the . 
Step I t e s t s  i n  l i gh t  of these three functions. I n  terms of program 
cost, it would be desirable t o  u t i l i ze ,  where possible, equipment and 
systems which are  already ins ta l led  or programed f o r  the  Atlantic 
Missile Range where the Step I t e s t s  w i l l  be conducted. A t  present, 
voice communications and telemetry functions a re  generally conducted 
in the  UHF band (1225 t o  260 megacycles), whereas instrumentation radar 
tracking equipment operates on the S and C bands, at approximately 
3,000 and 5,500 megacycles, respectively. It i s  desirable t o  examine 
the  specif ic  Dyna-Soar Step I f l i g h t  program t o  determine where trans- 
mission d i f f i cu l ty  i n  these frequency bands w i l l  occur and whether, 
11 from an operational standpoint, these blackout" areas are  tolerable.  
Figure 6 i l l u s t r a t e s  a Dyna-Soar t ra jec tory  i n  which the most severe 
conditions, from an ionization standpoint, at a rearward antenna loca- 
t i on  w i l l  occur. These conditions a re  f o r  a vehicle with a wing loading 
of 27 pounds per square foot.  Indicated on the t rajectory are  the  cal- 
culated areas of blackout which are  expected t o  occur on the UHF, S, and 
C bands. A s  noted, a very small gap appears on the C band and a large 
area of blackout on the UHF bands. Operationally, it is  believed tha t  
it i s  extremely important t o  maintain continuous radar tracking over the 
en t i r e  t ra jectory,  and t h i s  capabili ty appears t o  be feasible  with the 
existing C band equipment. Since a l l  data are  being recorded onboard, 
a telemetry gap of the extent indicated may possibly be tolerated, 
depending on the  f i n a l  requirement f o r  real-time monitoring; however, 
a voice-communication blackout of t h i s  same extent is not acceptable 
and communications equipment operating i n  a t  l eas t  the C band i s  indi- 
cated. It is  planned t o  obtain ver if icat ion of these analyt ical  r e su l t s  
through the use of f ree-f l ight  rocket-model t e s t s  t o  be conducted by the 
NASA Langley Research Center. These t e s t s  are  required t o  provide the 
necessary l eve l  of confidence t o  proceed with the  procurement of equip- 
ment fo r  the Dyna-Soar Step I t e s t s .  
CONCLUDING REMARKS 
In  summary, it is  f e l t  t ha t  most of the measurements required fo r  
the developmental and research investigations contemplated with the 
Dyna-Soar vehicle can be accomplished. Specific ins ta l la t ion  problems 
w i l l  require continuing development of wire and insulating materials 
capable of withstanding higher temperature environments. A strong devel- 
opment e f f o r t  is also required t o  obtain strain-measuring devices su i t -  
able fo r  use at higher temperatures. Effort  toward the prac t ica l  adapta- 
t ion  of present infrared-sensing techniques t o  the measurement of high- 
l eve l  s t ruc tu ra l  temperatures i s  necessary. Finally, research must 
continue into prac t ica l  methods of obtaining in-fl ight measurements of 
ionization and dissociation levels  necessary for  a be t te r  understanding 
of the  shock-layer phenomena t o  be encountered on t h i s  and subsequent 
hypervelocity vehicles. 
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THE EFFECT OF R E L A I R  PROPERTIES UPON AERODYNAMIC FORCES, 
MOMENTS, AND HEAT-TRANSFER RATES FOR REENTRY VEHICLES 
By Nathaniel B. Cohen, Ivan E. Beckwith, and Robert L. Trimpi 
Iangley Research Center 
1 
The effects of the dependence of inviscid flow forces and moments 
and of aerodynamic heat-transfer rates upon the properties of real air 
in chemical equilibrium are investigated. It is concluded that equilib- 
rium real-gas effects in general are small except for inviscid forces 
and moments on some unswept two-dimensional shapes having discontinuities 
in surface slope and at small angles of attack, and for swept flat plates 
near the shock detachment angle. Thus, for highly swept configurations 
at relatively high angles of attack, perfect-gas tests used in conjunction 
with those analytic studies which are possible should provide useful design 
data for flight conditions where equilibrium real-gas behavior is expected. 
INTRODUCTION I 
When flight velocities of aircraft and missiles remained below about 
3,000 to 4,000 ft/sec in the atmosphere it was permissible to determine 
aerodynamic and thermodynamic performance by assuming that the air was 
a perfect gas with constant specific heats. The attainment of consid- 
erably higher velocities in the last decade requires the more correct 
treatment of air as a real gas. The complex chemistry involved in the 
dissociation and recombination reactions makes simulation of the hyper- 
sonic environment more difficult than the low-speed environment, and 
though shock tubes, shock tunnels, and ballistic ranges have provided 
much useful data, analytic studies and flight tests must be relied upon 
to provide much of the necessary information for the determination of 
real-gas effects at this time. The purpose of the present report is to 
examine and illustrate the real-gas effects on the inviscid flow forces 
and moments and upon the aerodynamic heat-transfer rates for some simple 
shapes in a continuum flow of air in chemical equilibrium. Some comments 
regarding nonequilibrium flows are included. 
The large body of experimental data on the Mark I1 and 111 nose cones 
and the numerical solutions of Gravalos were made available through the 
courtesy of the General Electr ic  Missile and Space Vehicle Department. 
1 
SYMBOLS 
A constant 
C~ drag coefficient 
CL l i f t  coefficient 
% pitchingemoment coefficient 
P pressure coefficient 
drag 
t o t a l  enthalpy 
s t a t i c  enthalpy 
enthalpy i n  dissociation 
l i f t  
Mach number 
constant 
Lewis number 
Nusselt number 
Prandt 1 number 
Reynolds number 
Stanton number 
pressure 
q heat-transfer r a t e  
Q R nose radius 
Rb base radius 1 
r enthalpy recovery fac tor  
T temperature 
t thickness 
u velocity i n  x-direction 
v velocity i n  y-direction 
x surface coordinate i n  direction of inviscid flow (chordwise 
coordinate f o r  yawed in f in i t e  cylinder) 
Y spanwise surface coordinate f o r  yawed in f in i t e  cylinder 
a angle of attack 
7 r a t i o  of specif ic  heats o r  polytropic exponent 
7e effect ive specific-heat r a t i o  
A sweep or yaw angle 
I-1 viscosity 
5 a x i a l  length 
P density 
d he-rli sphere angular coordinate, X/R 
Subscripts : 
a w  adiabatic w a l l  
e l oca l  external t o  boundary layer 
MAX maximum value 
s stagnation point o r  l ine  
loca l  wall 
f r e e  stream 
INVISCID FIDW OF EQUILIBRIUM A I R  
Inviscid flow w i l l  be discussed f i r s t .  Equilibrium thermodynamic 
properties of a i r  have been extensively and accurately calculated t o  
temperatures of about 15,000~ K. (see refs .  1 t o  5.)  With the a id  of L 
these resul ts ,  the inviscid flow forces and moments f o r  a body i n  an 1 
equilibrium real-air  flow can be predicted with considerable confidence 0 
i f  the corresponding perfect-gas case i s  amenable t o  calculation. How- 5 
ever, even the perfect-gas theore t ica l  calculations are  limited t o  com- 0 
paratively simple shapes a t  present. Typical of these shapes i s  the 
* 
blunt body of revolution, investigated thoroughly i n  connection with the 
development of heat- sink types of b a l l i s t i c  missiles . 
b Blunt-Body Pressure Distributions 
As yet, no analytic solutions of the subsonic flow f i e l d  between 
the body and the shock have been achieved, but a number of numerical 
procedures f o r  computing the subsonic and transonic portions of t h i s  
flow have been derived. h e s e  f a l l  i n to  two categories; namely, direct ,  
i n  which the body shape i s  given and the shock shape and flow are com- 
puted (e.g., refs .  6 and 7), and inverse, i n  which the shock shape i s  
assumed, and the flow f i e l d  and body shape are  computed (e .g., refs .  8 
and 9 ) .  Any downstream supersonic flow i s  computed by the method of 
characteristics.  
The simplest blunt shape, one extensively tested, i s  the hemisphere. 
A comparison of experimental pressure-distribution data with predicted 
dis t r ibut ions i s  shown f o r  the perfect-gas case i n  f igure l ( a )  at  Mach 
numbers near 5. The data  were obtained from references 10 t o  14, a t  
Mach numbers of 4.15 t o  6.80. Predictions shown are  the modified 
Newtonian-Prandtl-Meyer dis t r ibut ion and three of the numerical proce- 
dures; namely, those of Gravalos, Edelfelt, and Ehmons, M, = 5.0 
(ref.  6),  Belotserkovskii, M, = 5.8 (ref .  7) and Van Dyke, M, = 5.8 
(ref .  8). The three numerical solutions are  indistinguishable from one 
another on t h i s  figure and f a l l  s l i gh t ly  lower than the Newtonian-Prandtl- 
Meyer approximation. Agreement between theory and data  i s  very good, 4 
and the modified Newtonian-Prandtl-Meyer dis t r ibut ion appears t o  be a 
useful, re la t ive ly  simple approximation f o r  t h i s  shape. 
To investigate some of the real-gas effects,  the predicted d i s t r i -  
bution of pressure coefficient over a hemisphere f o r  atmospheric f l i g h t  
a t  a Mach number of 15 i s  shown in, f igure l ( b ) .  The perfect-gas numer- 
i c a l  solution up t o  X/R = 1 was obtained from the d is t r ibut ion  on the 
blunt portion of a spherically blunted 30' half-angle cone given i n  ref- 
erence 6 ,  The remainder of the  curve, t o  $ = F, * was estimated on the 
basis  of other high Mach number perfect-gas solutions. The real-gas 
curve f o r  Q = I 5  a t  an a l t i t ude  of 100,000 f e e t  was computed by the 
Gravalos method. A t  t h i s  Mach nlmber the predicted real-  and perfect- 
a i r  pressure-coefficient dis t r ibut ions a re  only s l igh t ly  different .  
However, the normalizing real-  and perf ect-air  values of C p , ~ ~ x ,  tab- 
ulated i n  the figure, d i f f e r  by about 3 percent, and t h i s  difference i s  
f e l t  i n  the drag coefficients; which d i f f e r  by about 2 percent. 
Shown a lso  i n  figure l ( b )  a re  data  a t  M, = 12 from X-17 f l i g h t s  
R-22 and R-26 (refs .  15 and 16, respectively).  These data a re  compared 
with the modified Newtonian-Prandtl-Meyer prediction with & = 12 and 
7 = 1.195, approximating a real-air  dis t r ibut ion ( t h i s  value of 7 i s  
the stagnation-point polytropic exponent f o r  t h i s  f l i g h t  condition). 
The limited amount of data and t h i s  prediction are  i n  good agreement. 
The G. E. Mark I1 nose cone represents another blunt shape on which 
extensive f l i g h t  t e s t s  have been carried out. This shape has a nearly 
spherical nose with a conical s k i r t  of 51A0 half -angle. Shown i n  f ig-  2 
ure 2 are experimental data f o r  Mach numbers from 1 1 . 1 t o  16.7 a t  a l t i -  
tudes of from 74,000 t o  102,000 fee t ,  plot ted a s  c ~ / c ~ , ~ ~ ~  against 
x/Rb. Real-air predictions by Gravalos' method a t  M, = 14.6 and 
270,000 f e e t  and a t  Q = 10.5 and about 90,000 f e e t  a re  shown along 
with the perfect-gas prediction f o r  M, = 15. The experimental data  
tend t o  follow the  trend of the theore t ica l  predictions $ut are  somewhat 
lower. The perfect- and real-air  predictions a t  comparable Mach numbers 
(15 and 14.6, respectively) indicate a s ignif icant  real-gas e f f ec t  on 
the sk i r t .  Elsewhere, predicted real-gas e f f ec t s  on the pressure- 
coefficient d is t r ibut ion  are  small. 
Downstream Pressures on Blunt Bodies 
The requirement f o r  vehicles with be t te r  performance than that 
given by the blunt heat sink led t o  the second-generation ICBM's, which 
are  re la t ive ly  slender blunted bodies. To i l l u s t r a t e  the  real-gas 
e f fec ts  upon pressure dis t r ibut ion downstream of the nose regions, f ig-  
ure 3 shows the dis t r ibut ion of C p / C p , ~ ~ x  plot ted against a x i a l  length 
f o r  the G. E. Mark 111 a t  a Mach number of 20. This missile consists I 
of a spherically blunted 24' half-angle cone followed by an almost cylin- 
d r i c a l  section ( l o  converging cone) ahd a biconic f l a re .  Shown are 
rea l -a i r  predictions of Gravalos at  200,OOG and 60,430 f e e t  of a l t i tude,  
e 
the perfect-gas d is t r ibut ion  (computed only through the f i r s t  f l a r e  
shock), and experimental data a t  M, = 20 and an a l t i t ude  of 62,000 fee t .  
The data, obtained during violent pitching osci l la t ions,  generally 
bracket the prediction. 
On the spherical nose the real-gas e f fec ts  are  small, just  a s  on 
the hemisphere shown ear l ie r ,  but l e s s  noticeable because the abscissa L 
i s  now a x i a l  length rather  than surface distance. Downstream, there a re  1 
more pronounced differences between the distributions,  of the order of 0 
20 percent on the main body and 40 percent on the f la re .  The main dif-  5 
ference i n  pressures, between the r e a l  air a t  X)0,000 f e e t  and the r e a l  0 
a i r  a t  60,000 f e e t  as well as  between the  r e a l  a i r  and perfect a i r ,  
appears t o  occur a f t e r  abrupt body-surface deflections, which on the + 
three-dimensional body surface are  s t i l l  local ly  two-dimensional Prandtl- 
Meyer or  oblique shock flows. Reflection of waves back onto the body 
causes a s ignif icant  par t  of the pressure differences t o  disappear. 
s' 
Inviscid Forces and Moments on Reentry Vehicles 
Lif t ing reentry vehicles f a l l  generally into two categories, winged 
vehicles and l i f t i n g  bodies. Because the inviscid flow f i e l d s  about 
these configurations at angles of a t tack are d i f f i c u l t  t o  compute accu- 
rately,  simple flows w i l l  again be used f o r  i l l u s t r a t i v e  purposes. 
The forces and moments on a winged vehicle a t  posit ive angles of 
attack a r i se  mainly from the pressure f i e l d  on the lower surface. Shown 
i n  f igure 4 i s  the r a t i o  of perfect-air  t o  rea l -a i r  pressure on a swept 
f l a t  p la te  plot ted against angle of a t tack up t o  the perfect-air  detach- 
ment angle ando simulating par t  of a swept wing at M, = 20 and an a l t i -  
tude of 200,000 fee t .  It i s  evident t h a t  real-gas e f f ec t s  are  small a t  
s m a l l  angles of attack, increasing t o  the order of 20 percent near the 
perfect-air  detachment angles f o r  each sweep. Beyond the detachment 
angles the  pressures cannot be accurately calculated, but measurements 
indicate  tha t  beyond the detachment angles the surface pressures mono- 
tonical ly  approach the modified Newtonian predictions. Thus, the r a t i o  
P P ~ E C T /  %EAL would be expected t o  decrease beyond detachment fo r  each 
value of sweep, reaching the perfect- t o  real-air  stagnation-pressure 
r a t i o  a t  an angle of attack of f o r  a l l  sweeps. For the f l i g h t  con- 
di t ions of figure 4, t h i s  value i s  0.95 (shown at  the r ight  margin). 
The aerodynamic character is t ics  of a blunted half-cone typify those 
of a lifting-body configuration. Shown i n  figure 5 are  the character- 
i s t i c s  of a spherically b l u n t e d g O  hag-cone with a bluntness r a t i o  
\ \ 
R / R ~  of 0.3 a t  M, = 15 and an a l t i t ude  of 85,000 fee t .  The pressure 
dis t r ibut ions,  shown plotted as p ps against dimensionless ax ia l  I, 
length, were obtained f o r  the complete cone a t  zero angle of attack by 
Gravalos (ref .  6),  and were assumed t o  apply t o  the lower half of t h i s  
half-cone. The real-  and perfect-air  curves a t  a Mach number of 15 may 
be seen t o  be l i t t l e  different .  With free-stream pressure assumed t o  
be acting on the top surface and with zero base pressure, the aerody- 
namic character is t ics  were comp~lted from the pressure dis t r ibut ions with 
the top surface alined ~ 4 t h  the stream (a = 0) .  The r e su l t s  are tabu- 
la ted i n  f igure 5, from which it i s  seen tha t  the real-gas e f f ec t s  a re  
generally about 1 percent. Shown also are  nose (modified Newtonian- 
~randtl-  eyer) and sharp-cone pressures f o r  the  same configuration a t  
& = 2 0  and X)0,000 f e e t  of a l t i tude.  Though the performance coeffi- 
c ien ts  were not computed because the pressure d is t r ibut ion  i s  incom- 
plete,  the pressures shown indicate real-gas e f f ec t s  of the same order 
as  those shown at M, = 15. 
The real-gas e f fec t  on pressure d is t r ibut ion  was shown e a r l i e r  ( i n  
connection with the Mark I11 vehicle, f ig .  3) t o  be larger  just  behind 
abrupt body-surface deflections than far ther  downstream. The resul t ing 
ef fec t  upon forces and moments a t  angles of a t tack cannot be computed 
accurately f o r  such a body of revolution, but i n  order t o  investigate 
t h i s  phenomenon, a computation was performed fo r  a s i m i l a r  two-dimensional 
body f o r  which the r e su l t s  would be expected t o  show real-gas e f f ec t s  
qual i ta t ively l ike,  but much larger  than, those experienced by an axisym- 
metric b&dy. The configuration, shown i n  figure 6(a), has a wedge nose 
with a 30' half-angle, a slab 10 thicknesses i n  length, and a terminal 
20' f l a r e  514 of the thickness i n  length, The pressure dis t r ibut ions 
f o r  M, = 20 and a 200,000-foot a l t i t ude  were computed by the method 
of character is t ics  fo r  angles of a t tack up t o  the detachment angles of 
the nose shock f o r  helium, perfect air, and r e a l  a i r .  The rea l -a i r  
dis t r ibut ion was approximated by t h a t  f o r  a perfect gas with an effec- 
t i v e  specific-heat r a t i o  ye defined so t h a t  the Rankine-Hugoniot equa- 
t ions  across the  strongest shock wave i n  the flow f i e l d  yielded the 
correct ( r e a l  a i r )  pressure and density. This procedure a l so  requires 
Iv 
use of an effect ive Mach number equal t o  
- &. lK 
Also shown i n  figure 6(a)  a re  the pressure dis t r ibut ions p pm I 
plotted against 5 / t  f o r  zero angle of attack. Flare pressures were 
assumed t o  be constant a t  t h e i r  i n i t i a l  values. Note the large d i f fe r -  
b ences i n  pressures just  rearward of the  shoulder and persis t ing u n t i l  
the f i r s t  waves a re  reflected f romthe  shock back t o  the body. Farther 
downstream, pressure differences between the various gases decrease, a s  
shown i n  figure 3 fo r  the Mark 111 body of revolution. 
A n  example of the r e su l t s  obtained i s  shown i n  figure 6(b),  a plot 
of pitching-moment coefficient (based upon overal l  length) against angle 
of attack. For the range of angle of &tack shown, the configuration 
exhibi ts  a posit ive pitching moment i n  a l l  three gases; the largest  
values a t  given a are  f o r  helium up t o  5O, and the smallest values t 
are f o r  r e a l  a i r .  Significant real-gas e f f ec t s  on C, are apparent 
f o r  3O 5 a 5 15O. However, at very large angles of attack the real-  
gas e f fec t  should be rather  small, since Newtonian pressures should 
be applicable. These d i f f e r  f o r  the gases only by the stagnation- 
pressure ra t io ,  about a 5-percent difference between r e a l  and perfect 
a i r  i n  t h i s  case. Flight data on the Mark I11 with a single-element 
f l a r e  showed a pitching-moment coefficient a t  small angles of attack L 
qual i ta t ively l ike  t h a t  i n  figure 6(b) f o r  r e a l  a i r .  1 0 
Shown a lso  i n  figure 6(b) i s  a tab le  of s t a t i c  margin 5 0 
as  a f rac t ion  of body length, f o r  the  three cases. The s h i f t  i n  s t a t i c  
margin from r e a l  a i r  t o  perfect a i r  i s  one-half of 1 percent of the body -e 
length. 
It i s  important t o  note tha t  the moment i s  highly dependent upon 
the f l a r e  loc&ion and geometry. (see f ig .  6(a) .  ) For example, i f  the 7' 
f l a r e  of the configllration investigated were placed where the real-gas 
pressure w a s  a maximum, ~ / t  = 7, the f l a r e  effectiveness near a = 0 
would be l i t t l e  changed from the or ig ina l  location f o r  the r e a l  a i r  
but much enhanced f o r  the perfect-air  and helium cases, changing the 
curve of C, against a significantly.  
To summarize f o r  the inviscid flow of equilibrium a i r ,  the d i f fe r -  
ence between real-  and perfect-air  pressure d is t r ibut ions  and drag i s  a t  
most a few percent i n  blunt-body nose regions, though downstream pressures 
on r e l a t ive ly  slender blunted bodies may d i f f e r  considerably. Be cause 
l i f t  and moments depend on pressure differences, caution must be exer- 
cised i n  the interpretat ion of perfect-gas t e s t s  a s  applying t o  the 
real-gas conditions, especially f o r  bodies having abrupt changes i n  sur- 
face slope and a t  small angles of attack. For blunt bodies of continuous 
slope real-gas e f f ec t s  a re  great ly  reduced. Also, since sweep reduces 
the maximum flow-field temperatures and consequently the degree of gas- 
eous imperfection, real-gas e f f ec t s  would be expected t o  be small f o r  
highly swept wings except a t  angles of a t tack near detachment of the 
wing shock. 
AFRODYNAMIC HEAT TRANSFER FOR EQUILIBRIUM AIR 
Whereas the inviscid flow of equilibrium r e a l  air i s  a function of 
the well-tabulated thermodynamic properties and may be calculated with 
some certainty,  the viscous flow depends also upon the transport  prop- 
e r t i e s  (viscosity, thermal conductivity, etc.  ) f o r  which only approxi- 
mations a re  available (e .g., refs., 17 t o  19). These estimates d i f fe r ,  
f o r  example, by a s  much a s  50 percent i n  $riscosity fo r  fu l ly  dissociated 
a i r .  An important question t o  be considered, then, i s  how much are  heat- 
t ransfer  predictions affected by these different  estimates? These pre- 
dictions a re  limited t o  simple shapes where the  d i f f e ren t i a l  equations 
are  applicable. Because of the highly empirical nature of t ransi t ion-  
and turbulent-flow analyses even f o r  the perfect gas, the present dis- 
cussion i s  limited t o  laminar flow. 
Stagnation Flows 
The stagnation boundary layers fo r  a body of revolution and f o r  a 
yawed in f in i t e  cylinder are  members of the class  f o r  which exact solu- 
t ions  of the boundary-layer equations are  possible. Correlations f o r  
the heat-transfer parameter have generally been found t o  be of the 
f o m  
independent of the stagnation temperature or  enthalpy level. The con- 
s tan ts  A and m depend upon the f lu id  properties used i n  solving the 
boundary-layer equations and the type of flow, and are  l i s t e d  i n  tables  I 
and I1 f o r  the axisyrmnetric stagnation point and yawed i n f i n i t e  cylin- 
der, respectively. It i s  noteworthy tha t  the s m a l l  amount of variation 
i n  A and m shown i n  the tables  represents solutions with f l u i d  prop- 
e r t i e s  ranging from constant (incompressible f l u i d )  t o  those f o r  dis- 
sociated a i r  computed by the present authors with the transport  proper- 
t i e s  of Hansen ( re f .  17) . Thus the boundary-layer dimensionless parameters 
a re  hardly affected by real-gas properties. 
From the defini t ions of the Nusselt and Reynolds numbers, the aero- 
dynamic heat-transfer rate ,  using equation ( l ) ,  i s  
where f o r  the  axisyrmnetric case, 
haw = % 
t 
and f o r  the yawed i n f i n i t e  cylinder, 
ve2 haw = J& - ( 1  - r )  
and where r i s  the enthalpy recovery factor.  Although the constants 
A and m are  l i t t l e  influenced by gas properties, a s  shown i n  tables  I L 
and 11, the absolute heat-transfer rate ,  on the other hand, may be very 1 
much influenced by the gas properties, a s  can be seen from equation (2) .  0 
The most important fac tors  influencing the heat-transfer r a t e  are  the 5 
stagnation-point o r  stagnation-line density and viscosity outside the 0 
boundary layer, pe, and pe, ,, respectively. For a known rea l -a i r  
inviscid flow (known pe, s) the uncertainty i n  viscosity p C 
e, s 
creates 
the  major uncertainty in-heat-transfer ra te .  A s  pointed out ea r l i e r ,  
the viscosity f o r  f u l l y  dissociated air may be uncertain by a s  much a s  
50 percent, but because the exponent m i s  near 1/2, the uncertainty g 
i n  heat-transfer r a t e  i s  at most about 25 percent f o r  f u l l y  dissociated 
a i r ,  and even considerably l e s s  f o r  only p a r t i a l  dissociation. 
Up t o  t h i s  point, the discussion has used the assumption of uni t  
Lewis number. For dissociating a i r  with a constant kwis number not 
equal t o  unity, Fay and Riddell ( re f .  2 0 )  predict an ef fec t  of Lewis 
number given by 
which, f o r  NL, = l.h, ranges from 1 f o r  no dissociation t o  about 1.15 
f o r  f u l l y  dissociated a i r .  The more recent solutions of the present 
authors using Hansen' s trandport properties ( ref .  17), including vari-  
able Lewis number, give a correction fac tor  of 
which i s  considered here a negligible correction. 
Experimental data  ex i s t  on a var iety of axisyrmnetric nose shapes at- 
hypersonic speeds during reentry f l i g h t  t e s t s .  Shown i n  figure 7 are  
r e su l t s  f o r  two shapes; the hemisphere (X-17 f l i g h t s )  with data obtained 
from references 15, 16, 21, 22, 23, and 24, and the G. E. Mark I1 nose 
cone ( ~ t l a s  f l i g h t s ) .  Plotted i s  the r a t i o  of experimental t o  theoret- 
i c a l  real-air  heat-transfer r a t e s  against f l i g h t  velocity. The refer-  
ence theory i s  tha t  of the present authors f o r  r e a l  a i r  (A  = 0.767, 
m = 0.45), but uses the more recent viscosi ty  prediction of Bauer and 
Zlotnick (ref .  18) f o r  the absolute viscosity i n  equation (2). 
The X-17 hemisphere data sca t te r  about the theore t ica l  value (1.0) 
from 0.7 t o  1.4 and the three Mark I1 points (three different  f l igh ts ,  
each data  point a t  the peak heating value) sca t te r  from 0.8 t o  1.2, 
Shorn also is  a curve representing the predicted values obtained by using 
Fay and Riddell 's  correlations (A = 0.76, m = 0.4) with the Sutherland 
viscosi ty  and unit  Lewis number. This prediction appears low by 10 t o  
X) percent, but t h i s  i s  mainly caused by use of the Sutherland viscosity 
law i n  computing ~ r , ,  from equation (2).  A correction f o r  Lewis number 
e f fec ts  (eq. ( 5 ) )  with Nk = 1.4, used i n  conjunction with the Sutherland 
viscosity, would bring Fay and Rlddel l f s  prediction in to  e s sen t i a l  agree- 
ment with the authorsf.  Use of Hansen's or Bauer and Zlotnick's viscos- 
i t y  law f o r  pe,s i n  conjunction with Nk = 1 and Fay and Riddell 's  
solution would a lso  yield very good agreement, as  evidenced by the small 
differences i n  A and m. 
Flat-Plate Flow 
Another exact s i m i l a r  solution f o r  the laminar flow of equilibrium 
a i r  ex i s t s  f o r  f la t -p la te  boundary layers. Shown i n  f igure 8(a)  are  
correlations of a few of the solutions obtained by the authors with 
Hansen's transport  property approximations f o r  r e a l  a i r .  Plotted here 
are  curves of the heat-transfer parameter N S t K  against the r a t i o  
of loca l  external pp t o  the loca l  w a l l  pp. The parameter i s  the r a t i o  
of the s t a t i c  enthalpy t o  t o t a l  enthalpy outside the boundary layer; the 
corresponding perfect-gas ( 7  = 1.4) external  Mach numbers are  also shown. 
A s  f o r  the stagnation flow, these correlations a re  independent of the 
enthalpy leve l  of the external flow. Plotted i n  the f igure are  some cor- 
responding perfect-gas values ( taken from Van Driest, re f .  25, and adjusted 
t o  Npr = 0 .7 )~  and it i s  seen' t ha t  the real-gas e f fec t  on t h i s  parameter 
i s  a t  most 5 t o  10 percent. A s  i n  the stagnation case, however, the abso- 
lu te  heat-transfer r a t e s  can be influenced by the real-gas transport prop- 
e r t i e s  even though the dimensionless parameters are  l i t t l e  affected. 
I n  the absence of f la t -p la te  data obtained during hypersonic atmos- 
*herPc f l igh t ,  shock-tube data obtained on a 10' wedge by Jones (ref .  26) 
are  shown i n  figure 8(b) compared with rea l -a i r  theory. Plotted i s  the i 
r a t i o  of experimental t o  theore t ica l  real-air  heat-transfer r a t e  against 
equivalent f l i g h t  velocity f o r  the sape stagnation enthalpy a s  i n  the 
shock-tube t e s t .  The data  tend t o  sca t te r  about the theory within 
+20 percent. For comparison, incompressible theory (based upon real-air  * 
inviscid shock-tube conditions) i s  a l so  shown and i s  about 10 percent 
lower than real-gas theory. 
Laminar Heat-Transfer Distribution 
L 
The laminar heat-trahsfer dis t r ibut ion (the r a t i o  q w /  q w,s )  has been 1 
shown by Lees ( re f .  27) t o  be a function only of the  inviscid flow f o r  0 
moderately curved bodies with highly cooled walls. Typical r e su l t s  with 5 
Leesf method are  displayed i n  f igures  9(a)  and g(b) .  I n  figure 9(a)  0 
are shown data  and theories f o r  a hemisphere a t  a Mach number of 12 
plotted as the r a t i o  qw/qw,, against X/R. The predicted real-gas -a 
e f fec t  i s  small, as  expected, because the pressure dis t r ibut ions are 
so l i t t l e  different .  The data, obtained from X-17 f l i g h t  t e s t s ,  sca t te r  
about both theories. 
# 
I n  figure g(b) i s  plotted a similar figure f o r  the G. E. Mark I T  
nose cone. The perfect-air  and rea l -a i r  theore t ica l  curves, plotted 
as  q,/qW,, against x / R ~ ,  were computed by using Lees' method and 
. . 
theore t ica l  pressure dis t r ibut ions shown i n  figure 2. Again, a small 
real-gas e f fec t  may be noted. The experimental data  were obtained from 
Atlas f i r ings  and tend t o  sca t te r  about the theories. 
Thus, the laminar stagnation and f la t -plate  heat-transfer param- 
eters ,  and the laminar heat-transf e r  dis t r ibut ion ( r a t io ) ,  a re  essen- 
tially unaffected by real-air  properties. The heat-transfer r a t e s  them- 
selves show a real-gas e f fec t  primarily through t h e i r  dependence upon 
the loca l  inviscid flow and transport properties, but a re  generally 
predictable within the sca t te r  of experimental data. 
NONEQUILIBRIUM EFFECTS 
The theory of f in i t e - r a t e  processes i s  i n  i t s  infancy a t  the pres- 
ent time and various estimates of the reaction-rate parameters d i f f e r  
by orders of magnitude. Some estimates of character is t ic  relaxation 
lengths have been made; f o r  example, the dissociation and vibration 
relaxation lengths are  suf f ic ien t ly  short f o r  chemical equilibrium t o  
be assumed f o r  flow behind normal shocks with M, > 15 below 250,000 f e e t  
of a l t i tude  i f  the character is t ic  flow length i s  1 foot  ( re f .  28). On 
the  other hand, f o r  an oblique shock with a flow deflection angle of 25' 
a t  I&, = 22, nonequilibrium e f fec t s  may enter above about 1%,000 f e e t  
of a l t i tude  ( re f .  28). I n  any e q n t ,  f in i te - ra te  pressures immediately 
behind - a l l  portions of the primary shock wave should be roughly between 
the extremes predicted by perfect (frozen) and equilibrium real-air  
computations (seen previously t o  be a t  most of the order of 20 percent). 
Surface pressures close t o  the stagnation point w i l l  a l so  be within the 
perfect and equilibrium rea l -a i r  pressures, t ha t  is, within re la t ive ly  
narrow limits (around 5 percent). 
Less can be said regarding downstream ef fec ts  of f i n i t e  relaxation 
rates .  It i s  clear  tha t  i n  regions of rapid expansion, such a s  near the 
vertex of a Prandtl-Meyer expansion fan, nonequilibrium ra t e s  may cause 
re la t ive ly  large loca l  pressure disturbances, but the e f f ec t s  upon body 
forces and moments cannot be estimated. Separation and reattachment 
might be strongly affected by f i n i t e  rates,  as  i l l u s t r a t ed  qual i ta t ively 
i n  figure 10. Shown i s  the corner region of a typica l  b a l l i s t i c  capsule. 
Separation was assumed t o  occur a t  the rearward corner, and the flow w a s  
then assumed t o  expand t o  a given pressure (corresponding t o  f l i g h t  
measurements) f o r  perfect a i r ,  and f o r  frozen and equilibrium r e a l  a i r .  
The i n i t i a l  slope of the separation streamline shown i n  the figure, and 
hence flow reattachment on the afterbody, i s  seen t o  depend strongly 
upon the assumed reaction rates .  Corners and afterbodies of t h i s  type 
occur on the G. E. Mark I1 and Mercury capsules. It i s  interest ing tha t  
no reattachment was observed during Mark I1 f l igh t s ,  although an equi- 
librium expansion around the corners t o  the measured afterbody pressure 
indicated the likelihood of flow reattachment. 
Nonequilibrium ef fec ts  upon heat-transfer dimensionless parameters 
have been shown by Fay and Riddell ( ref .  20) and by Chung and Anderson 
(ref .  29), t o  be negligible fo r  stagnation and f la t -p la te  flows, respec- 
t ively,  provided the wall i s  cold and catalyt ic .  I f  the wall  were non- 
catalyt ic ,  on the other hand, s ignif icant  reductions i n  heat t ransfer  
could be obtained with cold walls, because some of the energy of dis- 
sociation would be retained by those atoms not recombining at the surface. 
CONCLUSIONS 
It has been shown that equilibrium real-gas behavior does not, i n  
general, d ras t ica l ly  a f fec t  inviscid flow forces and moments and aero- 
dynamic heat-transfer r a t e s  f o r  most of the simple shapes considered. 
I n  fact ,  the sca t te r  i n  the rea l -a i r  experimental pressure and heat- 
% t ransfer  data  on these shapes was shown t o  be larger than the predicted 
real-gas effect .  Significant real-gas e f fec ts  i n  inviscid flow were 
predicted only f o r  some unswept two-dimensional shapes having discon- 
t i n u i t i e s  i n  surface slope at small angles of attack, and f o r  swept f l a t  
P pla tes  near the shock detachment angle. 
On the basis  of the r e su l t s  obtained on most of the simple shapes 
considered here, real-gas e f fec ts  are  expected t o  be s m a l l  on the more 
complicated configurations presently Qeing investigated f o r  use as  
reentry vehicles, because these shapes are  characterized by highly swept 
surfaces and are  designed, f o r  the most part ,  f o r  f l i g h t  a t  re la t ive ly  @ 
high angles of attack. It therefore appears tha t  f o r  such configurations 
where performance cannot be computed accurately f o r  e i ther  r e a l  or  per- 
f e c t  a i r ,  perfect-gas t e s t s ,  used i n  conjunction with those analytic 
stud.ies which are  possible, w i l l  provide useful design data f o r  f l i g h t  
conditions where equilibrium real-gas behavior i s  expected, 
Lastly, nonequilibrium ef fec ts  on inviscid flow appear important 
mainly i n  regions immediately downstream of rapid expansions. With 
cold, ca ta ly t ic  walls, the heat-transfer parameters are essent ial ly  
independent of f i n i t e  r a t e  processes. 
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STUDIES OF STABILITY AND CONTROL OF 
1 
WINGED REENTRY CONFIGURATIONS 
By Robert W. Rainey and W i l l i a m  H. Close 
Langley Research Center 
SUMMARY 
A study of t h e  s t a t i c  s t a b i l i t y  and control  problem areas  of winged 
r een t ry  vehicles capable of maximum l i f t - d r a g  r a t i o s  of about 2 a t  hyper- 
sonic speeds has been made. Throughout the  Mach number and angle-of- 
a t t ack  ranges of t he  t e s t s ,  it appears t h a t  t h e  center-of-gravity loca- 
t i o n  w i l l  be a compromise between operation a t  maximum l i f t - d r ag  r a t i o  
a t  subsonic speeds and a t  maximum l i f t  a t  hypersonic speeds, where t he  
aerodynamic center i s  s ign i f i c an t l y  a f t  of i t s  locat ion at  subsonic 
speeds. A t  maximum l i f t  a t  hypersonic speeds, combinations of nose and 
f l a p  def lect ions  w i l l  t r i m  t he  vehic le  with reasonable longi tudinal  
s t a b i l i t y ,  and the  s t a t i c  d i r ec t i ona l  s t a b i l i t y  may be increased by use 
of wing-tip-fin rol l -out .  A t  hypersonic speeds, care must be exercised 
t o  t a i l o r  t he  forward port ions of t h e  vehicle i n  order t o  avoid longi-  
t ud ina l  and d i r ec t i ona l  i n s t a b i l i t y  i n  t h e  low-angle-of-attack range; 
a t  low angles of a t t ack  t h e  longi tudinal  control  ef fect iveness  i s  very 
low and aux i l i a ry  control  devices may be required. 
INTRODUCTION 
A study has been made of several  s t a t i c  longitudinal ,  d i r ec t i ona l ,  
and l a t e r a l  s t a b i l i t y  and control  problems associated with winged reentry  
vehic les  capable of maximum l i f t - d r a g  r a t i o s  of about 2 at hypersonic 
speeds. This study w a s  ca r r ied  out a t  speeds from subsonic t o  a Mach 
number of 18 and i n  t he  angle-of-attack range from O0 t o  t h a t  f o r  maxi- 
mum l i f t  (near 550). Several problem areas  a r e  discussed herein along 
with poss ible  solut ions .  
SYMBOLS 
4 
l i f t  coef f i c ien t ,  L i f t  
- 
Rolling moment 
rolling-moment coef f i c ien t ,  
Q%ING~ 
Pi tching moment pitching-moment coef f i c ien t  , 
  SWING^ 
Normal fo rce  
normal-force coef f i c ien t ,  
qwsw ,G 
Yawing moment 
yawing-moment coef f i c ien t ,  
LSWING~ 
dC 2 e f f ec t i ve  d ihedra l  parameter, -, per deg 
acn 
s t a t i c  d i r ec t i ona l  s t a b i l i t y  parameter, -, per deg 
  en^) f i n  f i n  contribution t o  s t a t i c  d i r ec t i ona l  s t a b i l i t y  parameter, per  deg 
s t a t i c  longi tudinal  s t a b i l i t y  parameter 
wing span, i n .  
mean aerodynamic chord, in .  
LID l i f t - d r a g  r a t i o  
M Mach number 
( P ~ / P ~ )  - 1 
real-gas pressure parameter, r a t i o  of real-gas t o  idea l -  
(P,/P,) - 1 gas pressure coef f i c ien t s  
s t a t i c  pressure 
dynamic pressure, l b Igq  i n .  
S~~ f l a p  planform area,  sq in .  
SFIN single f i n  area, sq in .  
S~~~~ nose planform area, sq in .  
SWING t o t a l  wing planform area, sq i n .  
a angle of a t tack,  deg 
I3 angle of s idesl ip ,  deg 
6n nose-panel-deflection angle, deg 
6f f lap-panel-deflection angle, deg 
9 f i n  rol l -out  angle referenced from the v e r t i c a l  plane 
Subscripts : 
MAX maximum 
t tr im 
00 free-stream conditions 
r real-gas conditions 
i ideal-gas conditions 
DISCUSSION 
Longitudinal S t a b i l i t y  and Control 
Angles of a t tack  fo r  maximum L/D o r  l e s s . -  The s t a b i l i t y  of sev- 
e r a lwings  and winged vehicles i s  presented i n  f igure  1 f o r  an angle 
of a t tack of 10' which i s  approximately t h a t  f o r  maximum L/D. The 
aerodynamic-center location r e l a t i v e  t o  the  mean aerodynamic chord i s  
plot ted against  Mach number. These r e su l t s  a r e  from references 1 t o  5 
and unpublished r e su l t s  from Boeing Airplane Co. In  the  lower portion 
of the f igure a re  presented r e su l t s  from t e s t s  of simple, symmetrical 
de l t a  wings; these r e s u l t s  show tha t  there i s  a large rearward s h i f t  i n  
aerodynamic center i n  the  transonic speed range. A t  Mach numbers above 
about 1, the aerodynamic center i s  located close t o  50-percent mean 
aerodynamic chord which is  the  centroid of area. However, f o r  the four 
reentry vehicles shown, which have bodies and f i n s  i n  combination with 
wings of unsyaretrical a i r f o i l  section, large aerodynamic-center s h i f t s  
a re  exhibited throughout the transonic and supersonic speed ranges. A t  
hypersonic speeds the  aerodynamic-center location i s  ahead of the 50- 
percent mean aerodynamic chord and i s  invariant with Mach number. Addi- 
t i o n a l  t e s t s  have been made f o r  two of the configurations reported i n  
reference 1 i n  the  air nozzle (M, = 9.6) and the helium nozzles (M, = 10 
and 18) of the Langley 11-inch hypersonic tunnel by Charles L. Ladson; 
whereas a t  a Mach number near 18, r e su l t s  are also available from AEDC 
Hotshot 1 using a i r  ( r e f .  2 ) .  It can be seen tha t  there i s  l i t t l e  
e f fec t  of the  var iat ion i n  f l u i d  properties upon the s t a b i l i t y  of the 
vehicles tes ted.  Furthermore, f o r  these vehicles, the r e su l t s  f o r  
M = 6.8 and 9.6 a re  representative of the r e su l t s  fo r  higher Mach num- 
bers,  It i s  obvious tha t  from a s t a b i l i t y  consideration f o r  these 
vehicles, the r e su l t s  f o r  the  de l t a  wings should not be depended upon. 
In general, the var iat ion i n  the aerodynamic-center location with Mach 
number is  similar f o r  the four reentry vehicles. In addition, the trend 
i n  center-of-pressure location i s  quite similar t o  the aerodynamic-center 
s h i f t s  shown i n  t h i s  figure,  and the problem of providing suff ic ient  con- 
t r o l  t o  t r im the vehicle even a t  low l i f t  coefficients through the 
supersonic-speed range i s  evident. A t  angles of attack higher than tha t  
of 100 shown i n  f igure 1 and a t  hypersonic speeds, the aerodynamic center 
and center of pressure move rearward, and, generally speaking, the center- 
of-gravity location would involve a compromise between the high-angle- 
of-attack t r im a t  hypersonic speeds and the  law-angle-of-attack s t a b i l i t y  
a t  subsonic speeds. From considerations f o r  subsonic speeds, a center- 
of-gravity location a t  42-percent mean aerodynamic chord appears reason- 
able and w i l l  be used f o r  the remainder of t h i s  presentation. 
A t  angles of a t tack  lower than t h a t  of lo0 shown i n  figure 1, the 
shape of the  forward portions of the vehicle and the wing a i r f o i l  see- 
t i o n  have a marked influence on the s t ab i l i t y .  Examples of t h i s  a re  
presented i n  f igure 2, i n  which fo r  a Mach number of 9.6, the pitching 
moment is plot ted against narmal force fo r  two of the vehicles of f ig -  
ure 1 f o r  f l a p  deflections of o0 and -10' f o r  the upper vehicle and 
f o r  O0 f o r  the lower. In  the  higher angle-of-attack range, the upper 
vehicle i n  s table  and f l a p  effectiveness i s  high. However, as the angle 
of a t tack i s  reduced below tha t  f o r  (L/D)* the large variations i n  
the downloads on the fuselage nose and a i r f o i l  section with a resulted 
i n  marked ins t ab i l i t y .  Furthermore, the f l a p  effectiveness is  very low. 
Modification of the  fuselage nose from the triangular cross section of 
the  upper vehicle t o  a higher fineness-ratio, "D" cross section of the 
lower vehicle along with a reduction i n  the a i r f o i l  thickness was suf f i -  
cient t o  a l lev ia te  the longitudinal ins tab i l i ty ;  however, although the 
r e su l t s  are  not presented herein, the problem of low f l@p effectiveness 
i s  s t i l l  prevalent. Other r e su l t s  not reported herein show tha t  f o r  
f l ap  deflections up t o  -45O, the f l ap  effectiveness i s  s t i l l  quite low 
for  f laps  with an area approximately 10 percent of the wing area. Con- 
sequently, larger  f laps  or auxi l iary devices or  both appear t o  be i n  
order. It should be noted f o r  figure 2, as  was pointed out f o r  figure 1, 
tha t  the body, and t o  some degree the f ins ,  influence strongly the lon- 
gitudinal character is t ics  i n  the low angle -of -attack range and wing- 
alone data a re  not indicative of the complete-vehicle character is t ics .  
Angles of a t tack near maximum l i f t . -  A t  the  angles of a t tack greater  
than about 250, the e f fec ts  of components on top of the wing are  essen- 
t i a l l y  nonexistent, and insofar a s  the vehicle character is t ics  a re  con- 
cerned, the complete vehicle may be simulated by a simple wing alone. 
In order t o  examine the high angle-of-attack t r im problem a t  hypersonic 
speeds, an investigation was undertaken with a 70' swept, f l a t -p l a t e  
de l t a  wing a t  M, = 6.7; the pitching-moment coefficients of t h i s  wing 
about the 42-percent mean aerodynamic chord are  plotted i n  figure 3 
against angle of a t tack f o r  f l ap  deflections of 06, -lo0, and -20'. The 
test-point symbols denote the measured resu l t s ,  and the l i n e s  denote the 
r e su l t s  from computations which u t i l i zed  the correlation of measured del ta-  
wing data a t  angles of a t tack i n  excess of leading-edge-shock detachment. 
(see r e f .  6.) For the wing with the undeflected f lap,  the large negative 
pitching moments i n  the maximum-lift range which must be trimmed out a re  
evident; consequently, a re la t ive ly  large f l a p  i s  i n  order. For the 
r e su l t s  presented herein the f l ap  area was 19 percent of the  wing area. 
The use of f l a p  deflection a t  these angles of a t tack provides sizable 
increments i n  pitching moments, and a s  expected, the e f fec ts  of f l a p  
deflection are  destabilizing. The computations underestimate somewhat 
both the pitching-moment increments and the destabilizing ef fec ts  of 
negative f l a p  deflection i n  the range of CL,MAX. Larger negative f l ap  
deflections w i l l  provide t r i m  i n  the maximum-lift range but with a 
fur ther  decrease i n  the s t ab i l i t y .  The longitudinal s t a b i l i t y  may be 
increased somewhat by the use of nose deflection as  shown i n  figure 4, 
i n  which the r e su l t s  show the increase i n  s t a b i l i t y  throughout the angle- 
of-attack range along with the increments i n  pitching moment which a re  
smaller a t  the higher angles of attack. The computations overestimated 
the moment increments and underestimated the s t a b i l i t y  increase near 
maximum l i f t .  
From a s t a b i l i t y  and control standpoint, it appears feasible  t o  
consider the combined use of nose and f l a p  deflection t o  provide trim 
with s t a b i l i t y  a t  angles of attack near maximum l i f t .  In f igure 5 are  
summarized some of the high-angle-of-attack t r i m  character is t ics  of the 
70° swept wing a t  M, = 6.7. The computed resu l t s ,  shown a s  sol id  l ines ,  
are  presented as t h e  t r i m  s t a b i l i t y  parameter ( a & / d ~ ~ ) ~  p lo t ted  
against  t he  trim angle of a t t ack  at f o r  nose def lect ions  of oO, 5O, 
and lo0. Along each l i n e  of constant nose def lect ion,  t he  f l a p  deflec- 
t i o n  angle var ies  from a small negative value t o  -40'. The dashed l i n e s  
a r e  t h e  computed contours of constant t r i m  l i f t  coeff ic ient .  For these  
trim conditions, an increase i n  nose def lect ion angle increased t h e  
vehic le  s t a b i l i t y  a s  was noted previously f o r  t h e  untrimmed case ( f i g .  4 ) .  
By use of combined nose and f l a p  def lect ions ,  it i s  possible t o  provide 
t r i m  with s t a b i l i t y  a t  maximum l i f t  ( f i g .  5 ) .  The maximum value of t r i m  
CL i s  0.62 based on t o t a l  planform area  including f l aps .  I f  the  center 
of g r av i t y  could be located more rearward, t r im CL could obviously be 
increased. However, such a rearward s h i f t  i n  center of g rav i ty  would 
not necessar i ly  reduce t he  ove ra l l  s t a b i l i t y  inasmuch a s  l e s s  desta-  
b i l i z i n g  negative f l a p  def lect ions  would be needed t o  trim. Experimental 
t r i m  r e s u l t s ,  shown i n  f igure  5 by t he  t es t -po in t  symbols, have been 
obtained f o r  several  combinations of nose and f l a p  def lect ions  ( r e f .  6 ) .  
Arrows from each tes t -po in t  symbol connect the  experimental point with 
i t s  comparative computed point .  I n  general,  good agreement e x i s t s  
between t he  experimental and computed r e s u l t s  except t h a t  t h e  computa- 
t i ons  y ie ld  s l i g h t l y  higher s t a b i l i t y .  The highest  measured t r im l i f t  
coef f ic ien t  obtained throughout t h i s  experimental invest igat ion was 0.63 
while t h e  highest  value of l i f t  coef f ic ien t  measured f o r  t h e  undeflected, 
untrimmed d e l t a  wing was 0.72. Of major i n t e r e s t  a l so  a re  t he  t r i m  
- cha rac t e r i s t i c s  a t  higher Mach numbers, and i n  f igure  6 a r e  summarized 
t he  r e s u l t s  of computations f o r  a Mach number of 18 f o r  the  same 70' 
swept d e l t a  wing u t i l i z i n g  the  computationalmethod of reference 6 f o r  
ideal-gas conditions. These computed r e s u l t s  a r e  similar  t o  those a t  
M, = 6.7 ( f i g .  5) except t h a t  t h e  value of maximum trim l i f t  i s  s l i g h t l y  
lower. Included f o r  comparison i s  t he  computed value of maximum t r i m  
l i f t  f o r  a vehicle with a wing loading of 25 lb / sq  f t  a t  an a l t i t u d e  of 
242,000 f e e t  where t he  real-gas e f f e c t s  have been approximated a s  
follows : 
The method of reference 6 f o r  computing longi tudinal  s t a b i l i t y  f o r  
ideal-gas conditions was extended t o  t he  approximate real-gas conditions 
by t h e  use of references 7 and 8. For t he  two-dimensional case of r e f -  
erence 7 up t o  shock detachment and f o r  t he  normal-shock case of r e f e r -  
ence 8, a var ia t ion  with flow def lec t ion  angle was obtained f o r  t h e  
- 
parameter (pr/pm) - 1 f o r  t he  case of a Mach number of 18 and an a l t i -  
(pi/pm) - 1 
tude of 242,000 f e e t  (1956 ARDC model atmosphere) . A t  the  various panel 
flow-deflection angles, t h e  individual  ideal-gas panel pressure coeff i -  3 
c i en t s  previously obtained were mul t ip l ied by t h i s  real-gas pressure 
parameter and t h e  product i s  t h e  approximate real-gas pressure coeff ic ient .  
These approximate real-gas e f fec ts  did not a l t e r  the value of the 
maximum trim l i f t  appreciably as  compared with the ideal-gas value 
although the angle of attack a t  which it occurred was s ignif icant ly 
higher and the control geometry required was s l igh t ly  altered. 
It should be emphasized tha t  while e f fec ts  of var iat ion i n  nose 
deflection have been discussed herein, a reentry vehicle would u t i l i z e  
a fixed nose. Care must be exercised i n  the selection of such a nose 
with regard t o  exceeding the temperature l imitation on t h i s  deflected 
area and with regard t o  the reduction i n  s t a b i l i t y  produced by the nose 
a t  angles of a t tack near ( L / D ) ~ ~ ~  or  lower. Past experience ( r e f .  9) 
indicates tha t  about 5' of nose deflection i n  combination with a small 
negative f l a p  deflection w i l l  trim a similar vehicle a t  angles of attack 
i n  the range of ( L / D ) ~ ~ ~  with essent ia l ly  no performance penalty and 
with reasonable longitudinal s t ab i l i t y .  The r e su l t s  presented herein 
( f igs .  5 and 6) indicate tha t  these angles of nose deflection may be 
used i n  combination with large negative f l a p  deflections t o  provide trim 
with s t a b i l i t y  a t  maximum l i f t .  
Directional and Lateral  S tab i l i t y  
Basic s t a b i l i t y  derivatives.- With regard t o  direct ional  and l a t e r a l  
s t ab i l i t y ,  r e su l t s  from t e s t s  of two vehicles (from ref .  1 and unpublished 
r e su l t s  from Boeing Airplane Co.) a re  presented i n  figure 7 fo r  an angle 
of attack approximately tha t  f o r  ( L / D ) ~  The s t a t i c  C and C 
nB B 
(body axes) are presented as  functions of Mach number. For both vehicles 
the decay i n  CnB with Mach number increase due t o  the reduction i n  t i p -  
f i n  effectiveness i s  evident. For t h i s  type of vehicle, the posit ive 
value of 
CIB 
can be removed by a small amount of dihedral of the lower 
wing surface. Angle of a t tack a lso  has an appreciable influence on 
direct ional  and l a t e r a l  s t a b i l i t y  as  seen i n  figure 8. A t  low afigles 
of attack the s t a t i c  Cn increased with a as  a r e su l t  of the reduc- 
B 
t fon i n  the destablizing influence of the  fuselage nose. A t  higher 
angles of attack, the effectiveness of the t i p  f i n s  f a l l s  off and s t a t i c  
direct ional  in s t ab i l i t y  resu l t s .  However, fo r  these vehicles with 
highly swept wings, 
C l ~  
becomes large negatively and may of fse t  the 
direct ional  in s t ab i l i t y  f o r  the dynamic case. 
Method t o  improve s t a t i c  
C n ~  
.- If it i s  desirable t o  have posit ive 
values of s t a t i c  
CnB 
a t  these high angles of attack, one method of 
improving s t a t i c  
C " ~  
i s  the use of f i n  roll-out ( f ig .  9) . The f i n  
roll-out angle i s  tha t  angle between the plane of the f i n  and the 
ver t ica l .  The use of roll-out causes the maximum deflection angle of 
the flow re la t ive  t o  the f i n  t o  occur a t  higher angles of attack; thus, 
the i n i t i a t i o n  of Cn decay i s  delayed t o  a higher angle of attack. P 
It i s  seen tha t  i n  t h i s  angle-of-attack range, f i n  roll-out may be used 
t o  nul l i fy  the familiar C decay shown fo r  $ = 0' and t o  produce 
n~ 
an invariant o r  an increasing 
C n ~  
contribution of the f i n s  with a 
increase. O f  course, with f i n  roll-out there i s  an input t o  the pitching 
moment of the vehicle, and an increment i n  negative f l ap  deflection Bf T 
U i s  necessary t o  overcome t h i s  pitching-moment input and t o  retrim the 
vehicle as shown by the  dashed curves. I n  t h i s  regard the longitudinal 1 
t r i m  l imi t  a t  which the  f laps  become streamwise and lose t h e i r  effective- 0 
ness i s  shown by the  cross-hatched boundary i n  t h i s  figure.  From con- 4 
sideration of cross-control e f fec ts  due t o  rudder deflection, roll-out 0 
should be l imited t o  small amounts, probably about 10' o r  1 5 O .  Also 
roll-out of t h i s  magnitude would require only about 2O additional nega- i~ 
t i v e  f l a p  deflection t o  retrim the vehicle a t  hypersonic speeds and 
would improve the longitudinal s t a b i l i t y  a t  subsonic speeds by about 
2-percent mean aerodynamic chord, 
CONCLUDING REMARKS , 
I n  conclusion, several aspects and problems of major importance t o  
the s t a b i l i t y  and control of winged reentry vehicles have been discussed 
along with possible solutions f o r  the problem areas. Although the magni- 
tudes of the problems for  specif ic  vehicles would undoubtedly be a l te red  
from those contained within t h i s  generalized discussion, the principles 
behind which these solutions were reached should be applicable. 
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